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Introductory Note 


In 1955 the International Astronautical Federation sponsored the publication 
of the “‘Astronautica Acta”. In the introductory statement to the first number 
it is said that the feasibility of flight through outer space was no longer a topic 
for academic debate. However, in the same statement it is also said that it 
was hardly unusual that space flight protagonists are occasionally frowned 
upon by members of the older scientific fraternities. 

Since those days the position of space flight from the scientific, technical 
and political points of view has greatly changed. Although by 1955 high altitude 
sounding rockets had reached a high state of development, especially in the 
U.S.A., it was the successful launching of the first earth satellite in October 1957 
by the U.S.S.R. that radically changed the attitude of even the most hardened 
sceptic. As this is being written, seven man-made satellites are circling the 
earth, two man-made planets are orbiting the sun, and Lunik III, which obtained 
the first photographs of the invisible part of the moon, is making an earth- 
moon orbit. 

There remains no longer the problem of making astronautics respectable. 
The most conservative scientists are now ready and even eager to participate 
in one of the greatest ventures that mankind can ever hope to undertake. The 
first concrete steps towards the conquest of space have captured the imagina- 
tion of those living in the most remote villages, official space committes are 
springing up in many countries, and the United Nations Organization has begun 
to study the means for facilitating international cooperation in the peaceful 
uses of outer space. 

The International Astronautical Federation can take just pridgggm its past 
pioneering efforts to further the development of space flight on aAfternational 
plane. In this new era the Federation, the editors and the publisher of the 
‘‘Astronautica Acta’’ hope to serve the rapidly growing community of scientists 
and engineers who are devoting themselves to one of the many aspects of 
astronautics with a journal which has a broad international character. Fur- 
thermore, it is planned to cooperate closely with the publishers of the several 
national journals. It is the intention of the editors of the Acta to supplement 
rather than compete with other journals in this field. 

Special attention will be given to articles of a type that will serve as valuable 
corner stones in the edifice of astronautical literature. It is also planned period- 
ically to publish survey articles in selected domains of the basic, engineering 
and life sciences bearing on astronautics. 

I, personally, wish to take this occasion to express the appreciation of the 
Federation and of the publisher to Professor F. HEcuT of Vienna and his editorial 
collaborators for their untiring efforts to establish a high standard for the Acta 
during the past five years. The new editorial group and I shall hope to maintain 
this standard in the future. 

Theodore yon Karman 


Astronaut. Acta, Vol. VI, Fasc. 1 1 








Atomraketen fiir Raumfahrt! 
Von 
EK. Singer? 
(Mit 1 Abbildung 


(Eingegangen am 10. Dezember 1959) 


Zusammenfassung Abstract Résumé 


Atomraketen fiir Raumfahrt. Unter den verschiedenen Arten von Kernreak- 
tionen, wie Kernfission, Kernfusion und Materiezerstrahlung, ist gegenwartig nur die 
erste in Atomraketen anwendbar. Unter den verschiedenen Arten von Fissions- 
raketen, wie konvektiven Fissionsraketen, elektrischen Fissionsraketen, Hei®Bwasser- 
Fissionsraketen und photonischen Fissionsraketen werden gegenwartig die beiden 
ersteren industriell entwickelt, doch verdienen die letzteren beiden Arten erhdhte 
Aufmerksamkeit, da sie zu hdheren Reiseleistungen fiihren 


Atomie Rockets for Astronauties. Among the various modes of nuclear reactions 
such as fission, fusion and conversion of matter to radiation only the first named are 
presently utilizable for atomic rockets. Among the various fission rockets, such as 
convective, electric, hot water and photonic version, only the first two are presently 
being industrially developed, but the other two deserve special attention since they 
are conducive to-higher travel performances. 


Fusées nucléaires pour Vastronautique. Parmi les divers types de réactions 
nucléaires telles que fission, fusion, rayonnement, seule la fission est actuellement 
applicable en propulsion nucléaire. Parmi les types de fission utilisables, fission 
convective, électrique, a eau bouillante, photonique, les deux premiers sont 
actuellement au stade du développement industriel. Les autres méritent cependant 
attention car ils conduisent a des poussées massiques plus élevées 


I. Problemstellung 


Die ersten russischen und amerikanischen Erfolge mit unbemannten Welt- 
raumraketen haben zu bedeutungsvollen wissenschaftlichen Ergebnissen gefiihrt, 
wie etwa dem Nachweis der biologischen Vertraglichkeit von Schwerefreiheit, 
der Entdeckung der VAN ALLENschen Strahlungsgiirtel, der Bilder der Mond- 
riickseite, zu Reichweiten von Interplanetarraketen iiber mehrere hundert 
Millionen Kilometer usw. Trotzdem sind dies nur allererste Anfangserfolge einer 
neuen Technik, deren weitere Auswirkungen eine vollig neue menschliche Kultur- 
epoche erwarten lassen, und deren weitere Schritte zunachst eine VergroBerung 
der Geraite zu bemannten Raumfahrzeugen und eine Ausdehnung ihrer Reich- 


1 Vorgetragen am 21. Januar 1960 gelegentlich einer Veranstaltung der Physi 
kalischen Gesellschaft in Ziirich. 

2 Forschungsinstitut fiir Physik der Strahlantriebe e.V., Stuttgart-Flughafen, 
Bundesrepublik Deutschland. 


SANGER: 


weiten iiber unser gesamtes Sonnensystem und spaterhin bis zu méglicherweise 
bewohnbaren Planeten anderer Sonnensysteme sind. Solche Reiseleistungen der 
Raumfahrzeuge hangen in erster Linie von der Leistungsfahigkeit der Raketen- 
triebwerke ab und diese wieder ist weitgehend bestimmt durch den technisch 
verfiigbaren Grad ¢ = E/E, von Umwandlung der an Bord des Fahrzeuges mit- 
gefiihrten Treibstoffmassen m) in Energie £, entsprechend der bekannten 
Ernsteinschen Formulierung mc? = E, der Aquivalenz von Ruhemasse und 
Energie. 

Aktiviert man, wie in allen heute iiblichen ,,adiabatischen’’ Raketen, den 
Bruchteil ¢ der latenten Energie myc” der Ruhemasse mp, entzieht ihn aber 
nicht dem System, sondern verwandelt ihn vollstandig in kinetische Energie 
relativ zum Fahrzeug der gesamten restlichen Ruhemasse mp)’ (1 E) Mo, 
so wird die erreichbare Ausstrémgeschwindigkeit w, im Verhaltnis zur Licht- 
geschwindigkeit c aus der Adiabatenbedingung Ey = myc? = my c? + € my, c? 
= konst. und dem bekannten Verhaltnis | 1 — w?/c® von restlicher Ruhemasse m,’ 
zu deren trager Masse mz, gleich 

w/c 1 — m,'?/m,” = /2¢ 9. (1) 
Mit wachsender Energieausbeute ¢ wachst daher die erreichbare Ausstrém- 
geschwindigkeit w des Raketenmotors nicht parabolisch — wie dies naherungs- 
weise in Abhangigkeit vom Gemischheizwert meist angenommen wird —, sondern 
in Form eines Kreisbogens {1}, (2), (3). Bei vollstandiger Massenzerstrahlung, 
das heiBt ¢ = 1, wird die Ausstrémgeschwindigkeit w naturgemaB gleich der 
Lichtgeschwindigkeit c. 

Fiihrt man diese Beziehung in die bekannte, im widerstands- und schwere- 
freien Raum giiltige relativistische Raketengrundgleichung zwischen der er- 
reichbaren Fluggeschwindigkeit v und dem Verhdaltnis der anfanglichen Treib- 
stoff-Ruhemasse m, zu der gesamten Anfangs-Ruhemasse M, des Fahrzeuges 
(s. [4]) 

(1 — m,/M,)** 
(1 — m,/M,)?*" 
ein, so wird: 
1 — (1 — m,/M,)?"2*-* 
1 + (1 — m,)/M,)?!2¢-¢ 
Im Bereich nichtrelativistischer Fluggeschwindigkeiten v kann man dafiir die 
bekannte klassische Naherung 


| 2¢ — e71n (1 — m,/M,) (4) 


verwenden. . 

Diese Grundgleichungen adiabatischer Raketensysteme sind in Abb. | zahlen- 
maBig aufgetragen. AuBerdem sind dort auch die Grundgleichungen_ ,,dia- 
batischer‘‘ Photonenraketensysteme aufgetragen, die nach folgenden Gesichts- 
punkten entstehen: 

Man iibertragt den aktivierten Energiebetrag ¢ m,c® nicht auf die restliche 
Ruhemasse my’ = (1 — €) mp, sondern strahlt ihn mit Lichtgeschwindigkeit c 
ab, und gibt gleichzeitig die tote Restmasse m,’ ohne Relativgeschwindigkeit 
zum Fahrzeug von Bord. Der Impuls ¢ myc der ausgestrahlten Masse ¢ mp ist 
derselbe, als ob man die Gesamtmasse m, mit einer fiktiven Geschwindigkeit w 
ausstrémen lieBe 

EMy C= My & bzw. wie = €. (5) 
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Fiihrt man diese Beziehung in die Gl. (2) ein, so folgt die Raketengrundgleichung 
der diabatischen Photonenrakete (bei der also Energie aus dem Treibstoff- 
system entnommen wird) zu 


1 — (1 — m,/M,)*° 


u/c = 6) 
aw€ 
1 + (1 — m,/M,) 
und ihre klassische Naherung 
vic eln (1 — m,/M,). (7) 


Siehe auch (1, 

Fiir ¢ = 1 ergeben die Gln. (3) und (6), bzw. (4) und (7) dieselben Werte der 
adiabatischen Photonenrakete, bei der alle Treibstoffmassen mit Lichtgeschwin- 
digkeit abgestrahlt werden: 

| (1 — m,/M,)* 
1+ (1 m,|M,)* 
bzw. 
ey ie /( 
v/c In (1 — m)/M,). (9) 

















\bb. 1. Zusammenhang zwischen Energieausbeute ¢, Treibstoffanteil am Startgewicht m,/M 
0 0 


und erreichbarer charakteristischer Reisegeschwindigkeit wv fiir adiabatische Raketen- 
systeme und diabatische Photonenraketensysteme 

7 Derzeitige einstufige chemische Rakete; 2 einstufige konvektive Fissionsrakete; 3 ein- 

stufige HeiSwasser-Fissionsrakete; 4 einstufige elektrische Fissionsrakete; 5 einstufige 


photonische Fissionsrakete;: 6 einstufige reine Fusionsrakete; 7 einstufige reine Photonen 


rakete 


Die erwahnte zahlenmaBige Auftragung der Gln. (3), (4), (6), (7), (8) und (9) 
wurde in Abb. 1 fiir eine Reihe konkreter Werte m,/M,, des Treibstoffanteiles 
an der Startmasse vorgenommen. Die Wertereihe von m)/M,) = 0,1 bis 
m,/M, = 0,9 bezieht sich auf einstufige Luft- und Raum-Fahrzeuge, die also 
in der Lage sind, auch die Atmospharen von Weltkérpern zu durchfliegen und 
von den Oberflachen dieser Kérper zu starten, bzw. auch auf diesen Oberflachen 








6 E. SANGER: 


wieder zu landen. Infolge der dabei auftretenden erheblichen mechanischen Be- 
anspruchungen der Fahrzeuge und infolge der aerodynamischen Formbedingungen 
(Fliigel, geringer Luftwiderstand, Fahrwerke, Schwimmwerke usw.) sinkt der 
Anteil von Baugewicht und Nutzlast kaum unter 10°, des Startgewichtes, das 
heiBt m,/M, steigt nicht iiber 0,9. Fiir einen wirtschaftlichen Weltraumverkehr 
wird man sogar erheblich héhere Anteile der Nutzlast am Startgewicht verlangen 
und kaum iiber m,)/M, = 0,5 gehen kénnen, das heiBt den Treibstoffanteil am 
Startgewicht auf héchstens 50°, beschranken. 

Gewisse theoretische Sonderbedeutung haben die eingetragenen Kurven fiir 


mMy|/M,y = (1 — 1/e) = 0,632, fiir die in den Gln. (4) und (7) des nichtrelativi- 
stischen Geschwindigkeitsbereiches In (1 — m)/M 5) = 1 wird, so daB fiir dieses 
Massenverhaltnis v = w, also die Fluggeschwindigkeit gleich der Ausstrém- 


geschwindigkeit des Raketenmotors wird. Man kann fiir diese Kurven daher die 
jeweils erreichbaren Ausstr6mgeschwindigkeiten w iiber der Energieausbeute ¢ 
direkt ablesen. Am oberen Ende der Kurven, im relativistischen Geschwin- 
digkeitsbereich v/c > 0,5 geht dieser einfache Zusammenhang natiirlich ver- 
loren. 

Die noch eingetragenen Kurven der Treibstoffanteile mp/M, = 0,99 und 0,999 
gelten zunachst nur fiir reine Raumfahrzeuge, die also nur zwischen den AuBen- 
stationen der Weltkérper verkehren kénnen und daher niemals den Bean- 
spruchungen durch Gravitationskrafte (Gewicht), Luftkrafte oder Landest6Be 
unterworfen sind und daher auBerordentlich leicht gebaut werden kénnen, be- 
sonders wenn die Treibstoffe selbst aus festen, sich selbst tragenden Stoffen be- 
stehen, so daB Tanks entfallen. Die in den genannten Zahlen enthaltenen auBer- 
ordentlich geringen Nutzlastanteile am Startgewicht lassen solche Massenver- 
haltnisse natiirlich von vornherein sehr unwirtschaftlich erscheinen. Dies gilt 
in noch erhdhtem MaBe fiir mehrstufige Fahrzeuge, bei denen derart hohe Treib- 
stoffanteile auf Kosten der Wirtschaftlichkeit sogar fiir kombinierte Luft-Raum- 
Fahrzeuge erzwungen werden kénnen, das heiBt fiir Fahrzeuge, die auch von den 
Oberflachen der Weltkérper starten und auf diese wieder niedergehen k6énnen. 
Beispielsweise erreicht ein n-stufiges Raumfahrzeug, in dem jede Stufe mit den- 
selben ¢ und m,/M, ausgestattet ist, nach den Gln. (4) bzw. (7) dieselbe Flug- 
geschwindigkeit v, wie eine entsprechende einstufige Rakete mit dem Treib- 
stoffanteil 

(m,/M,) = 1 — (1 — m,/M,)" 

Mit m,/M, = 0,9 wirkt daher ein zweistufiges Raketenfahrzeug wie ein ein- 
stufiges mit (m,)/M,) = 0,99; ein dreistufiges wie ein einstufiges mit (77)/M,) = 0,999 
usw. 

Von den Energieverlusten durch Schwere oder Luftwiderstand ist bei allen 
diesen Ubersichtsbetrachtungen voraussetzungsgemaB abgesehen. 

Als Abszissen unseres Ubersichtsbildes Abb. 1 sind die Energieausbeuten ¢ 
der energieliefernden Reaktionen von 10~!! bis 10° aufgetragen. Der vollstan- 
digen Massenzerstrahlung, « = 1, entspricht eine freigesetzte Energie von 
2,15- 1018 kcal/kg. 

Auf der Abszissenskala interessieren zunachst die Bereiche der chemischen 
Verbrennungsreaktionen und der Kernreaktionen. 

Der Bereich der chemischen Reaktionen ist fiir die bei chemischen Raketen 
interessierenden Treibstoffe vom Schwarzpulver (700 kcal/kg, ¢ = 3,26- 1071! 
bis zum atomaren Wasserstoff (51 400 kcal/kg, ¢ = 2,4- 10~*) besonders hervor- 
gehoben. Dieser Bereich umfaBt also alle chemischen Fest- und Fliissigtreibstoffe, 
sowohl klassischer wie exotischer Natur, und alle chemischen Radikaltreib- 
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stoffe (5), deren Entwicklung bekanntlich noch gewisse Aufmerksamkeit ge- 
widmet wird. Der Schwerpunkt praktischer Anwendung dieses Bereiches chemi- 
scher Reaktionen liegt gegenwartig etwa in der Gegend der Oktan-Sauerstoff- 
Reaktion (2600 kcal/kg, ¢ = 1,21 - 10~1°). Man liest fiir sie auf der w/c | 2¢ — &? 
Kurve eine theoretische Ausstrémgeschwindigkeit von « 4650 m/sec ab, 
der eine praktisch wegen der Verluste durch thermische Dissoziation, unvoll- 
standige Druckentspannung usw. erreichbare AusstrO6mgeschwindigkeit von 
etwa 3000 m/sec gegeniibersteht {5}. 


Auch der Bereich der Kernreaktionen ist auf der Abszissenskala besonders 


hervorgehoben von der Urankernspaltung (1,57 - 101° kcal/kg, « 7,3 10-4) 
bis zur Heliumfusion aus Wasserstoff (1,62-10!! kcal/kg, « 7,5° 1078) 


Wahrend jedoch die chemischen Reaktionen fiir die technische Anwendung von 
der stetigen Verbrennung iiber die Explosion bis zur Detonation weitgehend er- 
schlossen sind, trifft dies fiir Kernreaktionen noch nicht im selben MaBe zu. 
Die Spaltprozesse des Uran 235, Plutonium 239, Neptunium 237 usw. sind als 
stetige Reaktion sowohl in festem, fliissigem, als auch gasférmigem Treibstoff 
grundsatzlich verfiigbar, ebenso wie als explosive Reaktion in der Spaltbombe. 
Die Kernaufbaureaktionen dagegen sind bisher nur als explosive Reaktion in 
der Wasserstoffbombe technisch verfiigbar, wahrend die auBerordentlichen Be- 
miihungen um eine technisch anwendbare stetige Kernfusionsreaktion bisher noch 
zu keinem Erfolg gefiihrt haben. Doch darf die Lésung dieses letzteren Problems 
in absehbarer Zeit erwartet werden. 

SchlieBlich ist auf der Abszissenachse noch der dritte Bereich der Materie- 
zerstrahlung mit e~ 1 hervorgehoben. Dieser Bereich ist technisch noch nicht 
erschlossen. Die Zerstrahlungsreaktion ist zwar im physikalischen Experiment 
an einzelnen Materiepartikelchen (z. B. Elektronen und Positronen, Protonen 
und Antiprotonen, Mesonen und Antimesonen) festgestellt worden, jedoch noch 
nicht an wagbaren Materiemengen und die vermutete Existenzméglichkeit von 
Antimaterie bildet gegenwartig eines der schicksalstrachtigsten Probleme der 
theoretischen Physik. 

Neben diesen Erérterungen der Abszissen unseres Ubersichtsbildes Abb. 1 
verdienen auch dessen Ordinaten besondere Aufmerksamkeit. Sie enthalten in 
erster Linie die nach den Gln. (3), (4), (6), (7), (8) und (9) in Abhangigkeit von 
der Energieausbeute ¢ und dem Treibstoffanteil m)/M, erreichbaren Flugge- 
schwindigkeiten v relativ zum Startort, und zwar einmal unmittelbar in m/sec 
und einmal das Verhaltnis der Fluggeschwindigkeit zu Lichtgeschwindigkeit, 
also die sogenannte EINSTEIN-Zahl v/c der Raumfahrt. Nebenher sind auch die 
erreichbaren AusstrO6mgeschwindigkeiten w in Abhangigkeit von der Energie- 
ausbeute e¢ als Ordinaten aufgetragen. 

Die trockenen Zahlenskalen der erreichbaren Fluggeschwindigkeiten wv ge- 
winnen betrachtlich an Anschaulichkeit durch die am rechten Bildrand ver- 
merkten Reiseaufgaben, die mit einem bestimmten v erfiillbar sind. Diese fiir 
jede Raumfahrt charakteristischen Fluggeschwindigkeiten sind nicht etwa die 
héchsten, wahrend der Reise erreichten Fluggeschwindigkeiten, sondern definieren 
lediglich die zur Ausfiihrung des betreffenden Reiseauftrages erforderliche 
Kombination von ¢ und m)/Mb, einschlieBlich der erforderlichen Treibstoffmassen 
zur Uberwindung von Schwerefeldern und Luftwiderstaénden, zum Abbremsen 
des Fahrzeuges beispielsweise fiir eine Landung auf dem Mond, fiir Bahn- 
korrekturen usw. [6). 

Als Beispiel eines solchen Geschwindigkeitsbudgets nach A. C. CLARKE sel 
eine Reise von der Erdoberflache zur Marsoberflache betrachtet, deren einzelne 
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Reisephasen sich aus folgenden durch Raketenantrieb aufzubringenden Ge- 
schwindigkeitsanderungen zusammensetzen: 
Werancen mer Bae. oo A HS Bice 4 Oe ee Soe 
Einlenken in die Reiseellipse um die Sonne... .. 2,9 km 
Einlenken von der Reiseellipse in die Marsbahn .. . 2,7 km/s 
Landen auf dem Mars mit Raketenkraft ....... 5,0 km 
Summe ..... . « BLS kanis 


Fiir weitere Antriebsbediirfnisse zum Uberwinden von Luftwiderstanden, zum 
Aufbringen der Schwebeleistung in den Gravitationsfeldern von Erde und Mars, 
fiir Bahnkorrekturen usw. setzt der genannte Autor weiter 3,2 km/sec an, so daB 
schlieBlich die charakteristische Geschwindigkeit einer derartigen langsamen, 
ndamlich etwa 260 Tage dauernden Reise von der Erdoberflache zur Marsober- 
flache sich zu rund 25 km/sec ergibt. Erheblich verschieden wird das Bild, wenn 
man eine schnelle Reise zum Mars etwa so annimmt, daB die geringste Entfernung 
zwischen Erde und Mars von etwa 80 Millionen km gradlinig mit gleichformiger 
Beschleunigung von 10 m/sec? bis zur Halfte des Weges und gleichférmiger, 
ebensogroBer Verzégerung auf der zweiten HAalfte zuriickgelegt wird. Die ganze 
Reisedauer ist dann nur etwa 50 Stunden, die charakteristische Geschwindigkeit 
jedoch 1800 km/sec und die tatsachlich auftretende Hoéchstgeschwindigkeit etwa 
die Halfte dieser Zahl. 

Fiir Reisen zu den auBeren Planeten kommen langsame Fahrten auf den 
Tragheitsbahnen wegen der teilweise auBerordentlich langen Reisedauern weniger 
in Frage. Beispielsweise wiirde die Reise Erde—Pluto auf diese Weise etwa 
122 Jahre dauern. Die entsprechende schnelle Reise mit konstanter Beschleu- 
nigung in der vorbeschriebenen Weise und auf gerader Linie wiirde dagegen 
etwa 18 Tage dauern, allerdings bei einer charakteristischen Geschwindigkeit von 
15 200 km/sec. 

Nach diesen Gesichtspunkten sind am rechten Ordinatenrand der Abb. | 
die charakteristischen Fluggeschwindigkeiten fiir 21 verschiedene Raumfahrten 
als Beispiele eingetragen, unterteilt nach irdischer Raumfahrt, langsamer inter- 
planetarer Raumfahrt, schneller interplanetarer Raumfahrt und interstellarer 
Raumfahrt. Bei den schnellen Raumfahrten sind auBerdem die Reisezeiten 
vermerkt. 

Nach diesen allgemeinen Vorbemerkungen kann nun an die Auswertung 
unseres Ubersichtsbildes Abb. 1 gegangen werden. 


II. Chemisehe Verbrennung 


Alle bisherigen Leistungen der Raumfahrt sind mit chemischen Raketen 
erzielt worden, welche die seit Bestehen des Homo sapiens benutzte chemische 
Verbrennung verwenden und Umwandlungsgrade von Materie in Energie von nur 
etwa ein Zehnmilliardstel des theoretisch Méglichen aufweisen. Die bisher mit 
wirklich technisch verwendbaren Treibstoffen tatsachlich erzielten héchsten 
Ausstrémgeschwindigkeiten liegen etwa zwischen 3000 und 4000 m/sec, ent- 
sprechend praktisch nutzbar werdenden Energieausbeuten von ¢ = 5: 1071! 
bis € = 9-10-!. Mit wirtschaftlichen Treibstoffanteilen am Startgewicht von 
etwa m,/M, = 0,5 ist damit keine einzige der aufgefiihrten Raumfahrten aus- 
fiihrbar. Mit den Grenzwerten des Treibstoffanteiles einstufiger Luft-Raum- 
Fahrzeuge von m,/M, = 0,9 sind Erdantipodenfliige und Erdsatelliten méglich. 

Mit den Treibstoffanteilen reiner Raumfahrzeuge und mehrstufiger Luft- 
Raum-Fahrzeuge bis m,)/M, = 0,999 sind langsame interplanetare Raumfahrten 
bis zur Marslandung oder zu Jupitermonden méglich. Unter Ausniitzung der 
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bremsenden Wirkung der Atmospharen zum Verzégern und zur Landung bzw. 
unter Verwendung von AuBenstationen der Erde und der Zielplaneten sind sogar 
Riickkehrbahnen Erde—Mars—Erde und Erde— Venus—Erde noch im Bereich 
chemischer Raketen, wie W. von BRAUN nachgewiesen hat 

Dementsprechend werden auch die uns zunachst bevorstehenden bemannten 
Raumfahrzeuge zu Satellitenbahnen, zum Mond und zu unseren nachsten Nach- 
barplaneten sich wenigstens anfanglich dieser chemischen Raketen bedienen. 
Um solche Unternehmen wirtschaftlicher zu gestalten, das heiBt, um den Treib- 
stoffmassenanteil am Startgewicht eines derartigen Raumfahrzeuges herab- 
zusetzen und den Nutzlastanteil entsprechend zu erhéhen, sind Raketentrieb- 
werke mit héheren Umwandlungsgraden ¢ von Masse in Energie dringend ge- 
worden. Die Erweiterung der chemischen Treibstoffe auf freie Radikale bietet 
dafiir gegenwiartig nur geringe Aussichten. 


Ili. Kernspaltreaktion (Kernfission) 


Indessen stehen seit iiber einem Jahrzehnt die Kernspaltreaktionen mit 
Knergieausbeuten von rund ein Tausendstel des theoretisch Méglichen tech- 
nisch zur Verfiigung, und zwar sowohl als stetige wie auch als explosive Re- 
aktion. Ihre Anwendung in Raketentriebwerken steht in nachster Zeit bevor. 

Wie Abb. 1 zeigt, wiirde die Anwendung der reinen Spaltreaktionen in 


adiabatischen Raketen bei einer Energieausbeute von ¢ = 7,3: 10-4 schon mit 
den wirtschaftlichen Treibstoffanteilen von m,/M, = 0,5 zu charakteristischen 
Fluggeschwindigkeiten von etwa v/c = 2,8- 10-2 bzw. v = 8: 108 m/sec fiihren, 


die den Gesamtbereich der irdischen und langsamen interplanetaren Raumfahrt 
miihelos iiberdecken, den der schnellen interplanetaren Raumfahrt bis zum 
Saturn, und bei maBigeren Dauerbeschleunigungen bzw. bei Anwendung teil- 
weiser Tragheitsbahnen sogar den Gesamtbereich bis Pluto. Die interstellare 
Raumfahrt ware allerdings auch diesen adiabatischen veinen Fisstonsraketen noch 
verschlossen. Die adiabatische Kernspaltreaktion fiihrt theoretisch zu Tem- 
peraturen der GréBenordnung 10! Grad, wie eine einfache Uberschlagsrechnung 
zelgt: 

Ein 7%U,,-Atom zerfallt bei der Reaktion in 92 Elektronen, 3 Neutronen, 
| Kern vom Atomgewicht 94 und 1 Kern vom Atomgewicht 139. Das Molekular- 


gewicht dieses Gemisches betragt etwa M = 2,42; ist also wegen der zahlreichen 
Elektronen fast so niedrig wie das von Wasserstoff. Die spezifische Warme 
bei konstantem Volumen und pro Gewichtseinheit wird daher c 3 R/2M 
1,24 kcal/kg Grad und bei einer Reaktionswarme von 1,74: 10! kcal/kg daher 
die Explosionstemperatur 7 = 1,74- 1019/1,24 = 1,40- 101° Grad. 
Die spezifische Warme bei -konstantem Druck ist « 5R/2M 


2,07 kcal/kg Grad und daher die stetige Verbrennungstemperatur 7 

1,74- 1019/2. 07 = 0,84- 1019 Grad. 

Da es sich hier um ein schweres Plasma mit ausgezeichneten Strahlungs 
eigenschaften handelt |7)|, wird diese Temperatur in den meisten praktischen 
Fallen, wo die optische Schichtdicke endlich groB bleibt, nicht erreicht werden, 
sondern der gréBte Teil der Reaktionswarme wird schon bei Temperaturen von 
einigen Millionen Grad in Form von elektromagnetischer Strahlung das Plasma 
verlassen. Nur bei sehr raschen, explosionsartigen Reaktionen, etwa vom 
Charakter der Atombombenexplosionen, kénnen die verfiigbaren Ausstrahlungs- 
zeiten so kurz gegeniiber den Zeiten der Energieentbindung werden, daB eine 
ganz kurzzeitige Annadherung an die theoretische Reaktionstemperatur mdéglich 
erscheint, worauf auch die Tatsache hindeutet, daB es mit solchen Explosionen 
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mdéglich ist, eine Kernfusionsreaktion in Gang zu bringen. Aber auch, wenn sich 
die Explosionsschwaden der Kernspaltung nach der Reaktion noch endliche Zeit 
im Ofen eines Raketenmotors aufhalten, werden sie, ebenso wie bei der stetigen 
Spaltreaktion, den gréBeren Teil ihres Energieeinhaltes abstrahlen. Das heiBt, 
es tritt mehr oder weniger automatisch der friiher beschriebene ProzeB einer 
diabatischen Photonenrakete ein, der hier zur photonischen Fissionsrakete fiihrt, 
und bei der die freigesetzte Fissionsenergie das Treibstoffsystem in Form von 
Photonen verlaBt und die materiellen Treibstoffpartikel, in diesem Fall das 
Fissionsplasma, mit vernachlassigbarer Geschwindigkeit von Bord gegeben 
werden. Dabei steigt zwar die Ausstromgeschwindigkeit bis an ihre physikalische 
Grenze, namlich bis an die Lichtgeschwindigkeit, doch wird nur ein Teil der um- 
gesetzten Treibmassen beschleunigt, so daB letzten Endes die Reiseleistungen 
trotzdem gegeniiber den reinen Fissionsraketen absinken, allerdings bei weitem 
nicht in dem MaB, wie bei der Zumischung inerter Treibmassen [1], [2|. Wegen 
dieses besonderen Effektes diabatischer Photonenraketen hat dieses System ge- 
wisses Interesse gefunden, das allerdings erst lebhafter wurde, als man erkannte, 
wie sehr ein Photonenabgasstrahl wegen seiner hohen Energiekonzentration und 
seiner Durchschlagskraft durch die Atmosphare auch eine Abwehrwaffe gegen 
Luft- und Raum-Waffen werden kann, die als bodenfester, scheinwerferartiger 
Waffenstrahl fliegende Objekte im Bruchteil einer Sekunde und auf Entfernungen 
von Hunderten von Kilometern zu zerstauben vermag {7). Vc 

Der Vorgang der photonischen Fissionsrakete ist in Abb. | durch eine starke 
vertikale Linie auf der Abszisse ¢ = 7,3- 10-4 angedeutet. Wenn man die kine- 
tische Energie des Plasmas vollig vernachlassigt, sinkt die charakteristische 
Fluggeschwindigkeit fiir unser behandeltes Beispiel m,)/M, = 0,5 auf v/c = 5,3 -10~4 
bzw. v = 1,6- 10° m/sec und iiberdeckt dann nur mehr die irdische und langsame 
interplanetare Raumfahrt und eine schnelle Erd-Mond-Fahrt. Dabei ist aller- 
dings vorausgesetzt, daB es gelingt, die auBerordentliche Intensitat photonischer 
Abstrahlung vom Ubergang an die Ofenwande zu bewahren, und sie, etwa mit 
Hilfe von Elektronengasspiegeln [8 |, in die gewiinschte Strahlrichtung zu lenken. 

Da dieses Problem offenbar erst am Anfang seiner technischen Lésung steht, 
hat man versucht, andere Ausweichmdéglichkeiten fiir die adiabatische reine 
Fissionsrakete zu finden. 

Eine sehr intensiv verfolgte erste technische Loésung besteht darin, die in 
einem leichten Uranmeiler erzeugte Warme mittels eines Warmeaustauschers 
in einem mehr oder weniger iiblichen Raketenofen auf fliissigen Wasserstoff zu 
iibertragen und das entstehende Wasserstoffgas mit etwa dreifacher Geschwin- 
digkeit gegeniiber chemischen Raketen ausstrémen zu lassen. Ein grundsatzlicher 
Nachteil dieses Verfahrens besteht darin, daB die Treibstoffmassen jedenfalls 
nur eine niedrigere Temperatur erreichen kénnen, als die Bauteile des Uran- 
meilers und des Warmeaustauschers, also wesentlich kiihler bleiben miissen als 
die Feuergase einer chemischen Rakete. Nur infolge des wesentlich niedrigeren 
Molekulargewichtes des als TreibstrahImasse beniitzten Wasserstoffes sind héhere 
Ausstrémgeschwindigkeiten als bei chemischen Raketen zu erreichen, die aber 
aus den genannten Griinden auf héchstens 12 000 m/sec beschrankt bleiben. 

Es handelt sich dabei in gewissem Sinne wieder um ein adiabatisches Raketen- 
system, zu dem man gelangt, wenn man von den ¢ = 7,3: 10~4-Punkten der 
reinen Fissionsraketen langs der Adiabatenlinien fiir m)/M,) = konst. bis zu 
etwa ¢ = 8-107! heruntergeht. Infolge des hohen Meilergewichtes und seiner 
Strahlungsschilder bleiben die méglichen Treibstoffanteile m)/M, ebenfalls 
niedriger, als bei chemischen Raketen, so daB dieses oft als konvektive Fissions- 
rakete bezeichnete System nur bei sehr groBen Geraten, mit Schiiben von wenig- 
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stens mehreren tausend Tonnen als einstufiges Gerat den Bereich langsamer 
interplanetarer Raumfahrt zum Mond und den Nachbarplaneten der Erde 
iiberdeckt. 

Immerhin bedeutet das damit mégliche Verlassen der duBerst kostspieligen 
Mehrstufigkeit der chemischen Raketen fiir diesen Bereich einen so erheblichen 
wirtschaftlichen Fortschritt, daB man diesem System gegenwartig sehr groBe 
Aufmerksamkeit zuwendet, umsomehr, als es eine Verseuchung der Atmosphare 
mit radioaktiven Stoffen dadurch weitgehend vermeidet, daB die eigentlichen 
Reaktionsstoffe nicht direkt mit den ausstr6menden Strahlmassen in Beriihrung 
kommen. Man hofft, derartige konvektive Fissionsraketen in der ersten Halfte 
dieses Jahrzehnts zur praktischen Anwendung bringen zu kénnen. 

Eine dritte Ausweichméglichkeit der reinen Fissionsrakete bildet die Hez/- 
wasser-Fissionsrakete, bei der der verhangnisvolle Warmeiibergang vom reinen 
Fissionsplasma an die festen Ofenwande nicht durch Elektronengasspiegel, 
sondern durch eine OBERTHsche Schleierkiihlung der Wande, bevorzugt mittels 
Wasserschleier langs der Ofen- und Diisenwande, abgefangen wird und das ent- 
sprechend aufgeheizte Wasserplasma, schlieBlich teilweise vermischt mit dem 
Fissionsplasma, aus Ofen und Diise mit Durchschnittsgeschwindigkeiten bis zu 
30 000 m/sec ausstr6mt, entsprechend einer gemittelten Temperatur von etwa 
60 000° K und einem gemittelten Molekulargewicht von M 2,6. 

Da man hier ahnliche Treibstoffanteile wie bei chemischen Raketen erwarten 
darf, erkennt man, in Abb. 1 von der Energieausbeute der reinen Fissionsrakete, 
e = 7,3-10-4, langs der m,/M, = konst.-Linien der adiabatischen Raketen- 
systeme zur Energieausbeute ¢ = 5- 10~° der HeiBwasser-Fissionsrakete herunter- 
gehend, daB letztere einstufig den gesamten Bereich irdischer Raumfahrt und 
langsamer interplanetarer Raumfahrt iiberdeckt, also der konvektiven Fissions- 
rakete wesentlich iiberlegen ist. Dies gilt auch in wirtschaftlicher Hinsicht in- 
folge ihres billigen und wahrscheinlich auf vielen Weltkérpern fertig vorhandenen 
Treibstoffes, des Wassers. Ein weiterer Vorteil gegeniiber der konvektiven 
Fissionsrakete ist der Umstand, daB der Abgasstrahl der HeiBwasser-Fissions- 
rakete in sauerstoffhaltigen Atmospharen nicht brennbar ist, ein Nachteil da- 
gegen besteht in der Forderung, daB das Fissionsplasma vollig frei von gesund- 
heitsschadlichen Bestandteilen sein muB, um Verseuchung der Atmospharen zu 
verhindern, wenn auch innerhalb derselben geflogen werden soll. Die im Raketen- 
ofen ablaufende Fissionsreaktion kann bei HeiBwasser-Fissionsraketen sowohl 
kontinuierlicher, als auch periodischer Natur sein. In letzterer Hinsicht geht eine 
besonders interessante Entwicklungsrichtung dahin, in sehr groBben Raketendfen 
Wasser mittels Fissionsenergie dadurch aufzuheizen, daB kleinstmégliche Atom- 
bomben in rascher Folge hintereinander im Ofen zur Explosion gebracht werden, 
deren thermische Energie auf das entstehende, stark dissoziierte und ionisierte 
Wasserplasma zu iibertragen und dieses in der schon erwahnten Weise mit bis 
zu zehnfacher Geschwindigkeit gegeniiber chemischen Raketen ausstr6men zu 
lassen (9). 

Da man wirtschaftliche Raumfahrzeuge vom Gewicht groBter Ozeanschifte 
vollig ernsthaft in Erwagung zieht, fiir die also Triebwerksschiibe bis zu hundert- 
tausend Tonnen erforderlich sind, ist diese technische Entwicklungsrichtung der 
periodischen Heifwasser-Fissionsrakete weit weniger abenteuerlich, als sie auf 
den ersten Blick erscheint. Sie verspricht Transportkosten von der GréBen- 
ordnung zehntausend Dollar je Nutzlasttonne im Verkehr zwischen Erde, Mond, 
Mars und Venus. Die Reiseleistung solcher Raumfahrzeuge kann wie gesagt 
einstufig das gesamte Sonnensystem von mehr als zehn Milliarden Kilometer 
Durchmesser iiberdecken, allerdings mit Reisezeiten bis zu vielen Jahrzehnten. 
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Sofern es gelingt, die Kernspaltprozesse geniigend sauber, das heiBbt frei von ge- 
sundheitsschadlichen Reaktionsprodukten zu halten, kénnen diese bisher be- 
handelten thermischen und photonischen Atomraketensysteme auf Grund ihrer 
hohen Schiibe zu Raumfahrzeugen fiihren, die unmittelbar von der Erdoberflache 
zur Oberflache des Zielweltkérpers gelangen. 

Dies trifft nicht mehr zu fiir eine vierte Ausweichméglichkeit der reinen 
issionsrakete, das sind die elektrischen Atomraketensysteme, die ebenfalls noch 
auf der Kernspaltreaktion beruhen. Um die bei thermischen und photonischen 
Fissionsraketensystemen mit den hohen Gas- und Plasma-Temperaturen zu- 
sammenhingenden und erwahnten Begrenzungen der erreichbaren Ausstr6m- 
geschwindigkeiten zu umgehen, arbeitet man an der Entwicklung von Raketen- 
systemen, bei denen die Beschleunigung der Massen des Antriebsstrahles nicht 
mehr auf thermischem Wege, sondern unter Ausniitzung der elektrischen La- 
dungen und der hohen elektrischen Leitfahigkeit der stark ionisierten Gase und 
Plasmen erreicht wird. 

In den elektrostatischen Ionenraketen geschieht dies beispielsweise durch 
elektrische Felder wie in einer Elektronenréhre, in den _ elektromagnetischen 
Plasmaraketen durch magnetische Felder nach dem gleichen Prinzip, nach dem 
der Anker eines Elektromotors angetrieben wird. 

Dabei ergeben sich bis zu hundertfach héhere Ausstrémgeschwindigkeiten 
als in chemischen Raketen, mit entsprechend geringerem Treibmassenverbrauch. 
Nach Abb. 1 liegt die nutzbare Energieausbeute etwa zwischen ¢ == 6- 107% 
und 5,4: 10~* und die einstufig erreichbaren charakteristischen Fluggeschwindig- 
keiten miiBten auch unter Beriicksichtigung der hier besonders hohen Trieb- 
werksgewichte und daher beschrankten Treibstoffanteile m)/M, (etwa bis 0,5) 
an die Werte photonischer Fissionsraketen herankommen und damit jedenfalls 
den Gesamtbereich langsamer interplanetarer Raumfahrt und gewisse Bereiche 
der schnellen interplanetaren Raumfahrt iiberdecken. Indessen ist die Um- 
wandlung der Treibstoffmassen statt in thermische Energie nun in elektrische 
Energie weit umstandlicher und mit wesentlich hdherem apparativem Gewichts- 
aufwand verbunden und mit nur wesentlich kleineren Leistungen méglich, so 
daB die elektrischen Atomraketen nur sehr kleine Schiibe von Bruchteilen einer 
Tonne erwarten lassen. Dementsprechend kénnen mit ihnen angetriebene Raum- 
fahrzeuge nur im freien Weltraum zwischen AuBenstationen der Weltk6rper ver- 
kehren, also nicht von deren Oberflachen aufsteigen und auf diese niedergehen, 
womit ihnen auch der Gesamtbereich der irdischen Raumfahrt verschlossen ist. 
Wegen der geringen Triebwerksschiibe ergeben sich auBerdem sehr lange Reise- 
zeiten schon zwischen den der Erde benachbarten Weltkérpern, und nicht trag- 
bare Reisezeiten zu den auBeren Planeten des Sonnensystems, die an sich auf 
Grund der erreichbaren charakteristischen Fluggeschwindigkeiten noch gut er- 
reichbar waren, so daB ihre in dieser Hinsicht bestehende Uberlegenheit gegen- 
iiber thermischen Atomraketen nicht ausniitzbar ist und damit insgesamt den 
elektrischen Atomraketen gegeniiber thermischen und photonischen Atom- 
raketen nur beschrankte. Bedeutung beigemessen wird. 

Den Gesamtkomplex der Kernspaltraketen iiberschauend, insbesondere die 
Systeme 
reine Fissionsraketen, 
photonische Fissionsraketen, 
konvektive Fissionsraketen, 

Hei fwasser-Fissionsraketen, 
elektrostatische Ionenraketen, 
elektromagnetische Plasmaraketen, 
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gewinnt man somit den Eindruck, daB zur Zeit anscheinend das zweite und vierte 
System, photonische Fissionsraketen und HeiBwasser-Fissionsraketen besondere 
Aufmerksamkeit verdienen, letztere vielleicht speziell fiir wirtschaftliche Grob- 
Raumfahrzeuge des interplanetaren Verkehrs in Form der periodischen Heib- 
wasser-Fissionsrakete. 


IV. Kernaufbaureaktion (Kernfusion) 


Kernreaktionen mit etwa zehnfach héherer Energieausbeute als die Kern- 
spaltreaktionen, das heiBt mit Umwandlungsgraden von Masse in Energie von 
fast einem Hundertstel des theoretisch Méglichen, stehen uns seit bald einem 
Jahrzehnt durch die in der Wasserstoffbombe verwendeten Kernaufbaureaktionen 
technisch zur Verfiigung, allerdings nur als Explosion und noch nicht als kon- 
tinuierlicher ProzeB. An der technischen Realisierung der kontinuierlichen 
Fusionsreaktion wird gegenwartig in der ganzen Welt mit duBerster Energie 
gearbeitet und auch die Raketentechniker erwarten ihr Verfiigbarwerden mit 
Ungeduld {10}. 

Wie Abb. 1 zeigt, wiirde namlich die Anwendung der reinen Kernaufbau- 
reaktion in adiabatischen Raketen, das heiBt in der reinen Fusionsrakete und das 
unmittelbare Ausstr6men des Fusionsplasmas bei einer Energieausbeute von 
€ = 7,5- 10-3 und einer zehntausendfach héheren Ausstrémgeschwindigkeit gegen- 
iiber chemischen Raketen, namlich von w 3,7: 10% m/sec bzw. w/c = 0,122 
schon mit den wirtschaftlichen Treibstoffanteilen m,/M, = 0,5 zu charakteristi 
schen Fluggeschwindigkeiten von etwa v/c = 8,3° 10~? bzw. v = 2,5- 10% m/sec 
fiihren, die den Gesamtbereich der irdischen Raumfahrt, der langsamen inter- 
planetaren Raumfahrt und der schnellen interplanetaren Raumfahrt miihelos 
iiberdecken. Mit etwas hdéheren Treibstoffanteilen wiirden reine Fusionsraketen 
den Beginn interstellarer Raumfahrt bis an die Grenzen relativistischer Flug- 
geschwindigkeiten, das heiBt mit sehr langen Reisezeiten eben noch erlauben. 
Damit wiirden erstmals Reichweiten bis zu den nachsten Sonnensystemen még- 
lich erscheinen. Dieses System wird daher in Zukunft allerhéchste Bedeutung 
haben. 

Trotz der Fusionsplasma-Temperaturen um 101° Grad (10, also in ahnlicher 
Hohe wie beim reinen Fissionsplasma, glaubt man hier, mit Ofen- und Austrém- 
diisenwanden aus magnetischen Feldern an Stelle der jetzt iiblichen festen Wande 
mégliche Konstruktionsformen fiir derartige reine Fissionsraketen finden zu 
kénnen, Tatsadchlich sind die technischen Verhaltnisse hier auch insofern von 
jenen der reinen Fissionsrakete verschieden, als es sich um ein leichtes Plasma der 
genannten Temperaturen handelt, bei dem die Rekombinationsstrahlung prak- 
tisch schon vollstandig verschwunden ist, und die Bremsstrahlung noch nicht 
zu bedrohlicher Héhe angewachsen ist [7], [10), also wenig thermische Photonen- 
strahlung erwartet werden darf. 

Wenn es also gelingt, auch die Neutronenstrahlung in beherrschbaren Grenzen 
zu halten, bleibt im wesentlichen noch das den meisten Kernaufbaureaktionen 
eigentiimliche Reaktionsleuchten infolge der bei der Reaktion selbst erzeugten 
y-Photonen, das die reine Fusionsrakete in die Richtung der photonischen 
Fustonsraketen zu drangen geneigt ist, die in Abb. 1 auf der Abszisse ¢e = 7,5 + 10~3 
durch eine starke vertikale Linie angedeutet wurde. 

Wegen der hier schon recht hohen Energieausbeute ¢ haben sich die Linien 
gleicher Treibmassenanteile m)/M, der adiabatischen Raketensysteme und der 
diabatischen Photonenraketensysteme schon betrachtlich genahert und der 
spezifische Effekt diabatischer Photonenraketensysteme, wesentlich héhere 
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Fluggeschwindigkeiten als alle anderen Ausweichlésungen zu den reinen Kern- 
raketen zu ergeben, wird hier schon besonders deutlich. 

Denn die andere Moglichkeit, das reine Fusionsplasma in der Heifwasser- 
Fusionsrakete wieder mit Wasserplasma zu mischen und dadurch die thermischen 
Beanspruchungen des Raketenmotors abzufangen, wiirde naturgemaB wieder zu 
ungefahr denselben Ausstrémgeschwindigkeiten und damit charakteristischen 
Fluggeschwindigkeiten fiihren, wie die HeiBwasser-Fissionsrakete sie hat, so daB 
der Unterschied zwischen dieser (w/c = 10-4) und der photonischen Fusions- 
rakete (w/c = 5+ 10~%) hier schon recht merkbar wird. Aus diesem Grunde wurde 
oben daran gedacht, das Fusionsplasma zum Aufheizen eines Leuchtplasmas 
aus schweren Elementen zu benutzen, also die photonische Plasmastrahlung 
sogar noch wesentlich zu erhéhen, und den Strahlungsdruck allein zum Antrieb 
zu verwenden. 

Natiirlich kénnen auch alle Fusionsraketensysteme grundsatzlich sowohl 
kontinuierlich als auch periodisch arbeiten, doch wird ihr heute noch stark 
hypothetischer Charakter besonders deutlich, wenn man bedenkt, da konti- 
nuierliche Fusionsreaktionen heute technisch tiberhaupt noch nicht verfiigbar 
sind, und daB periodische Fusionsreaktionen, etwa unter Verwendung von 
Wasserstoffbomben, erst dann in den Gr6éBenbereich von Raketenmotoren ge- 


langen kénnten, wenn ihre Ziindung auf andere Weise als durch Kernspaltung Ve 
gelange, und dadurch sehr kleine Bomben moglich wiirden, die sowohl Bau wie ¢ 


Betrieb der periodischen Heifwasser-Fusionsraketen stark erleichtern kénnten. 
Der Ersatz der Fissionsbomben durch Fusionsbomben in den periodischen HeiB- 
wasserraketen wiirde schlieBlich auch deren Wirtschaftlichkeit noch ganz ent- 
scheidend férdern und wahrscheinlich auch das Sauberhalten der Abgase er- 
leichtern, ohne daB sich, wie gesagt, an der Ausstr6mgeschwindigkeit und damit 
an der Reiseleistung wesentliches andern diirfte. 














Zusammenfassend hat man von der Gruppe der Fusionsraketen den Eindruck, 
daB noch eine langere Periode physikalischer Grundlagenforschung den eigent- 
lichen technischen Forschungs- und Entwicklungsarbeiten vorausgehen wird. 











V 
Noch viel starker gilt dies natiirlich fiir eine nochmals mit etwa hundert- 
fach hdherer Energieausbeute ausgestattete Reaktion, namlich die Materie- 
zerstrahlung mit vollstandiger Umwandlung von Materie in Energie. Das Ver- 
fiigbarwerden der Materiezerstrahlung wiirde automatisch zur reinen Photonen- 
takete fiihren, bei der alle an Bord des Fahrzeuges mitgefiihrten Treibstoff- 
massen mit Lichtgeschwindigkeit, also mit 100 000facher Geschwindigkeit 
gegeniiber chemischen Raketen ausgestoBen werden, und bei der in Abb. 1 fiir 
eé = 1 die Kurven der adiabatischen Raketensysteme und der diabatischen 
Photonenraketensysteme sich vereinigen. 

Damit wiirden Reisegeschwindigkeiten bis tief in den relativistischen Ge- 
schwindigkeitsbereich und damit praktisch unbegrenzte Reiseleistungen méglich 
werden, so daB das Aufsuchen bewohnbarer Planeten anderer Sonnensysteme als 
des unseren in den technischen Blickbereich trate. 


Materiezerstrahlung 
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Abstract Zusammenfassung Résumé 


The Orbits of Cosmic Rockets towards the Moon. The applicability of rockets 
for investigations on the invisible side of the Moon is discussed. The characteristics 
of a set of trajectories lying around a central trajectory are studied with the aid 
of new methods. A six-parameter set of trajectories is transformed into a two- 
parameter set. The peculiarities of certain trajectories are given with respect to the 
possibility of photographing the invisible side of the Moon and to favourable conditions 
for receiving radio signals from that region. The observations and the fundamental 
results of measurements of three Soviet cosmic rockets on the hitherto unknown side 
of the Moon were obtained in 1959. Photographing the invisible side as well as trans- 
mitting radio signals to the Earth by means of Automatic Interplanetary Stations 


turned out to be succesful. 


Die Bahnen von Mondraketen. Es wird die Anwendbarkeit kosmischer Raketen 
zur Erforschung der der Erde abgewandten Seite des Mondes diskutiert. Mit Hilfe neuer 
Methoden werden Bahnen studiert, die einer Bahn zum Zentrum benachbart sind. 
Ein sechsparametriger Satz von Bahnen wird in einen zweiparametrigen transformiert. 
Die Eigenschaften gewisser Bahnen werden diskutiert, die es gestatten, die Rtickseite 
des Mondes zu photographieren, und welche ferner gtinstige Empfangsbedingungen 
fiir Radiosignale bieten. Die Beobachtungen sowie die fundamentalen MeBergebnisse 
wurden im Jahre 1959 erhalten. Sowohl die photographischen Aufnahmen von der 
Riickseite des Mondes als auch die Ubermittlung von Radiosignalen zur Erde mit 
Hilfe der Automatischen Interplanetaren Station waren erfolgreich. 


Les trajectoires des fusées lunaires. L’application des fusées aux investigations 
du cété invisible de la Lune est discutée. Les propriétés d’un ensemble de trajectoires 
voisines d’une trajectoire centrale sont analysées par des méthodes nouveaux. Un 
ensemble a six paramétres est réduit en un autre a deux. Les caractéres spéciaux de 
certaines trajectoires sont donnés en relation avec la possibilité de photographier 
le cOté invisible de la Lune et d’en recevoir des signaux radioélectriques. Des résultats 
fondamentaux d’observations et de mesures de trois fusées cosmiques soviétiques 


1 This article is the evaluation of results, calculations and investigations obtained 
by collective work of a team of scientists. The paper was first presented at the Annual 
Meeting of the American Rocket Society in Washington, D.C., U.S.A., on 
November 17, 1959, and is reproduced in the Astronautica Acta by permission of 
the author and with the approval of the American Rocket Society. 


* Academician; Chairman, Commission for Interplanetary Travel, Academy of 
Sciences of the USSR; President, International Astronautical Federation; Moscow 
B-234, MGU kv. 84, USSR. 
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furent obtenus en 1959. La photographie du cété invisible et la réception de signaux 
s’est avérée un succes. 


The realization and employment of Space Flights is based on a theoretical 
analysis and on numerical calculations of the equations of motion for vehicles 
in cosmic space. The basic requirements to power and guide the launching rocket 
as well as the best and the acceptable conditions for the take-off are determined 
by computation. 

As the initial coordinate system for describing the travel of cosmic vehicles 
we may take a cartesian coordinate system with the origin at the Earth’s center, 
which is in translational motion relative to the stars. In many practical problems 
spherical coordinate systems have to be used, rigidly fastened to the Earth, with 
the origin at the center of the Earth and at various points on the Earth’s surface. 
The movement of bodies relative to the Moon or other planets is also to be 
considered. 

Into the differential equations of motion of celestial ballistics describing 
free flight in cosmic space, we must introduce only the interaction forces which 
are determined by NEWTON’s universal law of gravity. In solving problems of 
hitting the Moon and flight around the Moon, we must consider the body’s 
movement in a certain field of gravity produced by the Sun, the Moon, and the 
Earth, taking into account the oblateness of the Earth. 

In groping for the optimal conditions for a rocket’s take-off for the Moon, 
approximation methods may be used permitting us to consider the body’s 
KEPLERian motion relative to Earth when the distance from the Moon is more 
than 66,000 km, and as KEPLERian motion relative to the Moon, when this 
distance is less than 66,000 km. 


































Horizon 11 the 
plate of orbit 







For given points of the Northern Hemisphere, the optimal conditions of a 
take-off in a first approximation, when only the Earth’s gravitational forces are 
considered, may be obtained the following way: 

First, let us consider the collision case. 

Let A be the position of the point of cut-off of the rocket, B — the position 
of the Moon’s center at the moment of collision, O — the Earth’s center (Fig. 1). 
Any orbit corresponding to a flight from point A to point B lies in a plane 
determined by three points AOB. For a full determination of the orbit and the 
magnitude of the initial velocity — V, it is sufficient to specify the angle of 
inclination # to the horizon of the initial velocity V. 












Astronaut. Acta, Vol. VI, Fasc. 1 








Ls L. i. SEpov: 


From the solution of the two-body problem, we easily arrive at the functional 
relation 


J°2 ae 
V2 = ir 0,0), (1) 


where |’, is the parabolic velocity. The angle between the directions OA and 
OB, denoted as 9, is called the angular distance. Point A, which is rigidly tied 
to the Earth, describes a latitude line of the Earth as it rotates. The angle ® 
changes within certain limits, which are seen in Fig. 1. 

Since the ratio 7/R is small and practically constant, according to function (1) 
the ratio )’*/1’,,? depends essentially on # and ®; on Fig. 2 this dependence on 
?, with ® = const., is represented graphically by the continuous lines. On the 
same graph the dotted lines represent the typical form of the rocket characteristics 
for various constant values of the rocket weight at the moment of the cut-off. 








It can be seen from Fig. 2 that the optimal starting time, at which the useful 
weight is the greatest, corresponds to the maximum possible value of the angular 
distance ®, this condition determining the most advantageous starting time for 
the given point A. In this case, it is evident that the plane of the orbit is normal 
to the plane of the equator. The considered maximum value of the angle ® 
differs for various positions of the Moon on its orbit round the Earth. It is also 
evident that, for the points of the Northern Hemisphere, the maximum value 
of ® corresponds to the lowest position of the Moon below the equatorial plane. 
The above conditions define the optimal time within a Moon month as well as 
the launching moment within a twenty-four hour period. 

The previous conclusions were made without taking into account the rotation 
of the Earth and the advantage of using an additional velocity component of 
the rocket due to the rotation of the Earth. If the rotation of the Earth is taken 
into account, the inclination of the optimal orbit to the equatorial plane is reduced. 
Some corrections must also be made on account of the influence of the Moon, 
the Sun, the Earth’s oblateness and the characteristics of the powered part of 
the flight. An additional substantial increase of the payload can be secured 
by the choice of the launching point on the Earth’s surface. These most favorable 
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points lie near the equator. For the Soviet cosmic rockets a version with an 
inclination of the initial part of the orbit to the equatorial plane amounting to 
65° was decided, which is near to the most advantageous one. The basic cal- 
culations of the equations of motion were made on high-speed computers. Optimal 
trajectories were determined and a set of trajectories closed to the optimum region 
was studied. 

The choice of any one orbit may be begun by stating the total specific energy 
of the missile at the cut-off moment. The value of the required total energy 
is determined by the mission of the flight, and by a need for ensuring favorable 
observation conditions for watching the missile from the territory of the USSR 
at the time of its hitting or passing near the Moon. This determines also the 
duration of the flight until the Moon is reached. An analysis of the optimal 
conditions makes it evident that the time of flight from the Earth to the Moon 
area must be approximately 0.5; 1.5; 2.5; 3.5; or 4.5 calendar days. 

After the required total energy has been determined, it is essential to have 
information about the possible payload weight and the necessary launching 
conditions for several days close to the most favorable day. The latter corresponds, 
for the Northern latitudes, to the least inclination of the Moon at the moment 
of the closest approach. This problem is answered by ballistic computations 
in which the rocket’s characteristics are taken into consideration. 

The computations show that a miss of two to three days on both sides of 
the optimal launching time keeps the useful weight loss within acceptable limits. 
Therefore only several days within each Moon month appear to be suitable 
times for launching. A considerable deviation of the launching day from the 
optimal one causes major reduction of the possible payload weight. 

For a detailed study of the influence of initial parameters on the characteristics 


of the trajectory, it appeared helpful to establish some essential properties of 
a set of trajectories, of which the central trajectory hits the center of the Moon. 


The following properties of a set of trajectories, determined as above, are 
sufficiently accurate; the use of these properties greatly facilitates the solution 
of many practical problems. 

1. Near the Moon, in a limited area around the central trajectory, which 
may be considered as straight line, the nearby trajectories in the motion relative 
to the Moon over distances up to 20,000 km, form a set of trajectories that have 
a rotational symmetry around the central axial path. 

2. In the vicinity of the Moon, the trajectories are approximately conic sections 
which lie in meridional planes. 

3. The various orbits of this family may be obtained, for small deviations, 
from the principal values of the six independent parameters. The coordinates 
of the rocket and the components of its absolute velocity at the moment of 
cutt-off may be considered as the six parameters. 

4. A change in the increment of any individual parameter or a proportional 
change in any combination of the six parameters leads to various orbits of the 
set, all of which lie in the same meridional plane. 

5. A general non-dimensional variable 4 can be introduced for all merid- 
1é* — 2 where 46 is the increment of any 


ional planes, equal to the ratio 4&/. 
1é* is the increment cor- 


parameter & at the end of the launching, and 
responding to the given minimal distance of the perturbed orbit from the 
center of the Moon. 
Consequently, a universal relation 
Omin. f(A) 
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is valid in any meridional plane, for all various orbits. Here din, is the minimal 
distance of the path from the center of the Moon. 

Using the properties indicated above, the six-parameter set is converted to 
a two-parameter one, which may be mapped uniquely on an arbitrary plane z, 
in which the points are determined by the following polar coordinates: 4 — the 
radius, and m — the polar angle. stands for the angle defining the meridional 
plane of the orbits. This circumstance permits the examination and description 
of the aggregate of disturbing movements through a certain, clearly observable 
procedure. 


Fig. 3. Iso-lines in the plane /, w 
Constant value of the maximal distance from Earth’s center 
- —~— Constant value of the minimal distance from Earth’s center 
A 1 is corresponding to dmin, = 10,000 km 
@ This point is corresponding to the Automatic Interplanetary Station 


Is is convenient to draw in the plane a iso-lines of the various numerical 
characteristics of the trajectories. This is particularly important for examining 
a flight around orbit and for finding initial data corresponding to the orbits 
that have the required and the most advantageous characteristics. An example 
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of two families of iso-lines is presented in Fig. 3; these were used to determine 
the orbit of the flight — a round trip of the automatic interplanetary station. 

The families of iso-lines of maximum and minimum distances from the object 
to the Earth during the first revolution after approaching the Moon have been 
plotted on this figure. The initial energy for the chosen set of trajectories cor- 
responds, in the absence of the influence of the Moon, to an apogee of 550,000 km 
from the Earth’s center. For those trajectories of the set that lie to the left of 
the iso-line of 550,000 km apogee, deceleration occurs and the apogee decreases ; 
to the right of this line acceleration takes place, the apogee increases, and the 
energy of the object with respect to the Earth rises after 1t approaches the Moon. 
The corresponding quantitative effects can well be seen on the diagram. 

The values of Omin, = 7900 km and 4 and w, which were realized during the 
motion of the Automatic Interplanetary Station, have been determined by 
computation. By plotting these data (Fig. 3) we obtain an apogee of 480,000 km, 
and a perigee height on the first revolution, equal to 47,500 km. 

The disturbing influence of the Moon on the motion of the automatic station 
is very great; it can be characterized quantitatively by the data of the following 
table: 


Table 1 





Complete For the geocentric angular momentum 
geocentric 
energy 





Prior to 
passing 
the 
influence 
sphere of 
the Moon 


After 
passing 
the 
influence 
sphere of 
the Moon 
C projection on the axis of vernal equinox, % 
projection on the axis perpendicular to the x axis in the equatorial plane 
C; projection on the Earth’s rotation axis. 


It is to be noted that the magnitude of the vector of angular momentum 
increases approximately threefold, and its direction is almost reversed. 

The z-plane simplifies the analysis of the scattering effect of the initial 
parameters on the orbit characteristics. The introduction of the a-plane allows 
the problems of hitting the Moon and of flights close to the Moon to be combined. 
The problem of determining flight around trajectories with prescribed char- 
acteristics is reduced to that of hitting a given point in the 7-plane, corresponding 
to the required values of the orbit characteristics. 

Flight around the Moon can be realized along trajectories of different types. 
The trajectory of a remote flight around the Moon (at distances of about 
40,000—100,000 km from the Moon, with only slight influence by the latter) 





L. I. SEDov: 


approaches an ellipse with a focus at the center of the Earth. Having this trajec- 
tory, and starting from the Northern hemisphere, the return path towards the 
Earth after passing the Moon will be below the equator. This makes it impossible 
to observe the object from the territory of the USSR when it is close to the 
Earth. Further, for these trajectories, the perigee distance from the center of 
the Earth is less than the radius of the Earth and therefore the object enters 
the terrestrial atmosphere on the first revolution. Hence, its lifetime is short. 

It was found to be of advantage to realize a trajectory of another type with 
the object passing near the Moon at a distance of about 5,000—20,000 km. 
In this case, the Moon causes a big disturbance, as a result of which a trajectory 
returning to the neighbourhood of the Earth can be obtained and subsequently 
have a satellite with a high perigee of about 40,000 km and an apogee of about 
500,000 km; the return to the Earth taking place over high latitudes of the 
Northern hemisphere, which creates very favorable conditions for observations 
and reception of radio information. In addition, such trajectories are very 
convenient for solving the problem of object orientation and photography at 
distances ranging between 40,000—150,000 km. Calculations have shown that 
within this range of distances, which is covered in about 12 hours, the direction 
of the object-to-Moon vector in absolute space remains practically unchanged. 
This is an advantage for normal operations of the orientation system and for 
photography. This feature of the orbit allows the orientation system to be 
switched on and the subsequent photographing operations by means of a program 
device operating from a pre-set timing mechanism. 

In order to photograph the invisible side of the Moon, it is necessary to launch 
the rocket on days near to the new Moon. In that case, the invisible side of the 
Moon is illuminated by the Sun. The combination of favorable energy conditions 
with those of the illumination of the Moon determines the months and the days 
which are most suitable for obtaining photographs of the back side of the Moon. 

The foregoing considerations served as a basis for choosing the round-flight 
trajectory for the third cosmic rocket, making use of the strong influence of the 
Moon for the best solution of the problem in question. 

The actual data concerning the orbits of the three Soviet cosmic rockets are 
given below. 

1. The last stage of the first cosmic rocket weighed 1472 kg without fuel, the 
weight of the container, scientific apparatus and energy sources amounted to 
361.3 kg. The rocket was launched towards the Moon on January 2, 1959; it 
passed north of the Moon at a distance of about 5,000 km from its surface. The 
flying time from the Earth to the proximity of the Moon was 1.5 astronomical days. 

It was in the launching of this rocket that the parabolic speed was first exceeded 
and consequently, after passing near the Moon, the rocket continued to move 
away from the Earth, leaving the sphere of the Earth’s gravitational field and 
becoming an artificial satellite of the Sun. 

Its orbit around the Sun had the following characteristics: 

The inclination of the orbit plane to the elliptic plane 7 

The minimum distance from the Sun 146.106 km. 

The maximum distance from the Sun 197.10® km. 

The corresponding period 7 = 450 astronomical days. 

The minimum distance from the Sun was reached in the middle of January, 
1959. The shortest distance from the orbit of the artificial planet to the orbit 
of Mars is 15.10® km. 

The radio communication with the first cosmic rocket was maintained up 
to distances of 400,000—500,000 km. 
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2. The second cosmic rocket was launched with the aim of hitting the Moon 
The weight of the last stage without fuel was 1511 kg, the weight of the container 








Fig. 4. Model of the flight trajectory of the Moon rocket 





with the scientific apparatus — 390 kg. The motion diagram is presented 
on Fig. 4. 
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The following data characterize the flight orbit of this rocket. The trajectory 
lay practically in one plane making an angle of 65° with the equator. The flight 
from the Earth to the Moon lasted about 1.5 days. The initial velocity in free 
flight exceeded the local parabolic speed. With respect to the precision of initial 
data, a flying time of about 1.5 days proved to be more advantageous than 
projects for hitting the Moon after longer flight-times (2.5, 3.5, or 4.5 days), for 
which lesser initial energy is required. For a flight to the Moon within about 
0.5 day, too great consumption of energy would be required. The minimum 
geocentric speed on the orbit slightly exceeded 2 km/sec. The velocity of impact 
with the Moon’s surface was 3.3 km/sec. The velocity vector made an angle 
of about 60° with the Moon’s surface. 
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Fig. 6. Illustration of the motion of the second cosmic rocket of the USSR 


The point of impact on the Moon is situated about 800 km to the North of 
the center of the visible lunar disc, South of the craters of Archimedes, Aristilles 
and Autolycus. The point of impact on the lunar map is shown on Fig. 5. The 
corresponding @min, for the prolonged trajectory is 500 km. 

The moment of impact was registered from an abrupt cessation of radio 
signals on September 14 at 0 h 2 min 24 sec a.m. Moscow time. 

This moment of impact agrees with the data of trajectory measurements 
which were carried out both during the flight and during the time interval directly 
preceding the moment of hitting. A projection of the trajectory of the container 
of the second cosmic rocket on the Earth’s surface is given on Fig. 6. 

3. The third cosmic rocket was launched on October 4, 1959 for a flight around 
the Moon. The weight of the last stage without fuel was 1553 kg. The weight of 
the Automatic Interplanetary Station with the apparatus and the energy sources, 
installed in the last stage of the missile amounted to 435 kg. During the flight 
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Fig. 7. a) View from the spring point side; 6) Projection on the Earth’s equator plane 


Characteristic Points of Trajectories 





Disté > : 
ni ret Distance to 
Date Moscow time oe the Moon’s 
Earth’s 


center (km 
center (km) 





Minimal distance 


} ; > 95S§ 7 2 368,080 940 
a: tae: Seale 6 October 1959 |) 17 h 21 min 368,08 1,94 
Moment, taking z . 6 h 30 min 399,500 65,500 
7 October 1959 = ; s 8 
photographs 7 h 10 min 400,500 68,500 
Maximal distance : ae 
a ae Barth 11 October 1959 0h 44 min 480,500 442.000 
Minimal distance a 
ie a. Sa 18 October 1959 19 h 49 min 47,490 363,000 
Maximal distance 
to the Earth 
heey ie: enna 26 October 1959 20 h 59 min 489,000 697,000 


revolution 
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Interplanetary Station on Earth’s surface 





Distance to} $ 1 Distance to 
: ime 5 

the Earth Date the Earth 
) 


km + km 


Time 


h 


Number 





06 466,000 
16 459,000 
00 453,000 
13 October 1959 06 447,000 
16 436,000 
00 425,000 
14 October 1959 06 416,000 
16 400,000 
00 384,000 
15 October 1959 06 372,000 
6 
7 
8 
io) 


October 1959 16 131,000 
00 183,000 
October 1959 06 216,000 
16 266,000 
00 300,000 
Octobe 06 324,000 
16 361,000 
00 379,000 
Octobe 06 392,000 
16 410,000 
00 423,000 


| 

} 

| 

| 

| 

| 

423,000 | 34 | 
eee 06 432,000 = | 
| 

| 

| 

| 

| 

J 


12 October 1959 


16 349,000 

00 329,000 

October 1959 06 312,000 
16 281,000 

00 253,000 

October 1959 06 230,000 
16 186,000 

00 148,000 

IS October 1959 06 114,000 

16 52,000 

11 October 1959 06 474,000 00 55,000 
16 472,000 ] 16 150,000 

12 October 1959 00 469,000 j 20 October 1959 00 189,000 


16 443,000 
00 452,000 
October 1959 06 457,000 
16 464,000 
00 468,000 
October 1959 06 471,000 
16 473,000 
00 474,000 


October 1959 





Numbers are corresponding successive positions of the projection of the motion 
§ the Automatic Interplanetary Station on Earth’s surface. 
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of the Automatic Interplanetary Station from the Earth to the Moon the 
inclination of the orbit to the equatorial plane was equal to 55°. After the disturb- 
ances by the Moon, further movement under the influence of the Earth’s gravita- 
tion took place along a near-elliptic orbit with an inclination to the equator of 
about 80°. The calculation of further movement shows that the Sun and the 
Moon influence the Automatic Interplanetary Stations orbit so that the inclination 
of the orbit changes irregularly and decreases. On the tenth revolution the 
inclination amounts to 48°. On the eleventh revolution, the inclination of the 
orbit under the influence of the Moon increases again to 57°. It is noteworthy 
that the minimal distance from the Earth decreases from one revolution to 
another due to the influence of the Sun and the Moon. A calculation shows that 
after completing the 11th revolution, at the end of March, the Automatic Inter- 
planetary Station will enter the Earth’s atmosphere in the northern hemisphere, 
thus ceasing to exist. 
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This circumstance is due to the orbit form and the character of its location 
relative to the Earth and the Sun. This effect, though unexpected at first glance, 
depends only upon NEwronian forces. It is evident that such effects should 
be taken into account during theoretical analysis of problems concerning the 
structure of planet systems and the properties of the orbits of different planets 
and their satellites in the solar system. As a result of disturbances due to the 
Sun, an evolution takes place which may lead to the collision of a satellite with 
its principal planet; therefore, only satellites with orbits of certain types can 
, survive’ for a long time. 
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Fig. 7 gives projections of the first revolution of the Automatic Interplanetary 
Stations orbit on the equator plane and on the plane which is perpendicular 
to the direction from the Earth’s centre to the vernal equinoctial point. 

Fig. 8 gives the projection of one revolution of the Automatic Interplanetary 
Station on the Earth’s surface. The projection line shows loops when passing 
near the Earth’s rotation axis both in approaching the Earth and in moving away 
from it. 

Fig. 9 shows the orbit projection on the Moon’s surface (continuous line) ; 
points are marked signifying the minimal distance to the Moon’s centre and the 
photographing time. A grid of selenographic coordinates is plotted on the Moon’s 
surface. The limits of the area which has been photographed by the Automatic 
Interplanetary Station are marked by a dotted line; the shaded part lies in the 
shadow, the white one is sunlit. 


The conditions for photography were favorable with respect to the illumination 
of the invisible side of the Moon, and an area comprising 2/3 of the surface of the 
invisible side was photographed. An unfavorable factor in the process was direct 
illumination of the surface, and, as a result of it, the absence of shadows from 
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the accidents of the Moon’s surface. The picture was obtained only as a result 
of varying reflectivity of its different parts. 

Before photographing, the orientation system was automatically switched 
on, turning one end of the axis of the Automatic Interplanetary Station to the 
Sun and the other end with the objectives of the cameras towards the Moon. 
After stabilizing, the hatch covering the illuminator and protecting the trans- 
mitters of the Moon orientation and the cameras was opened. After fixing the 
Moon direction with a special photocell device, the light-seeking devices reacting 
to the sunlight were automatically switched off; subsequently, the accuracy of 
the orientation of camera axis to the center of the Moon was increased. After 
completing the orientation to the center of the Moon the process of photographing 
began at 06 h 30 min Moscow time on October 7, the Automatic Interplanetary 
Station being then at a distance of 65,500 km from the Moon’s center. To ensure 
favourable temperature conditions inside the Automatic Interplanetary Station 
after the photographing process, the station was forced to rotate around its 
transverse axis with an angular velocity of 2 degrees/sec. Thereupon the film 
was automatically developed, fixed and dried. The picture of the Moon was 
transmitted to the Earth by means of a special television system. 


Fig. 10, 11 and 12 give samples of photographs processed to date. 
The pictures transmitted to the Earth from aboard the Automatic Inter- 
planetary Station show not only the side of the Moon invisible from the Earth, 
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Fig. 12. Distribution of objects on the dark side of the Moon, disclosed in the preliminary 
processing of photographs obtained on board the Automatic Interplanetary Station. 
/ Large crater sea, 300 km in diameter: Moscow Sea; 2 Bay of Astronauts in the Moscow Sea; 
3 Continuation of the Southern Sea on the reverse side of the Moon; 4 Crater with central 
hill: Tsiolkovskii; 5 Crater with central hill: Lomonosov; 6 Joliot-Curie Crater; 
7 Sovietskii Mountain Range; 8 Mechta Sea. 
Solid line across the diagram: Lunar equator. Dotted line: Boundary between visible 
and dark sides of the Moon. The solid lines circle objects reliably identified in the prelim- 
inary processing. The lines of dashes circle objects requiring further study, and dotted 
lines circle objects whose classification is being studied more closely. The photographic 
data obtained for the remaining portion is still being processed 


but a small portion of the Moon visible from the Earth, too. This allowed the 
hitherto unknown objects on the Moon’s surface to be correlated with those 
which are familiar, and their coordinates on the Moon to be determined. 
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Precise shapes have now been obtained of the objects situated at the edge 
of the visible disk, about which little has been known so far because of a dis- 
torted perspective. In other cases, the objects were known only in part, and 
the pictures received allowed shapes of the parts situated on the visible side to 
be more precisely defined and the shapes of their unknown continuations on 
the invisible side to be discovered. A mountain range, named the Sovietsky 
Mountain Range, and the presence of seas and craters, were discovered on the 
Moon’s invisible side. One of the seas has been named the Sea of Mechta, in 
memory of the first cosmic rocket launched on January 2, 1959. Fig. 10 and 11 
show the original photographs, from which obvious effects of radio noise have 
been cleared. The picture on Fig. 12 was obtained as a result of preliminary 
treatment of a number photographs, representing a first attempt at a composite 
picture based on details as revealed on several photographs. For a complete 
description of the invisible side of the Moon, photography must be continued. 
It can fairly be assumed that further pictures, with side illumination, will reveal 
more unknown formations on the other side of the Moon. 

We are of the opinion that this experiment of photographing in space and 
subsequently transmitting the pictures to the Earth is interesting not only from 
the point of view of studying the nature of the back side of the Moon but also 
of essential importance as a way of testing new methods in modern experimental 
astronomy. 








Results of Scientific Investigations Made by Soviet Sputniks and 
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Abstraet Zusammenfassung — Résumé 


Results of Scientific Investigations Made by Soviet Sputniks and Cosmic Rockets. 
A survey is given of the results of Soviet investigations carried out by means of 
cosmic rockets and artificial satellites of the Earth, and, in connection with it, hitherto 
unpublished information is given on measurements in the upper atmosphere and 
in the cosmic space. 


Ergebnisse der wissenschaftlichen Forschungen mit Hilfe der sowjetischen Erd- 
satelliten und kosmischen Raketen. Es wird ein Uberblick iiber die Ergebnisse der 
diesbeziiglichen sowjetischen Forschungen gegeben. In Zusammenhang damit werden 
bisher unverdffentlichte Angaben tiber Messungen in den obersten Atmospharen- 
schichten sowie im kosmischen Raum gemacht. 


Résultats scientifiques obtenus par les Sputniks et fusées cosmiques soviétiques. 
Une synthése des résultats obtenus a l’aide de fusées cosmiques et de satellites 
artificiels russes est présentée en méme temps que des informations inédites sur des 
mesures dans la haute atmosphere et dans l’espace cosmique. 


I. Introduction 


The achievements of the Soviet Union in rocketry made it possible to carry 
out some new and important scientific explorations of the upper atmosphere and 


cosmic space. The Soviet engineers and scientists created gigantic Sputniks and. 


cosmic rockets. Geophysicists and astrophysicists fitted them with instruments 
to explore the different properties of the upper atmosphere and cosmic space, 
hard electromagnetic and corpuscular radiation of the Sun, interplanetary dust 
and gaseous medium, magnetic fields, cosmic rays, planets and their satellites, 
and different processes around them. Before launching the Sputniks, the Soviet 
scientists had gained experience in the exploration of the upper atmosphere with 
the help of geophysical rockets. 


1 This paper was first presented at the Annual Meeting of the American Rocket 
Society in Washington, D.C., U.S.A., on November 17, 1959, and is reproduced in 
the Astronautica Acta by permission of the author and with the approval of the 
American Rocket Society. 

* Chief, Department for Research in Upper Atmospheric Physics, Institute of 
Physics of the Atmosphere, Academy of Sciences of the USSR, B. Grusinskaya 10, 
Moscow G-242, USSR. 
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The launching of the first Soviet Sputnik marked a new era — an intensive 
assault to master completely the secrets of the upper atmosphere and inter- 
planetary space, and to create continuously working laboratories beyond the 
Earth’s atmosphere. Each new Sputnik was more perfect than its predecessor 
and enriched our knowledge about the upper atmoshere and cosmic space. The 
use of cosmic rockets is a further improvement in this respect. With their help 
the scientists managed to get a fuller understanding of huge processes in space 
surrounding the Earth; for the first time reaching another cosmic body the 
Moon — and obtaining information not known before. 

The purpose of the present paper is to describe the results of scientific research 
carried out by the Soviet Sputniks and cosmic rockets. Large groups of scientists 
engineers and workers of many scientific institutions, design offices and industrial 
enterprises were engaged in this great research. All this became possible due to 
the high level of developement of the Soviet enconomy and industry. Valuable 
information about the upper atmosphere and cosmic space have been accumulated 
to date. I have been instructed by all my colleagues to make a survey of the 
results of the subjects already treated. Much of it is still being evaluated and 
carefully studied. 


II. Research of the Upper Atmosphere 


Before the launching of the first Soviet Sputnik, the upper atmosphere 
beginning at the 200 km level was thought to be isothermal and have a temperature 
of less than 1000 °K, and, consequently, the scale height was thought small. 
However, by deceleration of the Sputniks it was found that at the height of 
220 km the density of the atmosphere was equal to 2,5: 10~!% gcm7~*. It was 
higher than had been expected. This result essentially changed the conceptions 
of density and temperature of the upper atmosphere previously accepted. By 
changing the period of revolution of Sputniks around the Earth and by changing 
the position of the perigee it was found that at the 220 km level the density of 
the atmosphere was greater by day than at night and greater in the polar than 
in the equatorial regions. 

To determine the exact coordinates of the cosmic rockets a sodium cloud was 
tried. By means of a sodium vapour cloud the coordinates of the first and the 
second cosmic rockets at a distance of 100—150 thousand km were determined 
with an accuracy of a few angular seconds. The time of cloud formation was 
registered with an accuracy of some seconds in time. By way of preparation for 
this experiment a sodium cloud was created at the 430 km level in twilight. 
Fig. 1 shows different stages in the formation of the sodium clouds. By data on 
the diffusion of this cloud it was found that 1,8- 10% particles cm~* are present 
at this height. The comparison of values obtained with those from the retardation 
of the Soviet Sputniks showed that the estimated scale height at the 430 km 
level is 70 km. This demonstrates the fact that the temperature of the upper 
atmosphere within the experimental region is 1600 °K. For such a great scale 
height the density of air at a given level is much higher than was previously 
supposed. 

Ionization and magnetic manometers were also mounted on the third Sputnik, 
and due to them the data on the density of the upper atmosphere were obtained 
and which agree with a new conception of the properties of the upper atmosphere 
within the error. 

Fig. 2 shows the indicated properties of the upper atmosphere. 
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The third Soviet Sputnik carried a spectrometer for determining the nature 
of the atmospheric ions with a mass number of from 6 up to 50 units. Before 
mounting this instrument on the Sputnik it was tested on high altitude rockets. 
The ion of nitric oxide was found to be the most frequent up to the height of 
250 km. The existence of this ion up to this height does not mean that it forms as 
a result of ionization of the neutral molecule of nitric oxide. As was shown by 












Fig. 1. The photo of an artificial sodium cloud at the distance 152,000 km from the Earth 
during the flight of the second cosmic rocket. The pictures were taken by an electron telescope 
with an exposure ~ 5 sec. The number of the figures correspond to the sequence in time. 
The interval between the photos is 10 — 20 sec 










a number of theoretical and laboratory investigations, the ionized molecules of 
the nitric oxide appear in the upper layers of the atmosphere as a result of the 
reaction of an oxygen ion with a neutral molecule of nitrogen, or in the reaction 
of the oxygen atom with an ionized molecule of nitrogen. The nitrogen ions 
found show that nitrogen molecules are present at altitudes of up to 250 km. 
However, the exploration with the help of the third Sputnik showed that there 
are only atomic ions of oxygen and nitrogen higher than 250 km; the ions of 
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atomic oxygen are dominant, while the ions of atomic nitrogen constitute only 
a small percentage of the oxygen ions. This is proof that the upper atmosphere 
above 250 km has an atomic structure. 

The third Sputnik and cosmic rockets carried special ion traps. They made 
it possible to estimate the ion density in the upper atmosphere and cosmic space. 
If a certain assumption is made as to the mechanism of charging the rocket and 
characteristics of the ion current depending on various differences of potentials 
between the electrodes of the ion trap, then the material obtained shows that 
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Fig. 2. Survey of different values of density of the upper atmosphere. The left curve represents 
data obtained by means of manometers. The right by other means 


the bodies are being charged in the ionosphere up to a negative potential of 
several volts. It has been shown that the estimated electron density is several 
million electrons cm~? up to the height of 475 km, and that agrees well with the 
earlier investigations by ultra-shortwave dispersion interferometers on high- 
altitude rockets. It was also been discovered that there is a slow decrease of 
the density of ionized particles with height and above the maximum of the 
F, region there are twice or three times as many electrons than below. 

On the basis of the data on the electron density from the study of the reception 
of radio signals from Sputniks similar conclusions have been drawn. All the results 
are compared in Fig. 3. 
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All the cosmic rockets carried ion traps. They helped to determine the currents 
between the electrodes of ion traps at different distances from the Earth’s center 
in cosmic space and near the Moon. The preliminary treatment of the results 
allows us to assume that the density of ionized particles in the outer atmosphere 
at a distance of some radii from the Earth is of the order of several thousand 
ions pairs cm~* or less. Somewhat higher currents between the electrodes of 
an ion trap was observed near the Moon. It requires further study. 
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Fig. 3. Comparison of different values of the density of electrons in the upper atmosphere 








Sputniks and cosmic rockets were used for the study of cosmic rays, using 
Geiger counters and scintillation counters combined with different absorbers. 
Fig. 4 illustrates the results of these investigations in comparison with the altitude 
dependence of the intensity of cosmic rays available since 1949. It concerns the 
particles capable of penetrating 10 g cm~*. The instruments of the second Sputnik 
made it possible to determine the intensity of cosmic rays as a function of the 
geomagnetic latitude. The results of these investigations are given in Fig. 5. 
In November 7, 1957 at 4 h 40 min (Moscow time), an abnormally large increase 
in the intensity of cosmic rays was registered at high geomagnetic latitudes 
due to an external radiation zone (see Fig. 6). It was the first record of hard 
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particles within an outer belt. There have never been explorations of this nature 
before at such a height. Still more valuable information was obtained by the 
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Vol ° Fig. 4. The intensity of hard cosmic rays, penetrating 10 gcm~? as a function of height. 
The solid curve represents the results, obtained with rockets, dashed curve above 400 km 






reflects the results, obtained by the second Sputnik. The scale along the ordinate axis in 
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Fig. 5. A latitude relationship of hard cosmic rays, obtained with the help of the second 
Sputnik 














third Sputnik. The regularity of change of intensity of pulse-counting due to 
electrons of about 100 kev. Fig. 7 is a chart of data for 15—22 May 1958. A 
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rapid growth of intensity of counting is denoted by circles. Crosses represent 
the emergence of the Sputnik from the Polar zone, where a higher intensity 
was observed. The crosses southward point to the relationship of the effect 
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Fig. 6. Increase of the intensity of cosmic rays at high latitudes, discovered by the second 
Sputnik 7 November 1957. The dashed curve reflects the normal variation of the intensity ; 
the solid observed values 








Fig. 7. A latitude distribution of intensity of 100 kev electrons. Black circles represent 

the position of the Sputnik when the instruments go off scale on the ascending loops, and 

crosses represent the position of the Sputnik when they go back on scale in the descending 
loops 


with height since the crosses correspond to the backward loops, 1.e., the greater 
height of flight. It was found that the zone of high intensity is asymmetrical 
with respect to the Earth’s magnetic dipole. For illustration the geomagnetic 
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parallel is denoted with a line of dashes. The component of 100 kev does not 
have a constant intensity. The analysis of the signals from the third Sputnik 
in the vicinity of South America showed the existence of a region of higher 
intensity of cosmic rays above the equator. The recorded particles in this region 
were harder than in the vicinity of Polar regions. Fig. 8 is a record, obtained 
in the Southern hemisphere in the range of heights from 1600 up to 1100 km. 
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Fig. 8. The intensity of ionization in a scintillation counter as a function of a geomagnetic 
latitude and height above the Earth’s surface. The ordinate axis denotes the energy extraction 
in a crystal of sodium iodide 


It is seen from the figure that as the Sputnik moves toward the equator, the 
intensity strongly increases, though the height of the flight essentially decreases. 
The numerous analyses show that this equatorial zone of the higher intensity 
of cosmic rays extends up to 45° of geomagnetic latitude. Hard protons are, 
obviously, of importance here. In the material published, it was indicated that 
no matter what the mechanism of forming the particles in the equatorial zone 
is, it is apparent that the factor of accumulation plays the main role in this 
effect. The concentration of particles in the equatorial zone, where they are 
able to oscillate at a great height above the Earth for a long time, presents 
convincing evidence. 

The investigation of hard ionized particles showed the essential qualitative 
and quantitative difference of hard radiation near the equatorial zone and that 
of the Polar zone. All these results were reported at the 5th meeting of CSAGI 
in Moscow, August, 1958 and at the International Conference on Peaceful Use 
of Atomic Energy, Geneva, September, 1958. 

Further investigation of hard particles revealed the distribution of intensity 
of particles of different energy at various distances from the Earth and in the 
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vicinity of the Moon. Fig. 9 shows the results obtained by the first cosmic rocket 
launched 2 January 1959. They enabled estimation of the type of energetic 
spectrum of electrons in the range of 20 to 100 kev. If the integral energetic 
spectrum of electrons is represented in the form 


N(>E)~E-? 
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Fig. 9. The intensity of hard radiation as a function of distance from the Earth during the 
flight of the first cosmic rocket. N — the number of strokes registered by the counter. 
E the energy extraction in a crystal of sodium iodide. Roman numerals denote the data: 
I, If and III — the rate of counting with a threshold of 45 kev, 450 kev and 4.5 mev, 
respectively. The rate of counting refers to the area unit of the cross section of a crystal 
(19 cm?); IV the total ionization (total power delivered by a crystal per sec); V — the 
readings of the Geiger counter. The number of impulses refers to the area unit of the cross 
section of counters (4 and 15 cm?). For great intensity the data of a small counter are 
used. The positions of the orbit of the first cosmic rocket with respect to radiation belts 
are schematically shown in the right upper corner. The time corresponding to given points 
of the orbit is shown along the orbit. The distribution of the intensity of corpuscules at 
different distances from the Earth is schematically shown above the trajectory 


then y ~ 5. The spectrum is notably harder (y ~ 3) for the sections of smaller 
intensity at the outer edge of the zone. It points to the increase of the number 
of particles as the energy decreases. The maximum of intensity of the outer zone 
of the increased radiation was found to be 1 1/2 radii nearer to the Earth at 
the moment of exploration by the second cosmic rocket (September 12, 1958) 
than by the first. By applying absorbers of different materials (lead and copper) 
the hard electron component was observed to contain a significant quantity 
of particles of energy greater than 0.5 mev in this zone. 

It was thought before the launching of Sputniks that illumination, heating, 
and ionization of the upper atmosphere are mainly due to the hard electromagnetic 
radiation of the Sun. It was assumed only for the Polar regions that the solar 
corpuscules (charged particles: protons, #-particles and electrons) may penetrate 
into the atmosphere, while geomagnetic disturbances and aurorae are occurring. 
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The study of spectra of these aurorae showed that they are frequently caused 
by protons with a sizable range of speeds. However, no hydrogen emission was 


observed in many cases. 
Here again the aurorae 
were presumably explained 
by not very hard electrons 
of up to hundreds and thou- 
sands of ev penetrating 
into the atmosphere. 

An attempt was made 
to discover these not very 
hard electrons by the third 
Sputnik. Two very thin 
fluorescent screens with 
aluminum foils of different 
thicknesses were used as 
indicators. The emission 
of the fluorescent screens 
was received by a photo- 
element. The photocurrent 
was then amplified. An 
electric signal was trans- 
mitted to a memory sys- 
tem and then transmitted 
to the Earth by radio- 
telemetry. By using metal 
foils of different thick- 
nesses it was possible to 
estimate both the inten- 
sity and the energy of the 
electrons which produced 
the greatest fluorescence 
on the screen. The pecu- 
liarity of the instrument 
was that it reacted in 
practice only to electrons, 
without recording protons 
and photons of the same 
energies. As a result, pow- 
erful fluxes of electrons of 
about 10 kev were recorded 
at heights up to 1900 km 
in the south Pacific. The 
intensity of these fluxes 
was very high, and in the 
majority of cases the in- 
struments appeared to go 
off scale, since such high 
intensity was not expect- 
ed. The effective energy 
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Fig. 10. The reading of the indicator of electrons 
with an aluminum foil 0,8.107% g cm~? as a function 
of an angle between the axis of the indicator and a 
magnetic field line. The scale of the indicator Kgs 
is proportional to the logarithm of the current of 
electrons. The data represent the position of the 
Sputnik near the apogee within the range of height 
of 1720 to 1880 km. This section is divided into 
three intervals. The symbols , 0, denote the con 
sequent data, referring to these intervals 


of electrons changed during an experiment. The intensity of fluxes showed a 
tendency to decrease as the effective energy of the particles increased. The 
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effective energy of electrons was observed to be less in the polar regions. The 
energy flux of the electrons studied exceeded 100 erg cm~? sec~! at the height 
up to 1900 km at the moment of going off scale. If the electron fluxes of the 
indicated intensity had penetrated into the lower layers of the atmosphere, i.e. 
the / region of the ionosphere, they could not remain unnoticed since they 
would essentially increase ionization of the upper atmosphere and lead to the 
appearance of aurorae. Since no such phenomena was observed, the recorded 
fluxes were explained to be electrons oscillating along the magnetic field lines 
(July 1958, Fifth Meeting of 
CSAGI). 

Thus, information was 
obtained about the  accu- 
mulation of electrons of about 
10 kev at great heights up 
to 1900 km. All other ex- 
plorations known to us refer 
to much lower altitudes and 
cannot be an indication of 
the existence of a magnetic 
trap around the Earth. 

The majority of not very 
hard electrons move along 
the directions normal to the 
magnetic field lines. The 
electron flux downward is 
greater than upward. It can 
be seen in Fig. 10. In Fig. 11 
the dependence of effectice 
energy of the discovered 
electrons upon the direction 
of the electron motion with 
respect to the magnetic field 
lines is illustrated. Since the 
angle subtended by the in- 
dicators was 1/4 steradian, 
the diagram shows that the 
opposite motion of electrons 
from the Earth near the 
magnetic field lines is almost 
absent. The electrons moving 

11. The effective energy of electrons as a function to the Earth were observed 
of the angle between the indicator’s axis and a even under small angles to 
magnetic field line The data of this diagram cor- the magnetic field lines. 
responding to Fig. 10. The symbol < denotes off- This indicates that the 
particles penetrating to the 
lower layers of the atmos- 
phere appear as a result of some processes at heights exceeding 1900 km. It has 
been found out that the energy of electron fluxes able to reach the / layer of 
the ionosphere without reflection can reach values of about 1 erg cm~? sec7!. 
Partial increases of intensity of corpuscules were registered above the Pacific 
even at — 4° of geomagnetic latitude at the height of ~ 1500 km, as was already 
reported in the material published. 
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It is no exaggeration to say that the powerful flux of the electrons, discovered 
in the upper atmosphere, is of extreme importance in understanding many 
important processes, although it creates no threat for astronautics. It is of 
interest to note that sizeable intensities of such electrons begin to appear at 
that geomagnetic latitude, where in the F region of the ionosphere one had also 
observed the increase of ionization previously, but which couldn’t be explained 
by the effect of hard electromagnetic radiation of the Sun. Some inhomogeneities 
in the ionization of the upper atmosphere and the system of ring-currents around 
the Earth can be explained by the existence of such corpuscules. The dependence 
of the temperature variations and the density of the upper atmosphere upon 
the solar activity become more understandable now, since the corpuscules, the 
intensity of which is governed by the solar activity, are the sources of heating. 
The heat flux brought about by these electrons can well account for the increase 
of temperature with height and latitude, and which could not be ascribed to 
the hard electromagnetic radiation of the Sun alone. 

The problem of great accumulation of hard particles in the upper atmosphere 
is now being widely discussed among geophysicists and astrophysicists and 
there are different viewpoints on the problem. Harder corpuscules, discovered 
in the upper atmosphere, are of no geophysical importance. They cannot essentially 
change the state of the upper atmosphere since their power is small. However, 
these hard corpuscules, as well as X-radiation arising in the Earth’s atmosphere 
and in the body of rockets and Sputniks while they are irradiated by these 
electrons of energies of tens of kev, are very unpleasant for astronautics, since 
the dose of dangerous radiation may reach tens of roentgens per hour. It is 
impossible to disregard this radiation which requires special measures to be 
taken in order to protect cosmic travelers or photoemulsions in the apparatus. 
The investigations of hard radiation at great heights show that the flight from 
the Earth for future astronauts will be less dangerous if the trajectory of the 
flight passes through the polar regions which have the least concentration of 
hard particles. The best time for the flight from the Earth is, obviously, the time 
immediately following strong geomagnetic disturbances, after which the contents 
of hard particles in the upper atmosphere strongly decreases. 

The cosmic rockets carried the CHERENKOV counters of charged particles 
of a very great energy. The application of discriminators permitted the registration 
of the nucleus with greater charges or charges equal to 2 to 5 and to 15. Apart 
from this, thanks to a photoeffect in the photomultiplier, X-rays of energy ot 
tens and hundreds kev were registered. Since this radiation was mainly due 
to bombardment of the rocket bodies by hard electrons, then the registration 
of the sum photocurrent reflected the intensity of these particles. Fig. 12 and 13 
are the results of these investigations. The intensity variation of X-radiation 
reflects the passage of indicators through the radiation belt around the Earth. 
In conformity with the experiments described above, the maximum of the 
registered intensity during the flight of the second rocket was approximately 
one and a half radii lower than in the flight of the first cosmic rocket. The fluxes 
of positive nuclei with greater charges or with charges equal to 2 to 5 and to 15, 
measured at great distances from the Earth, are in a ratio of 250: 20:1 respect- 
ively. It is of interest that the counting of nuclei with a charge equal to 2 or 
larger is of a greater value in the center of a radiation belt around the Earth. 
This circumstance is being carefully studied now. The existence of x particles 
in the radiative zone is regarded to be one of the possibilities. 

The third Sputnik carried a magnetometer to investigate the Earth’s magnetic 
field at great heights. This instrument also determined the orientation of the 
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Sputnik in the space around the Earth. Anomalies within the geomagnetic field 
were discovered by it. Many of them are of a short duration and, obviously, 
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Fig. 12. The readings of the CHERENKOV counter as a function of the distance from the 6 
Earth’s surface. The data denoted by a line of dashes refer to the flight of the first cosmic 19 
rocket, the solid line to the second cosmic rocket. The scale of the ordinate axis is in 


angular units 
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Fig. 13. The readings of the nuclei with a charge equal to 2 or more as a function of the 
distance from the Earth. The scale along the ordinate axis is in relative units 


related to the ionospheric currents which cause magnetic disturbances. It is worth 
mentioning too that the character of height changes of intensity of abnormal 
and normal fields above the East Siberian world anomaly is the same, and that 
may be an indication of the fact that its sources are very deep (see Fig. 14). 
It allows one to specify the known theories of a geomagnetic field and bring 
them in accord with the actual data. 

It is of special interest to investigate the magnetic field of the Earth with 
the help of a magnetometer carried by the first and second cosmic rockets. Fig. 15 
illustrates the expected change of the intensity of the magnetic field and its 
actual value during the flights of these rockets. So, for the first time, one was 
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able to register the magnetic field up to a distance of 60,000 km from the Earth, 
created by charged particles in the magnetic trap of the Earth. The result is in 
accord with the existence of not very hard electrons discovered around the 
Earth and described above. 
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Fig. 14. The change of the intensity of the magnetic field during the Sputnik’s flight above 
the East-Siberian world anomaly. Along the abscissa axis the time in sec is measured; along 






the ordinate axis the height and the angle of the indicators’ position. The numbers show 






the data referring to: 






1. The field directly measured by the magnetometer of the Sputnik above the territory of 






the Soviet Union. 







2. The field measured by a magnetometer, after elimination of the influence of the 






magnetic deviation caused by magnetic parts of the instrument. 






3. The field at the Earth’s surface along the trajectory of the flight, taken from the 






magnetic map. 






4 and 5. The reading of the orientation transmitters, showing a precession with a period 






of 136 sec and the rotation around the axis with a rate of 0.36°/se 
6. The change of the flight height 












Attention should be drawn to the fact that the actual values of the magnetic 
field, given in Fig. 15, fluctuate. The deviations are much greater than those 
expected from the error in instruments. Thus, there are grounds to suspect that 
changes of intensity of the magnetic field near the Earth, estimated to be up 
to some tens and even a hundred of gammas, really exist. These fluctuations 
are being carefully studied. There are grounds to suppose that they are caused 
by short-period variations of the geomagnetic field, which were already thought 
by us to be exciters of the discovered corpuscules. Our attention is attracted 
by the closeness of the values of density of such a variable field and fluxes of 
electrons with an energy of about 10 kev at the moments of their maximum 
intensity. It is quite possible that these forms of magnetic and corpuscular 
energy are in balance or close to it. 

To registrate micrometeors the third Soviet Sputnik and cosmic rockets 
carried piezo-electric elements. These elements registered the value proportional 
to impulse caused by a micrometeor’s shock, which is, in turn, proportional 
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Fig. 15. The intensity of the magnetic field T as a function of the distance from the center 
of the Earth. The curve / represents the data obtained during the flight of the first cosmic 
rocket, and the curve 2 of the second cosmic rocket. The curve 3 shows the variation of 
the expected variation of magnetic field with distance, taking into account the dipole and 


quadrupole terms 


to its energy. Table I gives information about the number of registered micro- 
meteors and about the flux of matter brought by them into the atmosphere. 


Table 1. J/ntensity of Micrometeors 





An approx- 
imate mass of 
micrometeors’ 
matter in tons 
, | for the whole 

globe per 24h 


Mean approximate Intensity 

mass of registered of a flux 

; fe Date micrometeors in g, of micro- 
exploration if v = 4-108 cm meteors 
sec! m~? sec 


Means of 





Phird Sputnik 15 May 1958 2-10-78 5 to 10 5 to 10- 108 
16 to 17 May 1958) (8- 10-® to 30: 10-9) 5: 1073 5+ 108 
19 to 26 May 1958 < 10-4 < 102 
First cosmic 10-9 < 2-10-* <- 10 
rocket 
Second cosmic 10-8 
rocket (2-10~-* to 20: 107) 


Only part of 
the material 
is treated) 
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III. Exploration of the Moon 


Exploration of the Moon is most remarkable. It was established by the 
second cosmic rocket that the magnetic field close to the surface of the Moon 
does not exceed 50—100y. The information about the magnetic field in the 
vicinity of the Moon allows us to state that the effective magnetization of the 
Moon is not higher than 5 percent compared to the effective magnetization of 
the Earth. This is new and very important information for the conception of 
magnetism of cosmic bodies. We observed no inverse cube variations of the 
magnetic field near the Moon. It is of interest to note, however, that fluctuations 
of the magnetic field similar to those discovered at the distance of some radii 
from the Earth have also been registered. [Further investigations will reveal 
whether these fluctuations really exist, and what characteristics they have. 
Moreover, if they reflect real values of the magnetic field, frozen into the inter- 
planetary gas, then it is of great interest from the point of view of astrophysics, 
since it is the first direct indication of the interplanetary magnetic field. It has 
also been discovered that within the error of measurements made close to the 
Moon, there is no increase of intensity of hard corpuscular radiation as compared 
with those at the distance of some lunar radii. The CHERENKOV counters of 
hard charged particles also did not discover near the moon any deviations from 
that which was registered at the distance of several radii. The first photos of 
the unseen side of the Moon have been obtained, and they will contribute to 
knowledge of the nature of this cosmic body. 

As a result of the explorations described, our knowledge of the upper 
atmosphere and cosmic space have been considerably extended. New phenomena 
have been discovered and quantitative data have been obtained about those 
which have been previously assumed. A fascinating prospect of the exploration 
of the outer atmosphere and cosmic space at ever increasing heights, and planets 
and their satellites by new and perfect means now faces us. All this is a basis 
for a new theoretical investigation. There is now lively discussion on the problems 
of physics of the upper atmosphere and cosmic space and answers to all these 
questions will be available in the not too distant future. 
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Abstract — Zusammenfassung Résumé 


The Theory of Correctional Manoeuvres in Interplanetary Space. The computation 
of correctional manoeuvres is shown to be independent of all small perturbing forces, 
so that the rocket track may be supposed to be a KEPLERian arc which it follows 
under the attraction of the Sun alone. The calculation can be reduced to a substitution 
of the observed divergence from a pre-computed track into given formulae, the 
coefficients in which can all be determined prior to departure and stored in a 
computer. 


Uber die Theorie der Bahnkorrekturen von Raumfahrzeugen. Es wird gezeigt, 
daB die Bestimmung von Bahnkorrekturen unabhangig von den schwachen St6rungs- 
kraften erfolgen kann, so daB die Bahn des Raumfahrzeuges als KEPLER-Bahn, allein 
der Anziehungskraft der Sonne unterliegend, angesehen werden kann. Die Berechnung 
kann auf das Einsetzen der beobachteten Abweichungen von der vorausberechneten 
Bahn, in gegebene Formeln zuriickgefitihrt werden. Die Koeffizienten k6nnen vorher 
bestimmt und in der Rechenmaschine gespeichert werden. 


Corrections de manoeuyre en astronautique. Le calcul des corrections de ma- 
noeuvre est montré étre indépendant des petites perturbations et la trajectoire peut 
étre assimilée a un arc KEpLERien décrit sous l’attraction solaire seule. Les calculs 
se réduisent a la substitution dans des formules préparées de l’écart observé a une 
trajectoire préétablie. Les coefficients de ces formules peuvent étre calculés avant 
le départ et incorporés dans la mémoire d’un calculateur. 


I. Fundamental Theory 


It will be assumed that the trajectory along which the space vehicle is to be 
transferred between two planets has been accurately computed prior to departure. 
This trajectory will be computed in three arcs, 

(a) in the vicinity of the planet of departure, 

(b) in interplanetary space, 

(c) in the vicinity of the planet of arrival. 
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the Weapons Guidance Laboratory, Wright Air Development Center, Dayton, Ohio, 
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It is to be expected that arc (a) will be calculated by adopting a frame of ref- 
erence moving with the planet of departure, allowance being made for the 
perturbing influences of the Sun and other bodies by small corrections. Arc (/ 
will be calculated by reference to a heliocentric coordinate system and the major 
attraction to be taken into account will be that of the Sun. The arc of approach 
to the planet of arrival appears to be of minor importance, since it is likely that 
the approach, manoeuvre will be linked to radar observations made from the 
vehicle over the last phase of the voyage and will not be related to a precomputed 






) 










trajectory. 






The first stage in pre-computing the trajectory will be to choose a suitable 
optimal interplanetary arc. This could be done by neglecting the finite extent 
of the gravitational fields of the terminal planets, as has always been done in 
optimal trajectory calculations in the past, and making allowance for the Sun’s 
field alone. This method will yield a rough trajectory. The accuracy of this 
could then be improved as follows: Choose a point P upon it in the vicinity of 
the mid-point of the arc and assume the vehicle is in this position at the instant 
of arrival at P as predicted by the approximate calculation. Now integrate 
numerically along arcs backwards and forwards from P, taking account of the 
actual structure of the gravitational field, until the planets of departure and 
arrival are reached. It may then be necessary to adjust P and to reintegrate 
to achieve satisfactory termination of the trajectory upon circular orbits about 


















the two planets. 






Having projected the space vehicle into the arc (a), it seems reasonable to 
suppose that, unless a large discrepancy between the actual trajectory and that 
previously computed is found to be present, no correcting action will be taken 
until the rocket has entered arc (b) and the elements of this orbit have been 
established. In this paper, therefore, attention will be given to the main problem 
of computing any correctional thrusts which may become necessary during the 
motion along the arc (bd). Immediately 
a divergence from the accurately pre- 


computed track C is observed, it be- rd, vedv, wedn 
comes necessary to find a fresh track C’ usu, vedy wean “a 
to the target planet. C and C’ will be Pa a 













neighbouring trajectories in space and it 

is reasonable to assume that the effects Ps. 
of all minor perturbing influences will 
be identical for both. It then follows 
that the divergence of C’ from C, both in 
relation to position and to velocity, is 
independent of these influences. But the 
appropriate correctional manoeuvre de- 
pends only upon this divergence and its 
calculation is accordingly independent of 
all small perturbing forces and may be 
based upon the assumption that the 
Sun’s field alone is operative. This we 
proceed to demonstrate in detail. 


















Let xyz,O be rectangular cartesian axes moving with the Sun, O being the 
centre of this body. Let P be any point (x, y, z) and J a given point on the orbit 
of the planet of arrival (Fig. 1). Suppose that a rocket is at P at the instant the 
planet is at Q. Let T be the transit time for the planet to move from Q to /. 
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Then there is a unique ballistic arc joining P and J, along which the rocket can 
coast in the time 7. If the rocket is to rendezvous with the planet, it must enter 
this arc at P. Let (u,v, w) be the components of the rocket velocity at P which 
will cause it to follow the arc P/. Then we can write 

u=u(x,v,2,71) +ep(x, y,2, T), 

v = U(x, y,2,T)+eq(%, y,2, T), 

w = 0(x,y,2,T) +er(x, y,2, T), 
where (7, 3, @) are the forms taken by (w, v, w) in the absence of all small perturb- 
ing forces and the terms involving ¢ represent the corrections which must be 
made to allow for these. ¢ is small. If ¢ = 0, the arc PJ is a KEPLERian arc 
and (#, 7, @) are accordingly the forms taken by the functions (#, v, w) on such 
an arc. Similarly, if V is the velocity increment which must be given to the rocket 
upon arrival at J to transfer it into a circular orbit about the target planet, 

V = V(x, y, 2, T) + € Q(z, y, 2, T). (2) 
If V, is the velocity of approach from a great distance relative to the target 
planet and if V. is the velocity in the circular orbit about this planet, we shall 
take 

(3) 

This formula will be quite accurate enough for our purpose. 

Now suppose that PJ is the pre-computed interplanetary arc, but that, at 
the instant the rocket should be at P with velocity (u, v, w), it is found to be at 
P’ (x + dx, y + dy, z + dz) with velocity (w + Au,v + Av, w + Aw). Let P’J’ 
be the arc into which it is decided to transfer the rocket in order that it shall 
rendezvous with the planet at J’. Let dT be the additional transit time for the 
planet to move from / to J’. Then the time of transit over the arc P’J’ must 
be T + dT and hence, if (u + du, v + dv, w + dw) is the rocket velocity desired 
at P’ to effect entry into the are P’J’, from eqs. (1) it is found that 
ou 

d 


du ~ 
chy 


y 4. 
0 = 
- P ay . += (4) 
dy ° 
etc., to the first order in dx, dy, dz,dT. « being small, the terms in the bracket 
are of the second order and will be neglected. At this stage, therefore, as was 
forecast above, the contributions made by the perturbing forces are eliminated. 
The derivatives 0%/éx, etc. are to be calculated on the assumption that the arc 
PJ is KEpLERian. The “‘bars’”’ over the quantities (#, 3, #) will henceforward 
be omitted. 
The velocity increment required at P’ has components 
du — Au, dv — Av, dw — Aw, (5) 
and is of magnitude 
(du — Au)? + (dv — Av)? + (dw — Aw)?}!? 
~~ T)\2 4 ¢ Tr 71/2 
= [A, (dT)? + 24, dT + A,]'”, 
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It will be observed that A, is of zero order, A, is of the first order and A, is of 
the second order in the small quantities dx, dy, dz, Au, Av, Aw. 

The velocity increment necessary at J’ is V + dV. From eq. (2), neglecting 
the perturbation, it is found that 
aVv aV aV 

dx + —dy-4 dz 
Ox dz 


: By aT + B,, 


dV 


where 

aV 
“ 

OV oV aV 
= Ax + dy + — dz. 

Ox dy * dz 
Clearly, By is of zero order and B, of the first order in the small quantities. 

The net velocity increment required to transfer the rocket from P into a 
circular orbit about the planet at /’ is now seen to be 

W=V+B, dT + B,+ [A,(€T)? + 24,dT + A,]'”. (13) 
J’ has not yet been determined and hence dT is arbitrary. This quantity will 
now be chosen to minimize the velocity increment (13) and hence the propellant 
expenditure. It will simplify the calculation if the reasonable assumption is now 
made that the pre-calculated trajectory is an optimal one. If this be the case, 
when dx = dy = dz = Au = Av = Aw = O the value of dT minimizing (13) 
must be zero. For zero values of the small quantities dx, etc 
A,=A,= B,=0 


B, = 


B, 


and the expression (13) reduces to 
W=V-+B aT + |A,!?aT\. 14) 
This must be a minimum for dT = 0 and this is so if, and only if, 
B,| < A,'”, i.e. if BF < Ag. (15) 


Here the square root is clearly to be taken positively. This convention will be 
assumed in all that follows. 
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Also, from its definition (6) as a sum of squares, it is necessary that 


A,(4T)? + 2.A,dT + A, >0 


follows that 


for all dT. It 
oe er M 


sa ain 


First consider the special case when 


A, A. 
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A, 


Then 
farts ma _ A, ‘ 
A,(aT)*+2A,dT + A,=A,{daT 4 
2 Ay 
13) for the net velocity increment reduces to 
A 
welar a 


ind the expression 
—— 
B, dT + B,+ \Ay 
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14 


Since |B) < this expression is a minimum when 
dl A,|Ag 
and 
In general, 


and then 
A,(dT)? + 2A,da71 


Differentiating eq. (13) with respect to dT twice, it will be found that 


for all dT. 
A, aT + A, 


2A,dT + A,]"?" 
1,? 


2A,aT + A? 


dW B 
d(dT) 
d2W 
d(dTI)* 
first derivative is zero, then 


AygdT T A, Bo A, (dT)? 


A,(dT)? 
A, A 
A, (dT)? 


If the 
after squaring, this reduces to 
(28) 


2A,dT + A, = 9 2 
Le 


==0 


and, 


A,(dT)* 


For variable dT, the minimum value of the left-hand member of this equation is 


I 
(A, A, — A,?) 
os |) 
which is clearly less than the right-hand member. Eq. (28) accordingly possesses 
two real roots. Eliminating A,(d7)* + 2 A, dT + A, between eqs. (27) and (28), 


follows that 


it 
9\ 1/2 
4 2\1 
: (29) 


1,d7 + A,=— 
0 Z nk B,2 


and hence that 
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Since the second derivative (26) is positive for all values of dT, eq. (30) determines 
the value of dT which minimizes W. It will be found that for this value of d7 


ape 
V + —{[(Ay — Bo?) (Ag 4g — A,2)]"2 + Ay B, — A, By}. (31 


XO 


W W 


min 


It will be observed that in the special case (18), the results (30) and (31 
reduce to the eqs. (21) and (22) respectively. Eqs. (30) and (31) are therefore 
always valid and the former determines the position for the new junction point /’, 
if the correctional manoeuvre is to be carried out with the least possible propellant 
expenditure. In [1], 1t was assumed that d7 = 0. The components of the 
velocity change necessary at P’ are now obtainable from eqs. (4) and (5). 

The quantities du/dx, etc are all calculable immediately the interplanetary 
arc PJ has been selected and could be tabulated at hourly intervals along this 
arc prior to departure. This information could be held in the store of a compute 
and this device programmed to yield Ay, A,, etc and the velocity increments (5 
immediately dx, dy, dz, Au, Av, Aw become available. Expressions from which 
these partial derivatives can be computed at any point on a KEPLERian ar 
are determined in the next section. 


II. Correctional Formulae on a Keplerian Are 

In this section we compute, in suitable coordinates, the partial derivatives 
corresponding to those introduced in section I. We employ polar coordinates 
defined as follows: Let O be the centre of the Sun and let OZ be perpendicular 
to the orbital plane of the planet of arrival (Fig. 2). OF is the line of intersection 
of the planes of the pre-calculated rocket track and of the planet’s orbit. If P 
is any point, ON is the line of intersection of the plane ZOP and the plane of 
the planet’s orbit. Ify = OP, 7 ZOP and ¢ RON, the position of P 
is determined by the coordinates (r, ¢, 7). 

The elements necessary to fix the posi- 
tion in space of any possible rocket orbit 
are defined as follows: Let A be the posi- 
tion of perihelion, and let the plane of the 


rocket’s orbit. meet the plane of the Pe 


planet’s orbit in the line OS. Let at 
Q2 ROS, and let do=24- SOA. ras ) 
Let 2 be the angle between the orbital Ps 4 | 
planes of the rocket and planet. Also let e $ A 
be the eccentricity of the orbit and a its a, by 
semi-major axis. Then the orbit is ’ > , eP . 
completely determined by the elements ae 

(a, e¢, @, 1, Q). The corresponding determinate ao a 

elements of the planetary orbit will be NL aa 

denoted by 4p, é, @- The position in the . ee . 


orbit of any point P is determined by 6, 
where 9 = Q SOP, or, alternatively, 
by the eccentric anomaly E. 

Let the planet be at Q when the rocket is at P, and suppose the planet can 
move to J in time 7. We now formulate equations which determine the unique 
orbit along which the rocket can move from P to J in time 7. Quantities at P 
will be represented by plain symbols, those at J on PJ will be distinguished by 
a subscript 1, and those at J on Q/ will be distinguished by a subscript 2. Then 

¥, = $2, 6, = 6, = 4, = 2+ @. 32 
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Also, let Ey denote the eccentric anomaly of Q; this is a known quantity at any 
given time, and so is a constant in all our equations. 
Applying KEPLER’s equation to the two arcs PJ, QJ, we have 
1/2 7 
: — — gz , 
E, — E —e(sinE, — sin£) = —,, (33) 
qal2 
E, — Ey — & (sin E, — sin Ey) =  T, (34) 
where %) = yv'/*/a,)?* and uw is the acceleration due to the Sun at unit distance. 
Also, at P we have 
y=a(l—ecos£), (35) 


l+e . 
tan 4 (6 — @) = | tan dF. (36) 
—— & - 
At /, regarded as a point on the arc PJ, we have 
r, = a(l—ecosE,), (37) 


é . 
tan 3 £,. (38) 
, 


tan 4 (0, — 6) = | 


At J, regarded as a point on the arc QJ, we have 
Y, = a) (1 — e, cos E,), (39) 


tan 4 (6, — @») = | <% tan } £,. (40) 
] — & 
In the last of these, #, has been replaced by 6,, in virtue of eqs. (32). 
Also, at P spherical trigonometry yields the equations 

tan (@ — 2) = tan (6 — Q) cos?, (41) 

cos ¥ = sin (9 — Q) sint. (42) 
Again, using {2 = 6, — a from eqs. (32), eqs. (41) and (42) can be written 

tan (9, — ¢) = tan (9, — 9) cos?, (43) 

COS ¥ = sin (6, — 6) sin 7. (44) 
The ten eqs. (33) — (40), (43) and (44) determine a, e, 0,1, 6, 6,,7, E, Ey, E, 
in terms of r,¢, y, 7. The last four quantities are the independent variables, and 
we shall calculate the necessary partial derivatives with respect to these. To do 
this, we shall totally differentiate the above equations, and then the ratio of any 
two differentials will give the corresponding partial derivative. As explained in 
section I, these derivatives are to refer to the pre-calculated rocket orbit. Hence, 
after differentiation, we may put {2 = 0, and so, from eqs. (32), 0, =z. 

From eq. (33), using eqs. (35) and (37), we find 
Q 1/2 7 2 
r,aE, —rdE —a(sinE, — sinE) de = — i da +- “ af. 
From eq. (34), using eq. (39), we find 
1, dE, = a) 4T. 

From eqs. (35) — (40), (43) and (44), we find, in turn, 


Y ; ‘ : 
dr = —da—acosE de + aesinE dE, 
a 


2tani FE l+e _—s 
: de + sec" LE dE, 
P 2 


sec? 4 (6 — &) (db — da ; 
, oe y= ae ts 


y : a," 
dr, = + da—acosE, de + ae sin E,dE,, 
a 
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ales 2taniE | 
cosec? 2 @ (a0, — d@) = = = de - 
= (1 — e) (1 — e?)!/2 l 


dr, = a) @ sin FE, dE, 


Face 
cosec® 4 @, a0, | “ sec? LE,dkE, 
- & aap ‘ 
sec” d (dO, — dd) = sec? 6 (dO, — dO) cost + tan @ sini di, 
sin y dy = cos 6 sinz (d0, — d#) — sin cosi di, 


Eqs. (46) and (52) together give 

d0,=adl, 
while eqs. (46) and (51) give 

dr, = BdT, 
where 


Ay N l+e 
0 °°O O st. ' ~ § 
sin? 4 @, sec” 4 Ea, 


" I — é% 
8 Ay? €y My) Sin E, 
"; 


In the case E, = 2, sec? } £, is infinite, and « is apparently infinite. However, 


“9 


from eq. (40) we have on the pre-calculated orbit, 


~ & 
cot $ Wp tan} E,. 
£9 


From this 
; cS my tee aie J 
cos $ £, cos $ p sin $ E, sin § @p. 
& 


Hence, if E, = 2, it follows that @) = 0. We can rewrite the last equation as 





l—e 

j ; . , 
sin 4 @, sec $ E, = "cos 4 @, cosec 4 Ey. 
r4 2 | | Ey 2 “ 2 

When EF, = 2, @) = 0, the right-hand member of this equation has the value 


(1 — e,)/(1 + e,)]/*, and the corresponding value of « is 
0/) 0 


Ay ‘a l o 
LS 9 


" 
Any other apparent infinity can be dealt with in a similar way. 
Eq. (41) applied to the pre-calculated rocket orbit, i.e. putting 2 
tang = tan # cos. 
We now solve eqs. (53), (54) and (55), for di, d9 in terms of dd, dy, dT. Using 
eq. (57) to effect simplification, we find that 
di =a,d6+ B,dy+y,4T, 58 
a0 = a, dh + Bi, dy + y,4T, 


where 
-sin2cot 6, 


- cos 1 sec” 9 cosec § cos? p sin x, 
— 2%, 
= COS 1, 
sin 7 sec # cos? ¢ sin x, 


: a (1 — cos2). 
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Using eqs. (55), (56), (58), (59) and performing some slight manipulation, we can 
now write eqs. (47), (45), (48), (49), (50), in that order, in the matrix form 

ay / da /, dr 

As 2 6 ‘ 76 de Ry dl 

as A é, J da@ = ga db + he dy + ky dT (60) 

a, 2 k, aT 

as . & a . z kal 


ria, 


-acosk, 
aesinE, 


w 2/qli2. 
4/4, 
sin E cos? } (6 E 
acosk 
bs 1) 
9 
COS“ 
ee 
l 


P : a ” 
=aesin E,, z sin? 30, 


Up 


Let D be the determinant (a, b, cs dy e;| and let DA;, DB;, DC; (i = 1, 2, 3, 4, 5) 
denote the cofactors of a;, b;, c; respectively in D. Eqs. (60) then give 
da =f,dr+g,dp+hgdy + k,dT, 
de =f,dr+g,dp+h, dz + k,dT, 
d@ = fdr + g.dp+hgdy +k, aT, 
where 
fe = Ay h, 6 = A583, Ng = Aghs, A; ki, 
f,= B,f,, ry = By Be, h, = By hz, == Bhi, (62) 
fg = Cy hy, Sg = Cs 8, hg = C3 hg, C; hj. 
In the last column, 7 = 2, 3,4,5 and the repeated subscript summation conven- 
tion 1S Operative. 
Let u,, vg denote the radial and transverse components of velocity. Then, 
at 2. 


@), 
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Let (u,v,w) be the components of velocity corresponding to the polar 
coordinates (7, ¢, v7) in the senses shown in Fig. 3 and let y be the angle between 
the transverse direction at P and 
the plane of the planet of arrival. 

Then, we have, 


6 = ty, 

U = Ve COSY, (64) a et iii 

w = vasiny, ee eg 
where, by spherical trigonometry, > 


tany = cos (@— O)ians. (65) 

Employing eqs. (32), (41), (42), eq. 
(65) can be written [ 
tany cot (0, cd) cos vk \ 
(66) \ 


Differentiating this equation and 
using eq. (55), we find that 





sec? y dy cosec? ¢ cos ¥ dh 
cot dsin y dy + Fig. 3 
x cosec? d cos ¥ dT. (67) 


trom eqs. (63), (64) we obtain 


u u 


du da 4 ,. de + ucot (6 — @) (db — do), 68 
aa e(l cA 
z VE Uv ‘ 2 
ai da de dr — vgsinp day, 69 
BY 2 a / 
ad | eé” } 
ck We ck = 
dw = da — de dr U— cos y dy. 70 
2 2 : 
za ] e* } 
We now write 
u Uu 6 4 
l - m nN u cot ( W), 
, \? l 
: aa : et i é 2) 
] r VU é 
) May 
re 2a F a | - Ee? 
] dk WwW C¢ 
é, : m . 
Hs 2a . | am 


po = Vesiny cos? y cosec? ¢ Cos 7, 

qo vg siny) cos*y cot sin y, 

Ps p, coty, 

Jy Coty. 

Then, from eqs. (68) — (70) and using eqs. (61) and (67), it will be found that 
du — F, dr +G,do + H,dy + K,aT, 
dv =F, dr+G,dp + H, dy + KA aT, 71) 
dis F, dr + G,d¢ + H,dy + K,dT, 
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where 
mM, I, 
Mm, 87 
m, he, 
m, kz 
Ms fy 
My 8 
My he 
My ha - 
Ms fa 
Ms §7 
Mz hz + Gs, 
Mg ke — H Ps: 
At J on PJ, the radial and transverse components of velocity are “,, v, where 


u“ A f 
ul : éesin (9 
; a(l ) . 
(72) 
lu a(l 
£ 


Differentiating these two equations, we obtain 


Uy 
) 


du, da : “ da) cot O, 
1 : =) 


al 
ai 1 
We now write 


My ¥ = u, COLM, 


MM - 
5 


Then, from eqs. (73) and (74), using eqs. (55), (56) and (61), we find that 
du, I dr + G,d¢ + H,dy Kk,dT, 
dv, I. dr 4 G;dd + H,dy + K,dT, 
where 
M, | Ng |g, 
M4 8 Ny Sg, 
m,h, — Nghe, 
My, kz + Ny (% 
ms fr, 
Ms gx, 


mM; Nz, 


- Mz Kea 
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At J on QJ, the radial and transverse components of velocity are ig, v2, where 


u i 
Uy =x 9 SiN (4, — Wp), 
Ag (1 — &9*) ; 
16 
9 
a |/u dy (1 — 9°") 
< 2 3 ° 
" 
Krom these we find that 
duty Uy COt Wo do, 
V9 
dv, = ar,, 
2 r, 
and so, using eqs. (55) and (56), we have 
du, = K,dT, ate 
ad 


a0, =— K, aT, 
where : 
Kg % Uy COL Wo, k, fb v9/7;. 
At J, let V, be the magnitude of the velocity of the rocket relative to the 
planet as it approaches from infinity. Then 


V 9? = U2 + 9,2 + ug? + vy? — 2 uy Ug — 204 VQ COS1 





From planetary theory, we have 


Hence 








Differentiating this, we obtain 


; : 2 u u 
VoaVo 72 dr+>5 72 44 U, du, — Uy AU, 
1 2 
U,V, Sint dt — v, cost dv, Uy COS 1 dv). 79 








Differentiating eq. (3), it will be found that 
dV 


Writing 












, , , , 8 Gin? 8 <’ 
J 0 (V+) 0) aa 
ps Av, USin t, N, = Av, COSt, 


it follows from eq. (79), after employing eqs. (56), (58), (75) and (77), that 


dV = F,dr+G,d¢+ H,dy+ K,daT, 80 
where 
F, =IlIgf, + mh, + nels, 
Gg = lg 86 + MgGy + MgGs + gm, 


H, = 1, Ne } m, H, t ng H; T bg By, 
2uf 


r,* 


Ky =lgkg + mg Ky t+ ng Ks + fpgyi +4 u, Kg + v, Kz cost 





60 D. F. LAwbDEN and Rk. S. Lonc: The Theory of Correctional Manoeuvres 


Any required partial derivative can now be obtained from the appropriate 


equation. For example, from eqs. (71), we have 


Ou ; Ou 
ay Ps, ad G,, etc. 


From this point onwards dr, dd, dy are to be understood as observed quantities 
such that if, in Fig. 1, the coordinates of P are (7, d, 7), then the coordinates of 


P’ are (r + dr, 6 + dh, 4 + dz). We now write 
P, = F, dr +G,dé + H, dy Iu, 
P, = F,dr + G, dé + H, dy — Av, 
P, = F,dr + G,dd + H,dy — Aw. 
Then, from eqs. (7), (8), (9) and (71), we have 
A, = Ki? K* + K,?, 
A, = K, P, + KP. + Ky Ps, 
A= FS ES AP. 


Similarly, from eqs. (11), (12) and (80), we obtain 


B, = F,dr +G,db + H, dy. 


Then dT is determined from eq. (30). Using this value of d7, from eq. (5), the 


components of the velocity change required at P’ are 
P,+ K,4T, P, + K,dT, P,+ K,dT, 


and the total velocity increment required is given by eq. (31). 
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VY. Stingelin® 
Mit 7 Abbildungen 
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Zusammenfassung Abstract Résumé 

Isotherme Diisenstr6mungen. Die Moeglichkeit, mit Hilfe der isothermen Ex 
pansion hohe Geschwindigkeiten zu erzeugen, wurde rechnerisch untersucht. Dabei 
wurden folgende Falle behandelt: Konstante Temperaturdifferenz zwischen Wand 
und mittlerer Gastemperatur, konstante Wandtemperatur und gegebene Warm 
produktion langs der Achse. Der Einflu8 der Reibung und der Temperaturgrenz 
schicht wurde beriicksichtigt und fiir den turbulenten Warmetibergang die REYNOLDS 
\nalogie zu Hilfe gezogen 


Isothermal Nozzle Flows. The possibility of generating high velocities by means 
of isothermal expansion was numerically investigated he following cases were 
treated: Constant difference between wall temperature and average gas temperature, 
and constant wall temperature with given heat production along the axis. Thi 
influence of friction and of the temperature boundary layer was considered and fot 
the turbulent heat transfer the REYNOLDS analogy was applied 


Ecoulement isotherme en tuyére. Une investigation numérique sur la possibilité 
d’atteindre de hautes températures par expansion isotherme. Les cas suivants ont 
été traités: écart constant entre température moyenne du gaz et température de 
paroi, température constante de paroi et apport donné de chaleur le long de l’axe 
L’influence de la viscosité et de la couche limite thermique ont été considérées 
l’‘analogie de REYNOLDs étant utilisée pour la transmission de chaleur en régime 
turbulent. 


I. Einleitung 


Ks ist naheliegend, Reaktoren als Energiequellen zur Erzeugung von groben 
spezifischen Impulsen in Betracht zu ziehen. Ihre groBe spezifische Warme- 
produktion kann jedoch nicht ohne weiteres in Form von hoher spezifischer 
Energie des Kiihlmittels weggefiihrt werden. Erhitzen wir das Gas isobar (abge- 
sehen von Reibungsdruckabfall), so bleibt im Normalfall die Austrittstemperatur 
des Kiihlmittels spiirbar unter der Oberflachentemperatur des Reaktors. Bei an 


€ 
> 
) 


1 Vorgetragen an der Friihjahrstagung der Schweizerischen Physikalischen Ge 
sellschaft in Brugg [2). 

2 Fiir die Anregung zu dieser Arbeit und fiir die wertvollen Ratschlage bei ihre 
Durchfiihrung moéchte ich Herrn Professor Dr. J. ACKERET meinen besten Dank 
aussprechen. 

3 Institut fiir Aerodynamik der Eidgendssischen Technischen Hochschule (Vor- 
stand: Professor Dr. J. ACKERET), Zitirich, Schweiz. 
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schlieBender adiabatischer Expansion ist diese Austrittstemperatur aber aus- 
schlaggebend fiir die maximal erreichbare Geschwindigkeit. Aus diesen Er- 
wagungen wurde die Idee der isothermen Expansion, die verschiedentlich vor- 
geschlagen worden ist (ZWicKy, WINTERBERG [3]), wieder aufgegriffen und 
naher untersucht. 

Unter der vereinfachenden Annahme von konstanter Wandtemperatur er- 
warmen wir das Gas anfanglich isobar. Die Gastemperatur wird dann in be- 
kannter Weise mit zunehmendem L/D asymptotisch die Wandtemperatur er- 
reichen. JL ist hiebei die Diisen- bzw. Rohrlange, D der Durchmesser. Brechen 
wir diesen ProzeB nach einem endlichen L/D ab, so wird dementsprechend die 
Differenz zwischen Wand- und mittlerer Gasaustrittstemperatur auch endlich 
bleiben. Unter weiterem Aufheizen expandieren wir jetzt das Gas derart, daB 
seine mittlere Temperatur konstant bleibt. Wenn wir uns im leeren Raum be- 
finden (Raumfahrt), k6nnen wir prinzipiell auf beliebig kleine Gegendriicke ex- 
pandieren. Die Enthalpie des Mediums erméglicht zum SchluB durch adiaba- 
tische Expansion auf den Umgebungsdruck nochmals einen Geschwindigkeits- 
zuwachs. Der schematisierte Verlauf ist im 7 — S-Diagramm (Abb. 1) darge- 
stellt. Bei diesem Proze8 kénnen wir theoretisch einem Gas mit einer beliebig 
kleinen Wandtemperatur eine beliebig groBe Warmemenge iibertragen. Da diese 
restlos in kinetische Energie verwandelt wird, erlangen wir, abgesehen von rela- 
tivistischen Effekten, eine beliebig hohe Austrittsgeschwindigkeit. 


0 1 
H 2 _ bs Go-1. SWOO 


Th 























\bb. 1. Prinzipskizze und 7 S-Diagramm der isothermen Expansion (nicht mabstablich) 


Denn es gilt nach dem ersten Hauptsatz der Warmelehre 
dq = di —vdp (1) 
g ist die Warmemenge je Masseneinheit; 7 die Enthalpie je Masseneinheit, v das 
spezifische Volumen und # der Druck. 
Fiir die Isotherme gilt di = 0. 
Aus dem Impulssatz fiir verlustfreie Str6mung erhalt man 


9 


vdp=d 2 


mit Hilfe der Zustandsgleichung folgt aus (1) 


in eT 
p 


aus Gln. (1), (2) und (3) ergibt sich dann 
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speziell fiir wy = 0 
w = /2RT In (p,/p 5 


Im leeren Raum kann w sehr groB werden, da p — 0. Leider unterscheidet sich, 
wie nachfolgende theoretische Untersuchung zeigt, der wirkliche isotherme 
Expansionsvorgang vom ideellen fundamental. 


II. Allgemeine Grundgleichungen der isothermen Stréimung, mit Reibungs- 
druckabfall und Bereehnung des turbulenten Wirmeiiberganges nach der 
Reynolds- Analogie 


Voraussetzung: Ideales Gas; Cy, c, konst. 

Weitere Bedingungen werden jeweils im Zusammenhang mit der betreffenden 
Rechnung erwahnt. 

Gl. (1) k6nnen wir unter Verwendung von Gl. (2) auch schreiben 


dq di a(")) 6 


In dieser Form gilt der Energiesatz fiir irgendeine beliebige, mit Verlusten be 
haftete Strémung; dg bedeutet dabei nur die von aufen der Str6mung zuge- 
Vol. fiihrte Warmemenge. 

6 In einem Gas ist Warmeiibertragung, sofern sie durch Konvektion (Mischung 
1960 geschieht, immer mit Reibung verbunden. An der Wand selbst, wo die Fliissig- 
keit haftet, ist die Warmeleitung maBgebend, hingegen wird bei voll ausge 
bildeter Turbulenz der Warmetransport ins Innere der Str6mung durch Aus 
tauschbewegungen aufrecht erhalten. Im Detail sind dies recht komplizierte 
Vorgange, doch erhalt man mit der REYNOLDs-Analogie schon einen recht guten 
Einblick iiber den Zusammenhang zwischen Reibung und Warmeiibergang. 

Nach der REYNOLDs-Analogie wird der dimensionslose Warmeiibergangs 
koeffizient c, proportional dem Rohrdruckverlustkoeffizient 2. 





1. 
Ss 


Damit schreibt sich der sekundliche Warmeiibergang in folgender Form 


(owl) «dq = Cy cp (owU) AT dx 8 
mit 1 benetzter Querschnitt, 
U = benetzter Umfang fiir Kreisquerschnitte 
wird U/F = 4/D, 










mit Gl. (8) ergibt sich dann 






Eine weitere Beziehung liefert uns der Impulssatz 
9 
_ oe w* 
: » S w2 0 
dp A D > O a > l 


Durch Gleichsetzen von Gl. (9) und (6) und unter Wegstreichen von d, 
(T konst), bekommen wir 








ax (a dik 
D ~ 4c,c,AT 
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Mit (11) kénnen wir nun in Gl. (10) dx/D eliminieren, wodurch die Differential- 
gleichung fiir p(w) entsteht. 


d apres: ee (12) 
P (7 Je ; | 


Diese Gleichung gilt mit guter Naherung fiir jede isotherme Str6mung mit 
Warmeiibertragung an den Wandungen. 

Ist AT, die fiir den Warmeiibergang maBgebende Temperaturdifferenz als 
Funktion von w bekannt und setzen wir fiir 0 


Qo ° 
Po 
ein, so laBt sich die Differentialgleichung sofort integrieren. Die Kenntnis von p 
erlaubt uns die Berechnung von D(x) mit Hilfe der Kontinuitatsgleichung. Aus 
Gl. (10) folgt dann w(x) unmittelbar. 
Ait a ; a D? 
Kontinuitatsgleichung: u G (14) 
<4 
G = sekundliche DurchfluBmenge 

liir die weiteren Rechnungen werden wir zuerst obige Gleichungen dimen- 
sionslos machen. Die Driicke mit fy, dem Eintrittsdruck, die Geschwindigkeiten 
mit der isothermen Schallgeschwindigkeit a;, RT, die Temperaturen mit 
der mittleren Gastemperatur 7 und die Langen mit einer GréBe D’, auf die 
noch naher eingegangen wird. 

Also: 


a 


//, 
Po | mi 


Die Langen werden wir nicht, wie bei Diisenstr6mungen meistens tiblich, mit 
dem ,,Schalldurchmesser‘‘ vergleichen. Bei reibungslosen adiabatischen Uber- 
schallstrémungen wissen wir, daB der Schallquerschnitt zugleich auch der engste 
ist, dadurch wird dessen Durchmesser schon rein physikalisch ein verniinftiges 
VergleichsmaB. Bei nicht idealen, reibungsbehafteten Uberschallstromungen 
wandert der Schallquerschnitt in das erweiterte Gebiet der Diise, kann also unter 
Umstanden groB werden, womit er als Vergleichsgr6Be ausscheidet. Aus den 
Gleichungen ergibt sich als besser geeignete VergleichsgréBe 


4|R lc (16) 
1X Po 


Physikalisch bedeutet 2(D’)?/4 diejenige Querschnittsflache, die nétig ist, um 
die Menge G beim Druck f, mit isothermer Schallgeschwindigkeit durchflieBen 


1’ 


} 


zu lassen. 
Mit den Ausdriicken (15), (16) und weil 


gehen die Gln. (12) und (14) in folgende iiber: 
all (12? ee on) deo 
I] | y 80) 

und die Kontinuitatsgleichung lautet dann 


| 


0 
| lw 
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Im Ausdruck (17) fallt auf, daB die Reibung / gar nicht vorkommt. Der Ver- 
lauf von /7 iiber w wird eindeutig durch y und die laufende Temperaturdifferenz 
bestimmt. Dies ist leicht einzusehen, denn Gl. (11) zeigt, daB dx umgekehrt 

5 
proportional 4 ist und damit kiirzt sich im Produkt A4dx von Gl. (10) 4 heraus. 
Der Reibungskoeffizient macht sich erst in der Langenausdehnung des Rohres 
bemerkbar, indem bei gegebenen 9 und y mit kleinerem / die Diise langer wird. 


III. Konstante Temperaturdifferenz zwischen Wandtemperatur und mittlerer 
Gastemperatur 
Die Integration von Gl. (17) wird am einfachsten, wenn die ,,treibende Tem- 
peraturdifferenz‘‘ §(w) konstant bleibt. 
A(w) = 4, Anfangsbedingung // = //, = 1 an der Stelle wm = 0. 


Dies ergibt folgende Lésung: 


ai exp | wo" ro = | (19) 
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6 (WwW) =6, =konst. 
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Abb. 2. Berechnete Druckverlaufe unter Beriicksichtigung der Reibung, aber ohne Tem 





peraturgrenzschichteinfluB. Der Grenzfall w,,” coo entspricht nach Gl. (5) dem reibungs 





losen, isothermen Zusammenhang von Druck und Geschwindigkeit 











Diese Lésung ist in Abb. 2 mit 
9) re 
2 99) 


y— | 
‘ 





9 
On = 






als Parameter aufgetragen. 

Die Kurven //(@) laufen alle asymptotisch gegen den Wert // = 0 fiir w — ov. 
Wir kénnen also trotz Reibungsdruckverlust bei konstanter laufender Temperatur- 
differenz und einem verschwindenden Gegendruck eine beliebig groBe Geschwin- 
digkeit erzeugen. Der EinfluB von 4 ist bloB in der Veranderung der Diisen- 
abmessungen zu sehen. Betrachten wir diesen ProzeB im Zustandsdiagramm, so 
unterscheidet er sich 4uBerlich nicht vom reibungslosen. Die Flache unter der 
horizontalen Linie stellt immer noch eine zugefiihrte Warme dar, nur mit dem 
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Unterschied, daB jetzt ein Teil von der Warmequelle herriihrt und der Rest von 
der Dissipationswarme, welche durch die Reibung des Gases aufgebracht wird. 
Vergleichen wir zwei Punkte mit identischem Gaszustand, einmal mit und ohne 
Reibung, so haben wir im ersten Fall eine kleinere Geschwindigkeit als 1m zweiten 
Fall, weil nur die von auBen zugefiihrte Warme (herriihrend von der Energie- 
quelle) in kinetische Energie verwandelt wird. Wir kénnen aber dem Gas immer 
noch beliebig viel Warme zufiihren, darum ist dieser Verlust hier von geringerer 
Bedeutung. Die Méglichkeit beliebig hohe Geschwindigkeiten zu erzeugen, ware 
mit diesem ProzeB gegeben. Zu untersuchen bleibt bloB noch, wie wir ein kon- 
stantes 4 erreichen. 


IV. Einflu8 des Temperaturriickgewinnfaktors in der Grenzschicht auf den 
Wirmeiibergang 


Die fiir den Warmeiibergang maBgebende Temperaturdifferenz A 7, wir haben 
sie hier ,,die treibende Temperaturdifferenz‘‘ genannt, wird allgemein als Differenz 
zwischen Wand- und mittlerer Gastemperatur definiert. 

i? = J, r 
Dieses AT ist bei kleinen MAcH-Zahlen, wo die Staupunktstemperaturen mit den 
Temperaturen in der ungestérten AuBenstr6mung praktisch identisch sind, ein 
verniinftiges MaB fiir den Temperaturgradienten in der Grenzschicht an der Wand. 
Dieser ist ja von primiarer Be- 
deutung fiir Gr6Be und Richtung 
des Warmeflusses. 

Fiir MAcH-Zahlen wesentlich 
grOBer als 0,5 steigt nun die 
Eigentemperatur in der Grenz- 
schicht stark an und kann 7, 
wesentlich iiberschreiten. Dies 
auBert sich bei gleich bleibender 
mittlerer Gastemperatur in einer 
Veranderung des Grenzschicht- 
temperaturprofiles. Je nach 
MacH-Zah] kann der Wand- 

— temperaturgradient positiv, Null 
Y oder negativ sein, dies kommt 
einem Kiihlen, Fehlen des War- 
\bb. 3. Temperaturgrenzschichtprofile fiir ver- meflusses oder Heizen des Gases 
schiedene Geschwindigkeiten bei konstanter mitt- gleich (Abb. 3). Die Stautempe- 
lerer Gas- und Wandtemperatur (schematisch). ratur steigt mit der MacH-Zahl 
a) Wand heizt das Gas, 6) kein WarmefluB, c) Gas im Quadrat, so daB AT(M) - 
heizt die Wand. Hierbei ist w die Geschwindigkeit = T,, — Ty mit steigender MaAcH- 
und y die Koordinate normal zur Wand Zahl abnimmt, wenn a konst. 
Tj ist hiebei die Wandtempera- 

tur, 7 die Stautemperatur. 

Unter der Beriicksichtigung der Kompressibilitat kénnen wir setzen: 














— 
eee | ee aati (20) 


wobei 7, 7 und y = Temperaturriickgewinnfaktor (etwa 0,9 in turbulenter 
Str6mung, 0,85 in laminarer Str6mung [5)). 
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Die so erhaltene Temperaturdifferenz nennen wir ,,treibend’’ und bezeichnen 

sie ohne Index. 
AT(M) =(T»—T)—Tr* M (21) 

Fiir die in III. angegebene Lésung sehen wir nun die Bedingung fiir 7,,, die 
erfiillt sein muB, damit A7(M) T», — T = konstant bleibt. 7), ist hiebei 
die Wandtemperatur im Eintrittsquerschnitt. 

feo TInt Tr* M' 
Wo 9 

Damit also AT wirklich konstant wird, miiBte die Wandtemperatur kontinuierlich 
steigen. Fiir beliebig hohe Geschwindigkeiten zwingt uns diese Forderung auf 
beliebig hohe Wandtemperaturen. Fiir eine technische Anwendung kommt 
natiirlich diese Lésung nicht in Betracht. Viel naheliegender ist der Fall, bei dem 
die Wandtemperatur konstant bleibt. 


V. Erreichbare Maximalgeschwindigkeit, wenn Wand- und mittlere Gastemperatur 
konstant sind 
Wie wir im Titel bereits vorweggenommen haben, sind wir in diesem Fall mit 
der Geschwindigkeitserzeugung beschrankt. Mit Gl. (21) folgt fiir A7(M) bzw. 
f(w), wenn wir die Temperaturen mit 7 dimensionslos machen und an Stelle von M 
die isotherme MAcH-Zahl o einfiihren: 
(mw) = I 


A) 
/ 


Eine weitere Geschwindigkeitssteigerung hért dann auf, wenn (jm) Null wird. 
Daraus erhalten wir fiir @,, die maximale isotherme MAcuH-Zahl. 


On = 2 A -1/r (24) 
y—l1 

Wenn wir im nachfolgenden Text von Unter- und Uberschall reden, so ist 
dies immer auf die isotherme MAcH-Zahl w bezogen. Eine Umrechnung auf die 
adiabatische MAcH-Zahl erfolgt leicht, mit M? = w?/y. 

Bei gegebenen 4, und y wird, wie zu erwarten war, die erreichbare MACH-Zahl 
um so groBer, je kleiner 7 ist. Fiir die weiteren Rechnungen nehmen wir den 
ungiinstigsten Fall y = 1. Ein Vergleich von verschiedenen, aber gleich schweren 
Gasen (verschiedene y) zeigt, daB bei gegebenem 4, die vielatomigen Gase hdhere 
Maximalgeschwindigkeiten erreichen. Der Grund liegt in der gréBeren Anzahl von 
Freiheitsgraden bei vielatomigen Gasen, wonach gleich groBe Warmemengen bel 
diesen eine kleinere Temperaturerhéhung bewirken als bei den einatomigen Gasen. 

Wenn 

y—l11 
_ aeregmie 
y 2 


ist, erreichen wir isotherm keine Uberschallgeschwindigkeit. 


VI. Konstante Wandtemperatur 
Gehen wir mit Gl. (23) in Gl. (17), so erhalten wir die Differentialgleichung 
fiir diesen Fall: 


w\ dw 
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Durch Integration unter Verwendung der Anfangsbedingungen von III. und 
der Beniitzung von Gl. (24) ergibt sich: 


II ly | a -e2 (26) 











| 
| 


Tw= Tw, konst. 


0,5 r \ 

w %1 SS a) ve en” 

ee UNS ee 
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Abb. 4. Theoretische Druckverlaute unter Beriicksichtigung der Reibung und des Tem 
g 
peraturgrenzschichteinflusses. Der Grenzfall @,,” oo entspricht wieder dem ProzeB nach 
Gl. (5), s. Abb. 2 


























Diese Lésung ist in Abb. 4 aufgetragen. Aus dieser Kurvenschar ist der 
starke EinfluB des Riickgewinnfaktors 7 ersichtlich. Die Druckkurven gehen 
nun nicht mehr asymptotisch gegen Null, mit Ausnahme von @,, — cc. Trotz 
Expansion bis zum absoluten Nullpunkt kénnen wir auch reine Unterschall- 
stromungen erhalten. Die Unterschallésungen haben im Gegensatz zu den Uber- 
schallésungen keine Wendepunkte im Druckverlauf. Die Grenzlinie Unter- 

y 


Uberschall, das heiBt 6, = ‘ 1/2, hat den Wendepunkt gerade im Schall- 


/ 
punkt. Die groBen Druckgefalle fiir m,, << 1 sind leicht zu deuten. In diesem 
ProzeB steht uns ein kleines 6(m) zur Verfiigung, darum wird wenig Warme von 
auBen zugefiihrt, also auch wenig Geschwindigkeit erzeugt, das ganze Druck- 
gefalle wird praktisch nur durch die Reibung verzehrt. Trotz groBer Druck- 
anderung ergibt sich keine Geschwindigkeitszunahme. 


VIL. Querschnittsverlauf 


O(w) (s. Gln. (15) und (18)) wurde fiir 7, konstant in Abhangigkeit von 
®»” in Abb. 5 aufgezeichnet. Die Funktion hat zwei Pole, bei w Ound m = @,). 
3eim ersten verhdlt sie sich wie | | m, dalT ~ 1, ist demnach unabhangig von @,,. 
3e1 sehr kleinen MAcu-Zahlen wird eben fiir alle y und 6) der Kompressibilitats- 
einfluB verschwinden. Fiir den zweiten Pol k6énnen wir naherungsweise 
b~] | Om | | 77 setzen. Je kleiner w,,, desto rascher der Anstieg der Durch- 
messer in der Gegend des Austrittsquerschnittes. 
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\bb. 5. Durchmesserverteilung (mit EinfluB des Temperaturritickgewinnes in det 
schicht 


VIII. Berechnung der Diisenlange 


Beziehung (7) in GI. (11) eingesetzt fiihrt uns auf: 
ax 2 e 
b i447 
und in dimensionsloser Form 
ax 2 y—1 do) w dw 
D 2 oy. Ow) 


4 


28) 


Schreiben wir 4(@) aus und integrieren, so ergibt dies im Fall 7, konst.: 


wo 
. 


(wm) w dw 
y lw? 
} 


») 


== wenn 


Dafiir k6nnen wir auch schreiben 


(30) 


[ 0(@) w dw 


9 9 
Om" — w* 


QO 
Der Integrand wird an der oberen Grenze unendlich und an der unteren un- 
bestimmt, aus diesem Grund miissen wir bei der graphischen Integration die 


5a* 
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Gebiete in der Nahe der Grenzen speziell untersuchen. Wie der vollstandig aus- 
geschriebene Ausdruck (30) zeigt, wiirde eine exakte Integration (im allgemeinen 
Fall) zu umstandlich. 
































-Asymptoten 
W=W,, fur 
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\bb. 6. Driicke, Durchmesser und Geschwindigkeiten fiir verschiedene Diisen bei konstantet 
Wand- und mittlerer Gastemperatur (mit EinfluB des Temperaturriickgewinnes in der Grenz 


schicht 


An Hand der in VII. gezeigten Vereinfachungen schreibt sich das Integral 
an der unteren Grenze einfach: 
lw 


4 |] 
E(Aw) - = | om dw (31) 
A Wy", 


0 


Diese Darstellung ist giiltig, solange (@/w,,)? 
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Fiir den SchluBteil der Diise gilt die Naherung: 


4iVwe- 4 dw 


4 2 wo? 
A WOm* | c 2 m 
v 
| ~) | 





«* soll nicht viel kleiner als ™,, sein, ferner @ 


Das Integral hat also keinen endlichen Wert fiir samtliche @,,, das heibt alle 
Diisen werden unendlich lang. 

Die Kenntnis von &(@) erlaubt uns die gesuchten Gr6éBen 6, // und @ in 
Funktion von & aufzutragen (Abb. 6). 


IX. Die maximale Geschwindigkeit 


In V. wurde bereits die maximale isotherme Geschwindigkeit berechnet. Die 
Enthalpie des Mediums bringt durch adiabatische Expansion am Schlu8B auch noch 
einen Beitrag an Geschwindigkeit. Der Energiesatz gibt uns die Gesamtbilanz. 








24, (I/r) RT : 


/ 











Ersetzen wir die mittlere Gastemperatur 7 durch 7 —— , so erhalt 





man aus Gl. (33) 


Wtot | gt ea OS : | % ie a 36 
max Y I Ao = 
Im ungiinstigsten Fall, wenn 7 = | ist, fallt die zweite Wurzel weg und das ein 
fache Endresultat lautet: 
@ tot Wmax | l’, } 37 












max ad 

Wir erhalten also im ungiinstigsten Fall mit unendlich langer Diise keine 
hohere Ausstr6mgeschwindigkeit, als wenn wir im unendlich langen Rohr isobar 
erwarmen und anschlieBend adiabatisch auf den Druck 0 expandieren. 

In der Praxis, wo 7 nicht ganz den Wert 1 annimmt, gewinnen wir etwas mehr. 
Gl. (36) ist dann nicht mehr unabhangig von 4). Die zweite Wurzel strebt mit 
6) — co dem Maximalwert 1/|//7 zu. So bekommen wir mit 7 = 0,9 etwa 5°, 
mehr Geschwindigkeit als mit 7 = 1. 6) = ~ hat technisch keinen Sinn (be- 
deutet J = 0) und dient lediglich zum Abschatzen des maximalen theoretischen 
Gewinnes. 


X. Einfiihrung értlich verdinderlicher Reaktortemperaturen 


Die Voraussetzung der konstanten Wandtemperaturen kénnen wir nur mit 
einer ganz bestimmten Warmeproduktion pro Langeneinheit langs der Diisen- 
achse erfiillen. Diese Warmeproduktion wird durch die Warmeiibergangszahl « 
und durch AT bestimmt. 
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Nach der REYNOLDs-Analogie, Gl. (9), gilt: 


Da D(x) ein Minimum besitzt (engster Querschnitt) und A7(x) stetig gegen 0 
abfallt, muB e(x) ein Maximum haben. e(x) wurde berechnet und mit demjenigen 
eines Reaktors verglichen. Die Abweichungen von dessen annahernd sinusoidaler 
Verteilung (Héchstwert in der Mitte, Abb. 7) waren, wie zu erwarten war, stark. 
Um iiber die Verwendbarkeit dieser Methode bei Reaktoren urteilen zu kénnen, 
haben wir noch den Fall berechnet, wo die Energieproduktion pro Langeneinheit 
langs der Achse gegeben ist. 


XI. Berechnung des Wandtemperaturverlaufes bei gegebener Energieproduktion 
e(x) lings der Achse 
Fiir den Verlauf von e(x) kénnen wir schreiben: 
e(&) Hé (s. [4)) (38) 


wobel 


; | 
1(€) = cos 7 (8 - (39) 
ee | hy EF = 2/1 (s. Abb. 7) 
Nach dem Energiesatz Gl. (1) wird die gesamte von auBen zugefiihrte Warme 
in kinetische Energie umgesetzt (di = 0). 


Daraus folgt fiir w(&) mit g(&) = | Haas 
0 
Cm w 
GRT° 
(M9 ist hiebei die isotherme MaAcu-Zahl im Eintrittsquerschnitt. 

Mit dem Impulssatz Gl. (10), der Gasgleichung und der Kontinuitatsgleichung 
in differentieller Form folgt direkt die Differentialgleichung fiir D(x) bzw. fiir 
D(é): 


ee ; 
wM*(o) 2 


&) + w,? (40) 


-0 (41) 


dD D =| ] a A L w 
ee 


dé 2 dé \u RT RT 2 
nach kurzer Umformung schreibt sich Gl. (41) in dimensionsloser Form folgender- 
maBen: 

f/f 9 

da _ fs) 1 Wo . 


»)., ad f- 
ao i eG Be at 


-() (42 
dé x, ~ ) 


D* ist eine frei wahlbare Bezugslange. 
Fiir den dimensionslosen Wandtemperaturverlauf tT, T,/T kann man 
mit der REyNoLpDs-Analogie folgende Beziehung herleiten. 


(43) 












Isotherme DiisenstroOmungen 73 


Zu Vergleichszwecken wurde mit dem gleichen Warmeiibergangsgesetz der 
Wandtemperaturverlauf eines Reaktors bei isobarer Erwarmung ermittelt. Das 
Ergebnis war: 






i dene f(é) 


Tw = x { (44) 
“isobar x v A ‘ 5 
? Ty : 


Ir 






und fiir die Gastemperatur 








isobar 






—-- isotherm | 
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Abb. 7. Gas- und Wandtemperaturverlaufe bei einem Reaktor mit cegebener Energie- 





produktionsverteilung pro Langeneinheit der Achse, e(¥). v, ¢ und £ sind die aus der Rechnung 





hervorgehenden Ahnlichkeitszahlen 










Numerisches Beispiel (Abb. 7): 
y= 3, ¢ ==¥, Oy, y = 5/3 (He), M, = 0,1 


Mit diesen Daten kénnen wir Helium von 1000° K Eintrittstemperatur auf 







2000° K erhitzen. Fiir A = brauchen wir dazu ein L/D, von 240, was nicht 





sehr groB ist und damit auch relativ groBe Temperaturdifferenzen von Wand zu 
Gas zur Folge hat. Die stationare Wandeintrittstemperatur ware etwa 1280° K, 
die Wandspitzentemperatur 2300° K und die Wandaustrittstemperatur knapp 
22509 K. Wir haben bewuBt ein nicht allzugroBes L/D) gewahlt, um zu ver- 
gleichen, ob wir mit der isothermen Expansion bei gleicher totaler Leistung eine 
kleinere Wandspitzentemperatur erreichen kénnen. Das Beispiel zeigte beim 
isothermen ProzeB eindeutig die hdheren Wandtemperaturspitzen als beim 
isobaren. Doch ist zu beachten, daB dies nur gilt, wenn wir sdmtliche Energie 
isotherm wegfiihren. Die Erhohung wird um so ausgepragter, je groBer ist, 
das heiBt je gréBer die spezifische Reaktorleistung ist. Dadurch steigen die 
Macu-Zahlen und die unerwiinschten Grenzschichttemperaturen sehr rasch. 
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Zudem wird der Warmeiibergang gegen den Austritt zu schlechter, weil dort der 
Druck klein wird. 

Etwas giinstigere Resultate zeigte die teilweise isotherme Expansion, wobei 
bis zur Mitte isobar erwarmt und anschlieBend in der zweiten Hialfte isotherm 
expandiert wird. Damit lassen sich die Temperaturspitzen in der zweiten Halfte 
gegeniiber dem rein isobaren Fall um einige Grade erniedrigen. Der bessere 
Warmeiibergang in der Nahe des engsten Querschnittes wird allerdings auch hier 
durch den rapiden EinfluB der Temperaturgrenzschicht iiberdeckt und kommt 
nur beschrankt zur Geltung. Darum ist auch der Moéglichkeit héherer isothermer 
Energiezufuhr, im Vergleich zum rein isobaren ProzeB, bei gegebener Wand- 
spitzentemperatur durch den Grenzschichttemperaturriickgewinn Grenzen gesetzt. 


XII. SehluBfolgerungen 


Selbst unter dem EinfluB der Reibung wiirde eine isotherme Expansion die 
gewiinschten hohen Geschwindigkeiten liefern, da die Reibung die 4uBere Warme- 
zufuhr noch nicht beeintrachtigt. Erst der Temperaturriickgewinn in der Grenz- 
schicht verhindert den beliebig groBen Energietransport zum Medium und be- 
grenzt damit die Maximalgeschwindigkeiten. Wenn wir auch | bis 2° mehr Ge- 
schwindigkeit bekommen kénnen als bei den bisherigen Methoden, so ist der 
wichtigste Effekt (Erzeugung von beliebig hohen Geschwindigkeiten) durch den 
Temperaturriickgewinn in der Grenzschicht verlorengegangen. Vielleicht bietet 
die Warmetibertragung durch Strahlung eine bessere Méglichkeit, um die Energie 
dem Gas zuzufiihren. (Vorschlag von T. P. CoTTER [7).) Da aber durchsichtige 
Gase die Warmestrahlung schlecht absorbieren, ware man gezwungen beispiels- 
weise Rauchpartikel beizufiigen, welche die Strahlungsenergie in starkerem MaBe 
aufnehmen und dann durch Warmeleitung an das Gas abgeben. Ein Gewinn ist 
jedoch auch hier fraglich, denn die Vermischung mit RuBteilchen, die ndétig ist 
um eine wirksame Erwarmung zu erreichen, vergréBert das Molgewicht des ur- 
spriinglichen Gases, verkleinert die maximale Geschwindigkeit und kann somit 
unter Umstanden den Vorteil des gréBeren Warmeiiberganges wieder zunichte 
machen. 
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Uber eine Méglichkeit, den Schub von Raketen zu yergréBern 
(Vorlaufige Mitteilung) 
Von 
Nikola St. Kalitzin und Georgi St. Kalitzin! 
(Mit 1 Abbildung) 


(Eingegangen am 15. Oktober 1959 


Die Temperatur der Verbrennungsgase in der Brennkammer einer Rakete 
erreicht etwa 3000° bis 3500° K. Der Temperaturverlauf des Strahles von brennen- 
den Gasen (laminar oder turbulent) in der Kammer ist iiber den Querschnitt 
nicht konstant, sondern hat ein dem Geschwindigkeitsverlauf ahnliches Aus- 
sehen (vgl. [1], S. 262, und [2], S. 41). Die Temperatur hat ihren Maximalwert 
in der Mitte des Strahles und fallt steil gegen den AuBenrand ab. Die Erwarmung 
der Brennkammerwand erfolgt hauptsdchlich durch Strahlung und Konvektion. 
Die Temperatur der Wand darf wegen der begrenzten Temperaturfestigkeit der 
Materialien eine bestimmte GréBe nicht iiberschreiten. Aus diesem Grund 
k6énnen Brennstoffe mit hohem Heizwert und hoher Verbrennungstemperatu! 
bei Raketen zur Zeit leider nicht verwendet werden, sondern man sucht Brenn- 
stoffe, welche, obgleich sie keine groBe chemische Energie besitzen, doch einen 
verhaltnismaBig groBen spezifischen Schub infolge guter thermodynamischet 
Eigenschaften ihrer Verbrennungsprodukte besitzen. 

In der vorliegenden Arbeit wird vorgeschlagen, das Zentralgebiet (den Kern 
des Strahles von Verbrennungsgasen in der Brennkammer der Rakete durch 
Einspritzen eines Stoffes zu kiihlen, der durch endotherme Reaktion dem Strahl- 
kern Warme entzieht. Die Temperatur des Strahlkernes wird dadurch zum 
Sinken gebracht, wobei der eingespritzte Stoff sein Volumen vergréBert und zur 
Erhohung der Geschwindigkeit der aus der Raketendiise ausstromenden Gase 
beitragt. Die Erzeugung eines Strahles mit gekiihltem Kern wird es erlauben, 
Brennstoffe mit héherer Verbrennungstemperatur und mit héherem spezifischem 
Heizwert als die bisher verwendeten zum Raketenantrieb zu benutzen. 

Als Stoff, der in den Kern des Strahles eingespritzt wird, kann man Wasser 
stoff verwenden, welcher bei der hohen Temperatur im Kern des Strahles nach 
der Gleichung 


H, + 104 Kcal = 2H 


(vgl. zum Beispiel {3}, S. 117) dissoziiert. Der Anteil des dissoziierten Wasser 
stoffs hangt von der Temperatur und vom Druck im Strahlkern ab. In Abb. | 
ist der Temperaturverlauf im Strahl bei Kiihlung mit dissoziierendem Wasser- 
stoff dargestellt. 

1 Physikalisches Institut bei der Bulgarischen Akademie der Wissenschaften 
Sofia, Bulgarien, und Hochschule fiir Schwermaschinenbau, Magdeburg, Deutsche 
Demokratische Republik. 
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Die Temperatur im Gebiet a des Strahlkernes sinkt und dadurch sinkt auch 
der maximale Wert der Temperatur. Das bedeutet aber, daB man einen Brenn- 
stoff mit héherem Heizwert verwenden kann. Der héhere Temperaturverlauf 
in der Mittelzone wird durch die Einspritzung des Kiihlstoffes abgemildert. 
Wie man aus Abb. 1 sieht, wird die mittlere Temperatur bei der Kurve JJ, welche 
den Temperaturverlauf im Querschnitt des Strahles bei Ausnutzung von Brenn- 
stoffen mit niedrigem Heizwert darstellt, bedeutend niedriger als die mittlere 
Temperatur bei der Kurve J, welche den Temperaturverlauf eines durch Ein- 
spritzung von Wasserstoff in der Mittelzone a gekiihlten Brennstoffs mit héherem 
Heizwert darstellt. Da die Erwarmung der Brennkammerwand hauptsachlich 
von der maximalen Temperatur innerhalb der Brennkammer abhangt, so wird 
die Erhéhung der mittleren Temperatur bei gleichzeitiger Erniedrigung der ma- 
ximalen Temperatur die Wandtemperatur nicht wesentlich erhéhen. Ferner soll 
die Einspritzung des Wasserstoffes in einem Gebiet des Strahlkernes erfolgen, 
wo kein freier Sauerstoff vorhanden ist, damit eine Verbrennung des Wasser- 
stoffes vermieden wird. Die zusatzliche Erhitzung der Gase in der Raketen- 
diise, welche durch die 
Rekombination des atoma- 
ren Wasserstoffes erfolgt, 
wird zu einer zusdtzlichen 
Volumenvergr6Berung der 
Gase und _infolgedessen 
zur VergréBerung der Ge- 
schwindigkeiten beitragen. 
Die Kontur der Raketen- 
diise muB an diese neue 
Warmemenge, welche zu- 
satzliche Volumenvergr6- 

— Berung hervorruft, ange- 
paBt werden. 

Die Arbeit des idealen Kreisprozesses je Masseneinheit ist bei der Rakete: 

x—1 
eee: aa” (1) 
x— 1 7 po] 

zx ist der Exponent der adiabatischen VolumenvergréBerung der Gase in der 
Raketendiise, R ist die Gaskonstante des Gemisches, T, die mittlere Temperatur 
des Strahles vor der Diise, £,/p, das Verhaltnis des Druckes im ausstrémenden 
Strahl zu dem Druck im Strahl vor der Diise. Wenn man bei gleichem Druck 
in der Brennkammer Brennstoffe mit hédherem Heizwert und mit hdherer Ver- 
brennungstemperatur verwendet, wieder adiabatische Expansion in der Diise 
angenommen, dann ist die relative VergroBerung der Arbeit des idealen Kreis- 
prozesses gegeben durch 


ppp ppp ppp pp {iff ff 
MLLLLlllllld hill 








wo L’ die Arbeit des idealen Kreisprozesses mit der Temperatur 7,’ > T, ist. 
Der spezifische Schub der Rakete beim Start von der Erde ist dann gegeben 
durch: 


Ps=|/—L —_(vgl. [4], S. 183) 


wo g die Erdbeschleunigung in m/sek? bedeutet. 





Uber eine Moéglichkeit, den Schub von Raketen zu vergrébern 


Die relative Vergr6Berung des spezifischen Schubes ist dann durch folgende 
Beziehung gegeben 


yz 7; 

Bei dieser Berechnung des Schubes wird die vom Kiihlstoff aus der Brenn 
kammer entnommene Warmemenge nicht beriicksichtigt. Der Kiihlstoff gelangt 
aus der Brennkammer mit dem Gasstrahl in die Raketendiise, wo die mittlere 
Temperatur des Strahles langst der Diise steil sinkt. Dort gibt der Kiihlstoff 


(z. B. durch Rekombination des atomaren Wasserstoffes) seine Warmemenge 


wieder ab, was eine Beschleunigung der Gase in der Diisenrichtung hervorruft. 
Diese zusatzliche Erwarmung in der Diise ist fiir die Diisenwande nicht so ge- 
fahrlich. Es iibernimmt also der von uns vorgeschlagene Kiihlstoff hier die Rolle 
eines Moderators, welcher die Warmemenge von Gebieten mit hoher Temperatur 
in Gebiete mit niedriger Temperatur verlagert. Durch Versuche und theoretische 
Betrachtungen kann die Art und die Menge des eingespritzten Kiihlstoffes, 
welcher die Verwendung der besten Brennstoffe beim Raketenantrieb erlauben 


wird, bestimmt werden. 
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Abstract Zusammenfassung Résumé 


Design and Evaluation of a Re-Entry Guidance System. One of the critical 
problems that must be solved when dealing with manned re-entry is safe recovery 
of the vehicle and its occupant(s) near a predetermined point on the earth’s surface. 
This paper presents the design and analysis of a fully automatic re-entry guidance 
system that will permit safe recovery of the vehicle within 0.02 n mi (lo) of a pre- 
selected point on the earth’s surface (neglecting winds and terminal dispersions 
due to parachute landing) for initial re-entry conditions achievable with existing 
equipments. 


Planung und Bestimmung eines Wiedereintauch-Lenksystems. Ein Haupt- 
problem, welches beim Wiedereintauchen bemannter Flugkérper in die Atmosphare 
gelost werden muB, ist das heile Hinbringen des Flugkorpers sowie seiner Besatzung 
moglichst nahe zu einem vorgegebenen Punkt auf der Erdoberflache. Vorliegende 
Arbeit zeigt die Planung und Analysis eines vollautomatischen Wiedereintauch- 
Lenksystems, welches ein heiles Eintreffen des Fahrzeuges an einem vorgegebenen 
Punkt der Erdoberflache mit einer Streuung von 0,02 nmi (lo) garantiert. (Von 
St6rungen, die vom Wind oder dem Fallschirm herrtihren, wurde abgesehen Es 
wurden hiebei Anfangsbedingungen vorgegeben, die mit den derzeitigen Mitteln 
durchaus erreichbar sind. 


Conception et définition d’un systéme de guidage pour la ré-entrée. La sécurité 
pour une fusée et son équipage dans l’opération de ré-entrée dans l’atmospheére au 
voisinage d’une destination pré-établie est un probleme majeur. Ce travail expose 
une conception et une définition d’un guidage completement automatique pour 
réaliser cette opération avec une tolérance garantie de 0,02 miles nautiques. (Elle 
ne tient pas compte des vents ni de la dispersion finale par atterrissage parachuté.) 
Les conditions initiales de la ré-entrée sont celles réalisables avec les engins actuels. 


Nomenclature 


Range angle a Angle of attack (aerodynamic 
Local pitch angle ) Control surface deflection 

Flight path angle (inertial) W Instantaneous vehicle weight 
Flight path angle (local) I Instantaneous vehicle moment of 
Angle of attack (inertial) inertia 


1 Chief Engineer, System Requirements Section, The Martin Co., Denver Division, 
Denver 1, Colorado, U.S.A. 

2 Design Engineer, Systems Analysis Section Staff, The Martin Co., Denver 
Division. 
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Radial coordinate ‘vy Nose surface area 

Altitude above sea level Ss Leading edge surface area 

Earth radius ‘Dp, Profile drag coefficient 
Acceleration due to gravity 

Inertial speed 

Relative (aerodynamic) speed 

Dynamic pressure 

Local mass density of air 

Sea level mass density of air 

Local speed of sound 

Mach number 

Lift Nx, Slope of normal force coefficient 
Drag Distance from nose to centroid of 
Moment leading edge surface ablative mate- 
Incremental angle of attack due to rial 

wind n Distance from nose to centroid of 
Radar elevation angle nose ablative material 

Radar range Overall body length 

Earth range angle of recovery Distance from nose of vehicle to 
location control surface center of pressure 
Standard deviation of radar range | %cg Center of gravity position in percent 
of body length 

Center of pressure in percent of body 
length 

Constant of induced drag 

Weight of nose ablative material 
Weight of surface leading edge 
ablative material 

Average heating rate 


tracking error 

Standard deviation of radar eleva- 
tion angle tracking error 

R.M.S. altitude uncertainty due to 
radar tracking 

R.M.S. earth range angle uncertainty 
due to radar tracking 

Range gain 

Altitude gain » Effective heat of ablation 
Rate feedback gain Horizontal wind speed 
Lift coefficient Reference diameter 

Drag coefficient Radius of vehicle nose 

Moment coefficient Rs Radius of control surface leading 
Base (reference) area edge 


Subscripts 


Initial values ref. Reference trajectory 
Pertaining to nose B Bias 

<. Pertaining to leading edge LIM Limit 
Pertaining to control surface 


I. Introduction 


Manned return from outer space poses many new problems, and a variety 
of scientific and technical disciplines, related and unrelated, are required to 
affect a solution. Re-entry into the atmosphere imposes the problems of severe 
heating and high deceleration. The parameters affecting these problem areas and 
suggested solutions have been given a great deal of attention in current literature 
(see [1) through [{9)). 

On the other hand, questions of accuracy and dispersion correction have not 
received all the attention necessary for practical accomplishment of the re-entry 
mission. It is well known that even very small errors of the re-entry velocity 
vector (position, magnitude, and flight path angle) when entering the sensible 
atmosphere can cause sizable impact errors. For instance, for the vehicle described 
in this report, an error of 0.1 deg in the flight path angle at an altitude of 300,000 ft 
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will result in a miss-distance (pitch) of 21 nmi, if no dispersion correction 
is applied. 

Therefore, error sensitivities of this magnitude are found to be excessive, 
and they may be dealt with in a number of ways, by: 

1. Accepting them, and establishing a systematic land and/or sea search 
operation for the vehicle, as has been suggested in {7}. Although this may be 
acceptable for early unmanned re-entry experiments, it is definitely not acceptable 
when frequent operations with manned re-entry vehicles are involved. 

2. Imposing severe accuracy requirements upon the ascent guidance system 
and orbit correction and ejection systems, or, in the case of return from a deep 
space mission, upon the midcourse guidance system. These requirements would 
result in extremely accurate vectoring of the re-entry vehicle, but would not be 
able to cope with atmospheric turbulence. This approach to re-entry depends 
essentially upon the accuracy with which we can predict the re-entry trajectory 
and is based on an open loop philosophy. It is doubtful whether such an approach 
is feasible or even desirable, using existing state-of-the art information. 

3. Utilizing existing guidance equipments for ascent, orbit correction, ejection, 
(or midcourse guidance in the case of return from deep space), and accepting 
whatever errors accruing at the start of re-entry into the earth’s atmosphere. 
A re-entry (terminal) guidance system may be then devised to reduce or even 
eliminate these residual errors and land the vehicle at a predetermined point 
on the earth’s surface. 

It is the last approach that has been adopted in this study, and its objectives 
may be stated as follows: To devise a closed loop re-entry guidance system 
that will be capable of returning a manned re-entry vehicle to an area of reasonable 
dimensions on the earth’s surface (e.g. an air field) for a set of initial re-entry 
conditions achievable with existing equipments. In addition, this guidance 
function must be accomplished with complete safety to the vehicle and its 
occupant(s). 


II. System Concepts 


To facilitate the safe recovery of the vehicle (and its occupants), the 
requirement, for a terminal guidance system to reduce the size of the vehicle 
recovery area because of re-entry dispersions, is clearly indicated. It also appears 
obvious that for initial flights, whether manned or unmanned, this guidance 
function must be fully automatic. During later flights, a pilot possibly could 
steer the vehicle to the desired recovery site, provided he knows his instantaneous 
position relative to the recovery point, and is given vehicle velocity and attitude 
information. Therfore, a guidance system is required that provides for satisfactory 
performance and is automatic, but can be easily converted to manual operation 
by a pilot. To meet these requirements, a radio command guidance system 
appears to be well suited and this approach will be discussed. One of the 
fundamental system concepts to be considered for any re-entry vehicle configura- 
tion is that of simplicity in the vehicle-borne subsystems. For this reason, it 
will be assumed that a command receiver is already installed in the vehicle 
for other purposes and has an adequate number of spare channels to relay steering 
commands from the ground to an autopilot subsystem. This autopilot in turn, 
actuates aerodynamic control surfaces or other devices for obtaining control 
moments. The instantaneous position of the vehicle, in earth coordinates, is 
obtained from ground radar observations. To assure that the vehicle lands at a pre- 
selected site on the earth’s surface, the actual trajectory of the vehicle, determined 
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by radar tracking, is compared with a given reference trajectory by a ground- 
based computer. Altitude, range, and azimuth correcting signals are then 
transmitted to the command receiver on the vehicle. Before transmittal, these 
commands may be resolved into their proper pitch and yaw plane components 
if the autopilot requires such information. A simplified block diagram of the 
pitch channel guidance loop is shown in Fig. 1. Several alternate reference 




































































Fig. 1 Simplified block diagram of re-entry guidance loop (pitch channel shown only) 


trajectories may be stored by the ground-based computer. These trajectories 

provide the system with the additional flexibility to guide the vehicle to alternate 

recovery sites if extreme variations in initial re-entry conditions or other consid- 
erations warrant it (e. g. an emergency 
landing). From the equipment point 
of view, the feasibility and practicability 
of this guidance scheme depend strongly 
on two factors: 

1. The number of required ground 
radars must be small but adequate; 

2. Reception of intelligible signals by 
the command receiver must be assured 
despite the existence, around the vehicle, 
of an ionized layer of air because of 
aerodynamic heating phenomena. 

The number of radar stations must 

Minimum vehicle altitude for be adequate for continuous tracking of 

radar detection and tracking the re-entry vehicle from its initial entry 

into the sensible atmosphere (approx- 

imately 300,000 ft altitude) down to the 

recovery site. Because of the curvatur of the earth, and using a given minimum 
radar elevation angle, the vehicle can be tracked, for a given range, only whi 

it is above a minimum altitude. 
An expression for this minimum altitude in terms of range angle and 


elevation angle may be derived from the geometry of Fig. 2 and is gi 


tan y/2 + tand 


Amin _ (RR) A 
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Fig. 3 is a plot of Anin Versus earth range for assumed minimum radar elevation 
angles of 0 and 5 deg. Superposition of Fig. 3 on any of the pitch plane trajectories 
(to be discussed later), shows that two radar stations are sufficient for uninter- 
rupted tracking of a vehicle from initial re-entry into the sensible atmosphere 
to recovery on the ground. One of these radar stations should be located at 
the vehicle recovery site and the other one at a location that is optimum in 
that: 

1. The vehicle, upon its entry into the atmosphere, can initially be acquired; 

2. Continuous tracking of the vehicle by either one of the two radars is assured. 

The latter implies also that there should be some region of the atmosphere 
where the vehicle can be tracked simultaneously by both radars. To avoid 
possible temporary loss of tracking due to constraints in the radar slewing 
mechanism when a tracked vehicle passes directly overhead, the two radar 
antennas should be off-centered with respect to the ground projection of the 
pitch plane reference trajectory. This scheme is required to keep the vehicle's 
receiving antennas in continuous and unobstructed view of the command trans- 
mitter antennas. Both radar stations will be interconnected with the computer 
that could be located at one of the two radar sites. A thorough investigation 
has shown that existing instrumentation radars of the AN/FPS—16 type would 
meet all requirements of the re-entry guidance system under discussion. The 
other important problem that must be considered in determining the feasibility 
of this guidance system, is the transmission of electro-magnetic waves through 
the ionized air surrounding high-speed vehicles. To date, very little of the work 
done in this area has been published. However, BLeviss [10) and others have 
concluded that transmission to and from a vehicle, at certain wave lengths, is 
possible for vehicular speeds up to 25,000 ft per sec and altitudes up to 250,000 ft. 
With receiving antennas mounted along the vehicle afterbody, transmission 
frequencies in the S- or X-band regions are indicated. Communication equipments 
operating in these frequency bands are presently available. Since the re-entry 
vehicles under consideration in this report are without propulsion, a parachute 
system is necessary for final recovery (soft landing). This system could be 
activated either from the ground or by on-board equipment, with or without 
pilot supervision, at an altitude of about 40,000 ft. Below this altitude, corrections 
to the trajectory of the particular vehicle which was investigated could not 
be achieved by aerodynamic means, because of relatively low dynamic pressure g. 


Ill. System Analysis and Evaluation 
1. Vehicle Configuration 


To arrive at a numerical evaluation of the proposed guidance scheme, a 
hypothetical vehicle design was selected for purposes of analysis. The re-entry 
vehicle consists of an aerodynamic shell shaped to provide moderately high 
aerodynamic drag for re-entry deceleration. The external shape of the vehicle 
is a cone frustrum, capped at the front end by a spheric segment nose. Four 
aerodynamic control surfaces, located near the rear of the cone section, provide 
flight control for the vehicle during re-entry. The outer shell of the vehicle 
performs the double function of providing a heat shield and structure for the 
vehicle. The heat shield and structure are separate entities but are bonded 
together, with a layer of insulation between, to form the outer shell. The heat 
shield consists of two thermodynamically different parts. The forward (spherical) 
nose cap is exposed to very high heat fluxes at re-entry, and therefore utilizes 
an ablating surface as a heat shield. The aft (conical portion) of the heat 
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shield is exposed to lower input heat fluxes that do not require the 
protection of an ablating surface and therefore utilizes radiation heat dissipa- 
tion. The control surfaces are four three-dimensional wedges of triangular plan 
form in a cruciform arrangement. The wedgetype profile provides an efficient 
hypersonic lifting surface and the thick trailing edge enhances control effectiveness 
and reduces flutter phenomena. The leading edge of the surface is swept with 
respect to the airstream and blunted to reduce the aerodynamic heating effect. 
The ablating leading edge is circular in cross-section. Small wind shields are 
provided to prevent the ablating material from interfering with the control 
actuation system. Roll and yaw stabilization and control are provided by vertical 
surfaces, and pitch stabilization and control is provided by horizontal surfaces. 
The symmetrical configuration minimizes cross-control effects and results in no 
effective shielding of the pitch controls. Because of the slope of the vehicle 
conical section, the upper vertical control surface remains in an effective flow 
field throughout the usable angle of attack range. This configuration provides for 
the same effectiveness of the upper and lower vertical control surfaces and 
eliminates large induced rolling moments when the vehicle is at combined angles 
of pitch and yaw. 


2. Computer Program 


Prior to the detailed digital computer program, an analog coraputer program 
was formulated using a simplified representation (flat earth, constant weight, 
elementary aerodynamics, etc.). This program was utilized to explore various 
guidance schemes to approach the required accuracies. On the basis of this 
program, a realistic and more comprehensive digital program was formulated 


and a final guidance scheme evolved. This program accounts for vehicle motion 
in the pitch plane, spherical earth, atmospheric turbulence, Mach number variation 
of aerodynamic forces, command guidance, aero heating ,etc. The following 
analysis deals with a single re-entry configuration as described above; however, 
the guidance scheme, that is the subject of this paper, is readily adaptable to 
other configurations, especially if they provide enhanced control capability. 


3. Equations of Motion 
The symbols used in the subsequent equations are defined in the Nomenclature. 
A nomenclature diagram is shown in Fig. 4. 
a) Vehicle Dynamics: 
W 


fe 
a 


d= Wsiny — DceosQ — LsinQ (drag) 


W — 
—vg=Weosy —Lceos2+ DsnQ (lift) 


(p+ 6)—-—M (moment) 
Eqs. (2) through (4) are written with respect to vehicle wind axes and describe 
the longitudinal (pitching) motion of the vehicle. 
b) Kinematics: 
y= —vsiny 
ry =vcosy 
y=O4+4 
r=R+h 





Design and Evaluation of a Re-Entry Guidance System 


h=h; + [ra (9) 
0 
gp=ytat+d=yr+y (10) 

Eqs. (5) through (10) are referred to a spherical, nonrotating earth and describe 
the longitudinal (pitching) vehicle motion in a plane passing through the center 
of the earth. 

c) Aerodynamics and Heating: 

The aerodynamic forces in the following equations apply to a body-lift 
configuration as described above. The assumptions underlying the characteriza- 
tion of the ablative process are given in [11] and [12). 

D=CpqS (11) 
M = CugSly (13) 
q=t00,* (14) 
Cp = Cp,(M) + Ky(M) - «,? (15) 
Cp = Cr,(M) ‘a, + Cz,(M) -0 (16) 


. : . . : l 
Cy = Cy,(M) [AGG — xcp(M)) ee Cm, (M) - (6 + 1) re C,,(M) | - 


1.32 
M a 
W=W,;—(A+B) 


C A a 
6 


(liz — ly xcG)? 


oO 


= [ x at 


gn = 0.366 x 1078 (2 
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gs = 0.0805 > 10-5 


M 


a 
d) Atmospheric Turbulence (Fig. 3): 


9 


v?+ u*+ 2vucos (9+ a) (29) 
a—Q (30) 


u sin (6 + a) 


arc tan (31) 


v + ucos (9 + a) 
u(h) (32) 
0 = o(h) (33) 
e) Guidance and Control (Fig. 6): 
The equation for vehicle position uncertainties due to radar tracking in- 
accuracies are discussed in section VII. 
- (6 — dz) = Ky (ret — y) + Ki(Ares — h) + K 5 (6 + p) (34) 
0) < drm (35) 
!. Numerical Data 
a) Constants: 
49.2 ft? d= 5.17 ft 
= 26.6 ft? ly = 11.75 ft 
4.75 ft? ly = 0.66 ft 
3.18 ft lry = 11.60 ft 
0.125 ft lie = 10.72 ft 
= h,, = 5100 BTU/Ib 
2.091 x 10° ft Oxrim| = 25 
See Fig. 7 and 8 for additional aerodynamic data. 
For u = u(h), see (13), and for 9 = o(h) see (14) (std day). 
b) Initial Values: 
= 5000 Ib Vv; = 24,390 ft/sec 
1200 slug ft? 0; ='6 
- 0.58 h; = 300,000 ft 
5. Re-Entry Errors 
Initial re-entry errors are a function of many variables. In the case of an 
orbiting vehicle, the chief error sources are: 
Ascent guidance accuracy; 
Orbit correction techniques; 
Orbit ejection errors (attitude and magnitude of retro-thrust) ; 
Attitude stabilization from orbit to atmospheric entry. 


An approximate analysis of these and other error sources has been made. 
The results indicate that initial re-entry dispersions occurring from the enumerated 
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sources can be reasonably specified not to exceed the following 1 o values at 
an altitude of 300,000 ft: 

Flight path angle (y;) = + 0.1 deg 

Range error (RK y;) = + 50nmi 

For other re-entry situations, such as return from a deep space mission, 
the error magnitudes will be different as a different re-entry vehicle will be 
used. Therefore, additional analysis will be required even though the guidance 
concepts and techniques remain unchanged. 


IV. Discussion of Results 
/. Selection of Reference Trajectory 

The approach and guidance philosophy outlined in this report requires the 
selection of a reference trajectory that: 

Can be flown with little or no energy expenditure; 

Does not impose excessive decelerations upon the vehicle and its occupants; 

Does not require an excessive amount of ablative and structural material 
to protect the vehicle (and its occupants) from the severe heating which occurs 
at re-entry into the atmosphere. 

The first requirement makes it mandatory that the vehicle follow a zero 
lift or near zero lift trajectory, therefore, making most or all control effectiveness 
available for correction of deviations from the reference trajectory. 

Figs. 9 through 13 give a quantitative indication of the increase of maximum 
deceleration, dynamic pressure and heating rates with an increase of the initial 
flight path angle (at 300,000 ft). Fig. 11 also shows how the total heat absorbed 
decreases with an increase of the initial flight path angle. Therefore, for 6 = 0 
with control surfaces locked, it appears that y; = 1.6 deg represents a compromise 
initial re-entry angle from the point of view of deceleration versus heating criteria. 
However, for 6 = 0, the magnitude of deceleration is excessive for physiological 
reasons. 

To reduce the deceleration, lift is introduced with a constant bias control 
surface deflection. Figs. 14 through 17 describe the effect of the magnitude of 
this bias on the significant parameters of the problem. A compromise surface 
deflection bias of dz — 4 deg was selected because it 

1. Reduced the peak deceleration to 8 g’s and 

2. Left enough control and maneuvering capability to effectively correct 
deviations from the reference trajectory. 

Therefore a suitable reference trajectory for the chosen configuration is 
characterized by 

Op = — 4deg, i = 1.6deg, e— 0 
at 300,000 ft altitude. The technically significant parameters of the vehicle 
descent along this flight path are shown in Figs. 18 through 28. 
2. Closed Loop versus Open Loop Trajectory Characteristics 

Table I shows the broad range of re-entry conditions that were investigated 
for the given vehicle configuration. All technically significant variables were 
computed for each of the trajectories. Vehicle accelerations, angle of attack, 
heating rates, total heat and weight loss due to ablation must be kept within 
allowable tolerances dictated either by human (physiological) or structural 
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considerations. Upon consideration of these factors and present day hardware 
capabilities, the following tolerances on initial re-entry conditions, at 300,000 ft 
altitude, were used for the given vehicle configuration, system gains and the 
selected reference trajectory: 

Tolerance on initial flight path angle: + 0.1 deg; 

Magnitude of allowable initial range error: + 50n mi. 


Table I. Re-Entry Conditions Investigated (Digital Computer Program) 





OBias ai Initial range’ ¢ 2 Wind profile 
(deg) (deg) error (n mi) - (direction) 
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The above tolerances represent the minimum acceptable accuracy requirements 
on the performance of the guidance and stabilization systems (as well as of the 
orbit retrograde thrust system if the vehicle is a re-entering satellite) that must 
bring the vehicle down to the sensible atmosphere where the vehicle may be 
acquired by the terminal guidance system radar. Within the performance 
tolerances discussed above, the open loop impact dispersions in the pitch plane 
are shown on Figs. 29 and 30 as functions of initial flight path angle, with initial 
range error and wind profile as parameters. All of the dispersion values have 
been referred to the impact point of the given reference trajectory. In addition, 
the wind profile used is based on the 99°% probability curve of [13]. The open 
loop impact dispersions are approximately linearly dependent on initial flight 
path angle within the range considered. The impact error sensitivity, defined 
by the slope of the straight line, is independent of initial range error and wind 
profile. This error sensitivity has been determined to be equal to 1,250,000 ft 
of impact error per one degree of deviation of the initial flight path angle about 
its nominal value of 1.6 deg. Inspection of Figs. 29 and 30 shows the open loop 
impact dispersions to be of appreciable magnitude even for small deviations 
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in initial re-entry conditions. However, with the guidance loop closed, the 
impact dispersions, by computational results, are shown to be always reduced 
to less than 0.02 n mi (1 a) without winds; with winds, the dispersions are less 
than 0.4n mi (1 a) at 40,000 ft altitude where the parachute descent phase begins. 
Due to space limitations and the possibility of redundancy in presentation, 
complete data will be presented in this paper for one set of initial re-entry condi- 
tions only. This set of conditions represents one of the most adverse possible 
combinations of initial errors. The closed loop trajectory characteristics presented 
on Figs. 31 through 39 are based on an initial flight path angle of 1.5 deg (minimum 
allowable value) and an initial range error of plus 50 n mi (maximum allowable 
value). The reference trajectory was the one discussed previously. 
Completely definitive data on human tolerances to inertia forces experienced 
during re-entry are not yet available. However, it appears from an analysis 
of some of the existing data [15], [16] — that man will probably be able to 
tolerate the combined effect of the accelerations in most tests with safety (Fig. 31). 
This generalization is based on the assumptions that man is properly supported 
and protected and also is oriented in a direction in which acceleration effects 
on the human body are minimized. The configuration and reference trajectory 
used in the study were selected only to demonstrate the feasibility of the re-entry 
guidance concept, but were not necessarily optimized for other re-entry considera- 
tions. By increasing the lifting capability of the vehicle and optimizing the 
reference trajectory, it is obviously possible to reduce the magnitude of the 
re-entry acceleration to a level that can be always tolerated by a human. 


3. Closed Loop Response Characteristics 


Although the selected guidance and control gains were not necessarily optimum 
for all conditions considered in the IBM 704 program, the computed closed 
loop system responses clearly demonstrated the adequacy of the guidance scheme 
as far as damping and response time are concerned. Figs. 40 and 41 are plots 
of range and altitude error versus time, respectively, for a closed-loop trajectory 
with a set of assumed initial re-entry conditions appreciably different from 
those of the reference trajectory. Both graphs indicate the fairly rapid nulling 
of errors once aerodynamic control becomes effective. The actual motion of 
the control surfaces in response to the command signals based on the vehicle’s 
position errors shown on Figs. 40 and 41, is plotted on Fig. 42. Note that the 
indicated maximum required time rate of change of the control surface deflections 
is readily achievable with existing hydraulic servo systems. 


1. Closed Loop versus Open Loop Vehicle Parameter Characteristics 


The open and closed loop variations of some of the more important vehicle 
parameters with initial flight path angle and for assumed zero initial range 
errors are compared on Figs. 43 through 46. The open loop values for maximum 
average heating rate and total heat are either reduced or stay essentially un- 
changed when the guidance loop is closed (Figs. 44 and 45). The percent change 
in burnoff weight for deviations in initial flight path angle about its reference 
(nominal) value of 1.6 deg is plotted on Fig. 46. The graph shows the open loop 
values of loss in vehicle weight due to ablation to be appreciably reduced for initial 
flight path angles less than nominal when the guidance loop is closed. For initial 
flight path angles greater than nominal, the closed loop weight losses are largei 
than the corresponding open loop values by less than 1°,. The above results 
may be qualitatively explained. For initial flight path angles less than nominal, 
the vehicle will descend through the atmosphere more rapidly when the guidance 
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loop is closed than when it is open; for initial flight path angles greater than 
nominal, the opposite is true. At the same time, the effect of heating rate on 
ablated weight appears to be only of secondary importance. Therefore, the 
loss in vehicle weight due to ablation is primarily a function of time it takes 
for the vehicle to return through the atmosphere to the earth’s surface. 


VY. Pilot Participation in Guidance Function 


Before man may fully participate in the terminal guidance and control function 
of a re-entry vehicle, his capability to satisfactorily perform in the re-entry 
environment must be demonstrated. Once early flight tests have shown man 
to possess the necessary qualifications, he then could be allowed to steer the 
vehicle manually to the vicinity of the desired recovery site. Alternately, the 
pilot could monitor the automatic guidance system, and if necessary, exercise 
an override function for final or vernier correction. At an altitude where aero- 
dynamic corrections to the flight trajectory are no longer feasible, the pilot could 
also actuate and monitor the terminal parachute landing system. To accomplish 
a re-entry mission, the pilot must be given vehicle velocity and attitude informa- 
tion as well as his instantaneous position relative to the landing site. Position 
error information may be displayed to the pilot directly by suitable modification 
of the command receiver output. Any other required information must be 
obtained from on-board instrumentation or by radio signals from the ground. 
The display to the pilot could be visual and/or auditory. The pilot’s controls 
must be designed so that he can manipulate them effectively without excessive 
effort in the re-entry environment. This is discussed in [17] in some detail. 


Therefore, the fully automatic guidance system loop can be readily adapted 
to one into which a pilot can be successfully integrated. 


VI. Conelusions 
Examination of the results of this study show: 


A manned (or unmanned) vehicle re-entering the earth’s atmosphere 
from an orbital or space mission can be safely recovered; 

Recovery at a pre-selected site can be achieved if a guidance system 

as the one described is used; 

The components of the guidance system described are within the 
present day state-of-the-art and some of them are already available; 

4. The landing error for the example configuration, within the limitations on 
initial re-entry conditions discussed, is less than 0.02nmi (lo), (neglecting 
winds and drift in the parachute descent phase); with winds, the dispersions 
at 40,000 ft altitude are less than 0.4n mi (lo); 

5. That for aerodynamic configurations with greater control capability than the 
example configuration, greater landing accuracy and considerable reduction 
in deceleration are obtainable. This, in turn, permits acceptance of a greater 
range in allowable initial re-entry dispersions; 

6. The generality and overall flexibility of the proposed guidance scheme 
makes it applicable to a variety of controllable re-entry configurations. 

7. The fully automatic system may be adapted to one in which the pilot 
becomes an integral part of the loop (with certain modifications in the mechaniza- 
tion of the proposed guidance scheme). 
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VII. Vehicle Position Uncertainties Due to Radar Tracking Inaceuracies 


The computation of the actual vehicle position, in earth coordinates, by 
the ground-based computer is subject to the tracking accuracy limitations of 
the radar. The guidance signals to the vehicle, therefore, may be based on in- 
accurate information. To evaluate the magnitude of the errors introduced by 
the tracking radar, an error analysis of the pitch plane problem was performed. 
The radar uncertainties in measuring slant range and elevation angle were assumed 
to be random and mutually independent of each other. It was also assumed 
that a single radar located at the recovery site is able to track the vehicle contin- 
uously. Although this approach is not exact, it certainly results in highly conserv- 
ative error estimates. 

The rms altitude uncertainty due to the radar tracking errors is given by: 
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€, and ¢, were computed for all trajectories; the results clearly show that 
the magnitude of these uncertainties is always negligible compared to the actual 
values of altitude and earth range angle. Fig. 47 shows, for the reference trajectory, 
the vehicle position uncertainties due to radar tracking. 
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8. Trim and stability characteristics vs Mach number 
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Fig. 9. Open loop trajectory characteristics Deceleration vs time (6 
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Fig. 12. Open loop trajectory characteristics Earth range vs initia 
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Fig. 13. Open loop trajectory characteristics Percent burnoff weigh 
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Fig. 18. Reference trajectory A xialdeceleration vs time (0g 4 deg, y; 1.6 deg, aj = 0) 








Fig. 19. Reference trajectory Transverse acceleration vs time (dg — 4 deg, 7; 1.6 deg, 
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Reference trajectory — Altitude vs earth range (dg — 4deg, y; = 1.6 deg, a; = 0) 


























Fig. 23. Reference trajectory — Mach number vs time (6g = — 4 deg, ; = 1.6 deg, a = 0) 
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Fig. 26. Reference trajectory Total heat vs time (dg — 4 deg, y; 1.6 deg, a; 


Fig. 27. Reference trajectory Percent weight decrease vs time (dz 
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Fig. 42. Closed loop trajectory characteristics — Surface deflection vs time (yi = 1.6 deg, 
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Fig. 43. Open vs closed loop trajectory characteristics — Maximum deceleration and dynamic 
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On the Numerical Computation of Free Trajectories of a Lunar 
Space Vehicle! 
By 
J. M. J. Kooy? and J. Berghuis® 
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(Received November 18, 1959) 


Abstract Zusammenfassung — Résumé 





Vol. On the Numerical Computation of Free Trajectories of a Lunar Space Vehiele. 
With the occasional use of a ‘“‘Bull Nederland’’, Amsterdam, electronic computer, 
we have been able to carry out numerical investigations on trajectories of moon 
rockets. To begin with, a three dimensional orbit was worked out, in which the 
vehicle approaches the moon to within about 11000 Kilometers, and so arriving at 
a position from which the hidden lunar hemisphere can be observed. Then, after 
completing a loop, the vehicle returns again to the vicinity of the earth. In this 
first example, the launching site was chosen on the equator, and during the last 
stage of the flight, a ballistic speed, just sufficient to bring the vehicle within lunar 
distance, was applied. 

In a subsequent investigation, the launching site was chosen along a Northern 
latitude (Cape Canaveral), and a hyperbolic speed was applied in the last burn 
out point. The effects of the application of a retro-rocket in the vicinity of the 
moon have also been explored. In this way, orbits planned to hit the moon, and 
also to circumnavigate the moon and return to earth, have been obtained. In all these 
cases, the lunar and solar disturbances have been taken into account 

In addition, the possibility of launching a moon satellite has also been examined, 
and a corresponding orbit has been computed. It appeared that the KEPLER motion 
of such a moon satellite (with respect to a selenocentric system of reference, and 
not rotating with respect to the celestial sky) is strongly influenced by the combined 
terrestrial, and solar disturbances. 
























Uber die numerische Berechnung einiger Flugbahnen yon Mondraketen. Durch 
die von ,,Bull Nederland’, Amsterdam, angebotene Verwendung einer elektronischen 
Rechenmaschine ergab sich die Méglichkeit, einige numerische Bahnberechnungen 
fiir Mondraketen durchzufiihren. Als erster Fall wurde eine dreidimensionale Bahn 
berechnet, wobei sich das Raumfahrzeug dem Mond bis auf etwa 11000 km nahert 
und die Riickseite des Mondes beobachtet werden kann. Nach Durchlaufen einer 
Schleife kommt das Fahrzeug wieder in Erdnahe. In diesem Falle wurde der Start- 
platz am Aquator angenommen und beim letzten Brennschlu8 wurde eine sogenannte 
ballistische Anfangsgeschwindigkeit vorausgesetzt, die gerade ausreichen soll, um 
das Raumfahrzeug auf Mondentfernung zu bringen. 










1 Presented at the Xth International Astronautical Congress in London, August 31 
- September 5, 1959. 

2 Lector of the Royal Military Academy, Breda, The Netherlands. 

3 Scientific Adviser of ‘‘Bull Nederland’’, Amsterdam, The Netherlands. 
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Bei einer weiteren Untersuchung wurde der Startplatz in nordlicher Breite (Cape 
Canaveral) gewahlt und beim letzten BrennschluB eine hyperbolische Geschwindigkeit 
angenommen. Die Auswirkung einer Bremsrakete in der Nahe des Mondes wurde 
studiert. Bahnen, die es nach Abbremsen gestatten, den Mond zu treffen, sowie 
Bahnen fiir die Mondumfahrung mit darauffolgender Rtickkehr zur Erdoberflache 
wurden berechnet. Weiters wurde die Méglichkeit untersucht, durch geeignetes 
Bremsen in der Mondnahe einen Mondsatelliten zu bekommen. Eine entsprechende 


Bahn wurde bestimmt. 

Bei allen Untersuchungen wurden auch die St6rungen der Sonne beriicksichtigt. 
Es stellte sich heraus, daB die KEPLER-Bewegung des Mondsatelliten in bezug auf 
ein selenozentrisches Koordinatensystem sehr stark durch die kombinierte Wirkung 


von Erde und Sonne gestort wird. 


Sur le caleul des trajectoires libres d’une fusée lunaire. Grace a une calculatrice 
électronique mise a notre disposition par la société ‘‘Bull Nederland” a Amsterdam 
le calcul de quelques trajectoires de fusées lunaires a été rendu possible. D’abord 
une trajectoire tri-dimensionnelle au cours de laquelle le véhicule s’approche de la lune 
a environ 11000 km dans une position permettant l’observation de la face cachée de 
celle-ci; apres une boucle il retourne dans le voisinage de la Terre. Le site du 
lancement a été prévu a l’équateur et la vitesse en fin de combustion juste suffisante 
pour atteindre le voisinage de la lune. La précision nécessaire sur la vitesse parait 
étre d’environ 1/5. 

Dans une autre investigation le site a été prévu dans l’hémisphére nord (cap 
Canaveral) avec une vitesse hyperbolique en fin de combustion. Les effets d’un 
freinage par fusée dans le voisinage de la lune ont été évalués. Les orbites obtenues 
de cette facon peuvent donner des impacts lunaires ou un contournement suivi de 
retour a la surface de la Terre. Dans tous les cas les perturbations solaires et lunaires 
ont été prises en considération. 

On s’est préoccupé de la possibilité d’obtenir un satellite lunaire et une orbite 
correspondante a été calculée. Le mouvement KeEpL&rien du satellite dans une 
référence selenocentrique liée aux étoiles fixes apparait comme fortement perturbé 
par le champ combiné de la Terre et du Soleil. 


I. Introduction 


In the case of a lunar space vehicle, it is customary to consider the motion 
of the vehicle in terms of a rectangular geo-centric system of reference x, y, z, 
with the origin lying at the centre of the 
earth, the axis Oz along the terrestrial axis 
of rotation, and the axis Ox passing through 
the point Aries (point of intersection of the 
celestial equator and ecliptic, passed by the 
sun at the beginning of Spring). This geo- 
centric system of reference does not, how- 
ever, rotate with respect to the celestial 
sky, whereas the plane x y is identical with 
that of the equator plane. (The precession 
and nutation motion of the earth, by which 
the direction of the terrestrial axis varies 
in time as to the celestial background, can 
be safely neglected throughout the relativ- 
ely short travel time of the lunar space 
vehicle.) The free orbit of the space vehicle is the trajectory described by the vehicle 
during free flight, when it is subjected only to the terrestrial attraction and the 
disturbing forces set up by the sun and the moon. Free flight, therefore, begins 





Fig. 1. N North pole; Oz 
Terrestrial axis of rotation 
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at the last burn out point, at which the rocket motor of the last stage ceases 
to operate. Only this last stage describes the free trajectory, and forms the 
lunar space vehicle in the narrower sense of the meaning. 

The interacting bodies which come into play are the earth, the sun, the 
moon and the space vehicle itself. The influence of the nearest planets is very 
weak, and may be disregarded, as well as the oblateness of the earth. Furthermore, 
the altitude of the last burn out point above the earth’s surface is so high that 
no aerodynamic forces come into play. Our space vehicle, in free flight, therefore, 
is only influenced by the terrestrial, solar and lunar attractions, and by the 
inertia forces due to the accelerations of the reference system x, y, z in solar 
and lunar directions — on account of the solar and lunar attraction on the earth. 

With respect to the geocentric system of reference x, y, z, the sun and the 
moon describe their orbits around the earth, and the interaction between sun 
and moon must therefore be taken into account. On the other hand, the reaction 
of the space vehicle, on the solar and lunar bodies, owing to its minute size, does 
not come into play. And so we have to consider here a restricted problem involving 
four bodies. This problem can then be divided up into the classical problem 
of three bodies (the earth, moon and sun), and the problem of the space vehicle’s 
motion in the resulting field of force, varying with time, due to the earth, 
sun and moon. ° 

And so, in order to obtain this resulting field of force as a function of x, y, z 
and ¢, we must first of all determine the solar and lunar motion with respect to 
the geocentric reference system x, y,z for the whole of the travel time of 
the space vehicle. We therefore have to begin by finding the initial conditions 
of this solar and lunar motion at some convenient instant of time. 


II. Determination of the Initial Conditions of Solar and Lunar Motion with Respeet 
to the Geocentric, Non-rotating Reference System 


In the ephemerides, the celestial positions of the sun and moon are given 
’ I fe) 


in right ascension and declination, as functions of time. From these astronomical 


tables, the spatial position and speed as 
to magnitude and direction at a given 
instant of time as to the geocentric, non- 
rotating reference system must be found. 
In Fig. 2, x, y,z is to be taken again 
as the previously mentioned geocentric 
reference system. In the figure, an 
octant of the celestial sphere is in- 
dicated. The declination of point P is 
denoted by qg, and the right ascension 
by x. 


We can then determine, as direc- 


_ 


tion cosines of the vector OP: 








A = COS gp cos re Le = COS ¢ sin > Fig. 2 
y= sing (1) 
Now let us first of all determine the initial conditions of the solar motion at 
some given instant of time. Let 6 be the radius vector of the sun, with O as 
the centre. Then, if A, uw and » be the direction cosines of @, the solar coordinates 


become: 
GS Ve= z vo (2) 
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so that: 
Ve=fhot+pmo, Z=vo+vo (3) 
and: 


+2A6+20, V;=fot+2no6+u0, %=—VO+2%6+ v0 (4) 

In first approximation, the sun describes a KEPLER motion around OQ, as 

though a mass were concentrated at O, equal to the sum of the solar and 

terrestrial mass. Then the equations of this solar KEPLER motion become: 
ke : b " ke | 


i.= —- A, 5 a £5 = td 
: > | 


02 
in which k? = /(M,+ M,), / being the gravitational constant and M, and M, 
the solar and terrestrial mass. 

Then, by (4) and (5), we obtain: 


l=Ao+: 
=fio+2n6+pNo 


=Fo+2po+vr6 





In (6), the quantities 4, u, 7, A, it, b, A, fi, ¥ corresponding to a given instant 
of time t4 can be found from the ephemerides as follows: 

By using the relations (1), we can directly obtain the quantities A, y, v 
for some consecutive instants of time 4), fy, ts, ty,¢; from these astronomical 
tables. Then, within the time interval ¢, ~?¢,;, we can represent 4 as a function 
of ¢ by the polynomial expression: 

5 JT (t — t;) 

2 = hs (7) 
— TT] (t, — t;) 
k=1 igk 
in which /7 indicates the continued product from 1 = 1 to 7 = 5, and the suffix 
1 ~ k denotes that the term 7 = k is omitted. 

Similar expressions can be used for w(t) and v(t). 

In (7), only 5 consecutive instants of time are used. The use of a larger number 
would hardly give a better representation. We can then find the values for 


A(t) = 


4 and A for any instant of time within the interval 4, >¢,; by the 
differentiation of (7) regarding time. And by similar means, we can obtain the 
corresponding values for “1, #@ and 3%, ¥. 


Then in (6), the quantities 4, eB i, ft, 4, ¥,» and » become known for a 
given moment chosen as the initial time instant. 

From the first two eqs. (6) we find: 
—_— wA-Ap (8) 

2(A uw — A) 

Now because in the ephemerides used also the parallaxes are given corresponding 
with the indicated celestial positions, 9 at the chosen initial time instant is also 
known, so that @ can be found from (8). Next, the initial conditions for the solar 
motion then follow from (2) and (3). Similarly, the initial conditions of the lunar 
motion can be found from the ephemerides. Then the initial conditions for the 
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entire system made up of the sun and moon has been found, determining the 
motion of this system in regard to the geocentric, non-rotating reference system. 


Ill. The Differential Equations of Motion of the System of Sun and Moon with 
Respect to the Geocentric Reference System, and their Numerical Integration 


These differential equations of motion are: 


o* Xs , Vm 
= 1(M, ae M,) 9 9 9\3/2 / M», . 2 ) ‘ 3/2 
(5 ove or Z5“)°* Xm~ Vm a ae 
f Xm Xs 
{M,————_, " - =a 
| (Xm pai Xs)" (Vm 7 V5) (2m 7 al ila 
and similar equations for y, and 2, ‘ 
mn en Ks 7 
Am = — 1(M, a i Mn) 2 2 \3/2 / M, 9 > ~ 2\3/2 
(Xm° + Vm° + 2m°)?!° Met Ver ee 
’ Xs ~ Xm 
T / M, A 9 9 9 
(Xs — Xm)" + (Vs — Vm)* + (Zs — Zm)* 
and similar equations for V,, and 2. 





In these differential equations, in which x, y,z, denote the coordinates of the 
sun and %m Vm Zm those of the moon, the mutual disturbances are taken into 
account. 

Because the mass of the space vehicle is practically infinitesimal in comparison 
to the solar and lunar mass, the motion of the vehicle has no reaction on the 
solar and lunar motion, so that the numerical integration of the system (9) 
can be carried out quite independently of the motion of the space vehicle. 
For the numerical treatment of the system (9) by means of the electronic computer, 
the method of RuNGE and KutTTA is extremely suitable, and has been applied 
to making the numerical computations, the results of which are discussed in 
this article. 

In order to describe briefly the numerical integration scheme of the system 
(9), let us write this system: 





Use = f4(%s, Ver Zs> Xr Vous Zm) = Bp = Us 
Usy a fo(Xs, Vs) 2s, Xm, Vm, Zm) Vs Usy 
Vee = 3(Xs, Vs, Zs, Xm, Vm) 2m) Zs Use { 10) 
Ving os has, Vs, 2s, Xm, Vm, 2m) Xm Umx 
Umy =a f5(%s, Vs) 2s) Xm, Vms 2m) Vm Umy 
Ums — fe(Xs, Vs, 2s, Xm, Vm 2m) zm Um: 


(10) is a system of 12 simultaneous differential equations of first order, with 
Xs, Vs, Zs, Xm, Vm, zm) Usx, Usy, Usz, Umx) Umy, U mz) 
as dependant variables and ¢ as an independant variable. The space of configura- 
tion of this system is a flat space of 13 dimensions Rj,, and the integration curves 
of (10) are space curves in Rj. The integration curve of the special solution 
coming into account passes through the point: 
Xs) vss Zs) Xm,» Ym 2m) 


9) 9) 9) 9) 4) 
Usx » Ysy» “szy e MX» Umy 


9) 
Ums_, | 
# oP yr YM,» “ay 


corresponding to the initial positions 7, ,7m,, and the initial speeds @,_ 
7 C ¢ 
and Fm, of the sun and moon at the initial time instant ¢,. The numerical 


integration by the RUNGE and Kutta method then runs as follows: Let h be 





120 J. M. J. Kooy and J. BERGHUIs: 


a small increment (step) of the independent variable ¢, and let the corresponding 
increments of the dependent variables: 
Xs, Vs, 2s, Usx, Usy, Use, Xmy Vy Fm, Umx, Umy, Um, 
be denoted by: 
k,l,m,p,q,5, k, l,m, p, q, Ss. 
Then: 
k=3kh,+42,+4h, +3, and similarly, l,m,p,q,8,k, l,m, p,q, S, 


in which: 


ky 


Ps = 


ba = fy(%s + Fg, Vs + 1g, 2s + Mg, Xm + Rg, Vm + Ly, 2m + Mg) h 


And similarly: 9, = fo(..-) 2, 9a, Ys, %4 
and S, = fy(...) B, Sq, Sq, Sg 





and in a similar manner: k, 1, m, p,q, Ss. 

The scheme (11) must be passed through in the sequence: 
Rly, My Py Gy Sp Ry Ly, My Py Qs Sa» Ray la, Ma, bar Yar Sar Ko, Lo, Ma, Par Yo, So» 
Rg, 13, Mg, Pgs 93, Sg, Rg, Lg, Mg, Pg, Ig, Sgr Barly, My Pas Ia Sq Ra, Ly, My, Par Ia» Sa- 

This step by step integration starts at time ¢=4¢,, with the corresponding 

initial values derived from the ephemerides. In order to estimate the 

accuracy of the results, the whole step by step computation should be 
repeated with half the number of steps, so that each step becomes 2h. Then 
1/15th of the difference in the result in both computations, at the end of the 
step by step calculations passing through the orbits of the sun and moon, indicates 
the measure of inaccuracy of the in time final result of the first computation using 
steps h. 
When this numerical integration has been completed, we arrive at: 
Sd 
= med (2 J ve— wan, 
aes (12) 
Xm = Xm\t), Va = Vm(t), = 2m 
as known functions of time throughout the travel time of the lunar vehicle. 


IV. Determination of the Initial Conditions of Free Flight of the Lunar Vehicle 
in Case of a Launching Site on the Equator, and Initial Ballistic Speed 
In the case of the moonshot, we speak of initial ballistic speed if the speed 
at the last burn out point is just sufficient to bring the vehicle in free flight 
at lunar distance. This ballistic speed would only be applied if the ultimate 
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aim is to obtain a free trajectory along which the space vehicle circumnavigates 
the moon and then returns to the vicinity of the earth. The zero orbit is the 
trajectory which the vehicle would describe in free flight should it be influenced 
by terrestrial attraction only. In order to take full advantage of the earth’s 
rotation, the launching site must be 
chosen on the equator, and the zero 
orbit must coincide with the equator 
plane!. As the meeting point of the 
vehicle and the moon in zero approx- 
imation, one of the points of in- 
tersection (lunar nodes) of the lunar 
orbit and equator plane can be chosen. 
The lunar motion 7, =7,(t) 1s pre- 
determined throughout the time of 
travel, so that the radius vector 7y 
of the meeting point is known too. 
In Fig. 3, the meeting point N is 
taken to be situated in the quadrant 
x+,y-—, in accordance with the 
following numerical example. Then if?: 
*yh=t%n+] YN, 
tg 0 —. (13) 


Let us choose the last burn out point D on the line of nodes (= the line of 
intersection of the lunar orbit plane and the xy plane = equator plane), at a 
distance ry from O (= centre of the earth). Further, the initial speed a) in D 


——> 
is chosen perpendicular to OD = 7). The zero orbit will then become an ellipse, 
with the major axis along the line of nodes. D will then be the perigee, and N 
the apogee of this zero orbit, whereas the length of the major axis: 


: uu? | 
LA=T1, + IN = - 
0 , 945 (14) 


in which uw? = g,R?, if g) denotes the acceleration due to gravity on the surface 
of the earth, and R denotes the radius of the earth {1|. Hence: 


»? 


go K 


(15) 


Further, the travel time which the vehicle needs in order to cover the zero orbit 
from D to N is half the time of revolution required to pass through the whole 
of the elliptical orbit {2], and amounts to: 
r = (7% + rn)” (16) 

R |g 

1 In this respect, the northern point of New Guinea would be an ideal launching 
site, with the whole of the Pacific Ocean to the East, thus allowing the initial rocket 
stages to return to earth without damage. 

27 and j denote unit vectors in ¥ + and y+ direction. 
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If ty be the time at which the moon passes the point N, then the required starting 
time at the last burn out becomes: 


tp = ty —T (17) 
We then continue to read off from Fig. 3 as initial conditions: 


X99 = — 7% COS é, Vo = 7% SIN é, - 
“9, = —U sin 0, Up, = — Ug COs O, (18) 
The initial conditions in space and time in zero approximation are then specified 


by (13), (15), (16), (17) and (18). 


VY. Determination of the Initial Conditions of Free Flight in Zero Approximation 
in Case of a Launching Site at Terrestrial Latitude ~, and Initial Hyperbolic 
Speed 


The motion of the moon 7,, = 7,(t) is given. Assume a starting time ¢, from 
the launching site, and estimate 7;,,, as time of free flight travel. Then let the 
lunar position P at the time ¢, + Ttray be chosen as the ,,target point in zero 
approximation”. Again we define as the zero orbit the trajectory which the 
vehicle would describe if it were subjected only 
to terrestrial gravitation. The zero orbit, there- 
fore, will be a conic section. Then the plane 
containing the terrestrial centre O, the launching 
site at the time ¢, and the target point P can 
be chosen as the zero orbit plane. Let the coor- 
dinates of the launching site at time ¢, be %, yz, 
and z,, and of P, xp, yp, and zp. Now let us 

write the equation of the zero orbit plane: 
Azx+ By+2z=0 (19) 

Then A and B can be solved from: 
Ax,+ By,+2,= 09, Axp+Ayp+zp=0 
Fig. 4. OQ is line of - (20) 
tersection (21); z axis = : ; P : 
> > arce > “ > ( r 
to plane of figure directed The line of intersection of the plane (19) with 
to observer the xy plane then becomes: 

A 


Ax+ By=( = —-—X% 2 
Ax+ B ) or 4 B* (21) 


Let us assume that P is situated in octant x, +4, +2 and S (launching 
site at time ¢,) in + x, + y, + z. 
The line of intersection (21) will then be situated as indicated in Fig. 4. 
Then tg 0 = A/B, so that 
B 
)A2+ B 


Then, if 7, 7 and & are unit vectors in the directions x +-, y+ and z+, the unit 


sin 6 = ; ; cos 0 = 


vector along OQ becomes: 


— + 


OQ = —icosé6+j7sind= — 


7p — tXp +7 yp = ie R Zp. 
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Then: 
-xpcosd+ ypsind 
L(%p, OQ™) = B = arc cos : 
1p 
Xp B+ YP A 


= arc COS 
| (A? + B®) (xp? + yp? + zp?) 


Let y be the angle included by the zero orbit and the xy plane. Then, by (19): 


l 
y = arc 05 7 ae wie (24) 


In Fig. 5 the zero orbit plane with 7p (the radius vector of P) and 7 (the radius 
vector of the last burn out point D) is deflected in the plane of the figure, which 
coincides with the xy plane. a) (which is also deflected in the zero orbit plane) 


denotes the initial speed of free flight. Now let us assume values for the scalar 
quantities 7%,v) and a= <(%, %). In order to indicate the zero orbit in 
its orbit plane, let us use polar coordinates, taking O as the polar centre and OD 
as the polar axis [3]. Then we obtain as the equation of the orbit: 
Un" #" sin” 
_ P in which p= 2-2 : “a 
1 + ecos (9 — 4) be 


2 
iu” 


j 


Up Sina — 
Up %p SIN & 


6) = — arc cos 


Up Yo SIN & 
: : woe 


; =e 
ha 0 a) 





Sana’ 
79" SIN & 
Then 6p (see Fig. 5) can be solved from: 


p 


"p= ) 
P* 1+ € cos (Op — 6) 


l 
Ap = arc Cos _(2 ses } — oP 
E \7%p 
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Let us now apply a hyperbolic zero orbit, so that ¢ > 1, or vg? > 2?/r9. Then, 
in order to pass through the orbit from D to P, the time of travel becomes [4]: 


Op 


T p* dé p? 
T=- = eee , ia 
Up% sina J [1+ € cos (9 — Gp) |? Up 7 Sin & J (zp) — J (2%) 
0 


in which the indeterminate integral form 


] Rice D Dx 
J(2)=s Y—14 92+ (e2 — 1) 22 + 
e2— ] (27) 
] ‘ 3 
: : In {(e2? — 1)z+1+ /e2?—1-—14 224 (e2? — 1) 23} 
(e2— 1) /e?—1 
whereas: 
I | | 

z< and zs 





1 + ecos (6 — 6) “0 1+ ecos(— 0) 1+ €c0s 0 


The required starting time from the last burn out point then becomes: Vo. 


tp =tp —T (28) 19 






in which tp) = ¢, + Ttray denotes the time at which the moon passes the orbit 
point P. Then the time lapse available for the powered flight becomes: 
{Tp = tp —t, =te + Tray — T—-t.= T trav ~—T (29) 


Further, we can read off from Fig. 5 (again supposing that the zero orbit plane 
be turned back to its original position, and also supposing that the vector i 
is displaced parallel to itself with the beginning at the origin) that: 

Xy =%\— cos (Op + £) cos 6 + sin (Ap + £) cos ysin 0) 

Vo = %lcos (Op + £) sin dé + sin (Op + £) cosy cos 6 

Zy =7,)sin (Op + B) siny. 
, = ; ;, 30 
Vor = Ug(— cos (Op + 6 — a) cosd + sin (Op + 6 — a) cosysinod (30) 
Voy = Ug icos (Op + 6 — a) sind + sin (Op + 6 — a) cosy cos dé 


Voz = Up Sin (Op + B — a) sin y. 





Then, following from (29), the time available for powered flight must amount 
to a period of at least four minutes. Further, the spatial situation of the launching 
site with relation to the geocentric, non-rotating reference system — indicated 
by %c, Vc, 2 — must be such in regard to the position %, V9, 29 of the last burn 
out point that the powered flight can be achieved in practice. If this appears 
to be impossible, we can then try to arrive at a better arrangement with other 
values of 7%, vp, a. If the corresponding range of variations appears to be in- 
sufficient, then another point along the lunar orbit may be chosen as the meeting 
point, and following this, the whole procedure must be repeated. 

In order to avoid this tedious method of trial and error, the following process 
of iteration can be applied: 

In Fig. 6, the plane of the figure coincides with the xy plane. Let O be the 
centre of the earth, and S’ the projection of the launching site S at start time 
t,. Let the circle be the projection of the latitude circle of S on the plane x y, 


Vol. 
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and P’ the projection of the lunar position at time ¢, + Tay. Further, 3, denotes 
the linear speed of the launching site at the time ¢,, due to the rotation of the 
earth. Then, in order to take full advantage of the rotation of the earth, let us 
choose ¢, in such a way so that @, is parallel to OP’. Thus, in Fig. 6, < S’O P’ 
must become 7/2. In order to find the corresponding value of ¢,, we can proceed 
as follows: 





el 


Let us first accept a start time ¢,. Then, at time ¢, + Tray, the projected 
moon position shall be P, and the projected position of the launching site Sy. 
Then let be oy, = < (S,O P,) —a/2 (see Fig. 7). Next, if w denotes the 
angular speed of terrestrial rotation, let us assume as the new start time f, = ¢, + 

-g,/w. Then, at time ¢, + Tray ty + @,/w + Ttray, the projected moon 
position will be P,, and the projected position of the launching site S,._ Let us 
then write < S,O P, —2/2 = q. Next 
let us assume as the new start time 
ZA=4+9,/0=—t,+9,/~+ 9,/w, and id 
so on. 

Now because the angular speed of 
the radius vector of the moon is much 
smaller than w, it will be clear that this 
procedure is rapidly convergent, and 
that after a few iterations, the start 
time ¢, is found to correspond with the | 
situation shown in Fig. 6. 

After determining the start time £,, / 
the corresponding spatial position of the fat 
launching site can be found as follows: 

Let P in Fig. 8 be the spatial position Fig. 8 
determined by the angles m (geographical 
latitude) and y. 

The siderial time, indicated in the ephemerides, can be expressed in terms 
of the angle passed through by point ariés (7), and measured along the circle 
of declination of that point — since its passage across the meridian of Greenwich. 
This angle is called the “hour angle” of 7, and is indicated by the symbol H. A. +. 
Then, if y be the geographic, Western longitude of the launching site, then 
we obtain in Fig. 8: 








y= H.A.r—y. (31) 

And further: 
Xx, = Rceos cos x, ve = Reospsin x, z, R sin q¢ (32) 
After having found by this method the suitable set of values ¢,, ¥., Vc, 2c, XP, VP, 2P 
we can then apply the procedure which has been indicated above to find the 
initial conditions in zero approximation of free flight, expressed by the relations 


(30). 
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VI. The Differential Equations of the Lunar Vehicle with Respect to the Geocentric 
System of Reference, and their Numerical Integration 


These differential equations of motion are: 





. x XAG 
X= — gy k* > > >) 3/2 {M,; 5) ; 4 % jo Tt 
(x2 + y? + 22)3/2 {[x5(t)]? + [v,(t)]? + [z,(¢)]?}? 
. x(t x 
_ #M, , 5 sya 
{[%s(t) — x]* + [ys(t) — vy]? + [zs(t) — 2] °° 
; Katt) 33 
—{Mun- = . " : a3/0 7 nei 
{ | Xm/(t) sa: i Vm(t) re i Zm(t) ]?¥ . 
’ Xy t aoe 
- {Manz ld) = _— 
{[xm(t) — x]? + [Vm(t) — v]? + [2m(t) — 2]?}8? 
and similar equations for y and 2, 
in which the solar and lunar coordinates (12) — as already known functions 


of time — are substituted. 

In order to indicate the numerical solution of the system (33), by RUNGE 

and Kutta method, let us write this system in symbolic form: 
Us = 9 (%, v, 2,4), Py = Po(%, V, 2, t), Us = PPa(%, Y, 2, t) | (34) 
$ == V,, j = Uy, f= ¥ | 
(34) is a system of 6 differential equations of first order, with x, y, 2, Us, Vy, Uz 
as dependant variables and ¢ as an independant variable. The configuration 
space of this system is a flat space of 7 dimensions R,, and the integration curves 
of (34) are space curves in Ry. 

The integration curve of the special solution which comes into play passes 
through the point %, V9, 29, Vox, Voy, Voz, ¢ = tp, representing the last burn out 
point in space and time. The numerical integration by the RUNGE and KuTTA 
method once more goes as follows: 

Let h again be a small increment (step) of the independant variable ¢, and 
let us denote the corresponding increments of the dependant variables: 
¥, ¥, 8, Uz, Vy, Vs 
by 

k,l,m, p,q, 8, 
then: 
k=1/6k, + 1/8k, + 1/34, + 1/6k, and similarly l,m, p,q,8 


in which: 







& =v,h, ky (°. +f h, ke v, + Ps h, ky = (Ux + Pag) h 


mM, = v,h, My = 2. 1. —oe, Ms, = |v; + 





Py =91(% + Fe, ¥ + lg, 2 + Ms, t + h)h 
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and similarly 

91 = Pal ++) hs Far Ia» Vs 

Sy = Pa(.- .) A, Sas Sg, Sg- 
In order to estimate again the accuracy obtained, the whole step by step calcula- 
tion must be repeated with half the number of steps, so that each step then 
becomes 2 h. Then, 1/15th of the difference in the result of both calculations — at 
the end of the step by step process of passing through the orbit of the lunar 
vehicle, indicates the order of the magnitude of inaccuracy of the in time final 
result of the first computation with the steps h. 


VII. The Differential Equations of the Lunar Vehicle with Respect to the Geocentric 
System of Reference, with Retro-rocket Thrust, and their Numerical Computation 


In order to decelerate the speed of the vehicle in the vicinity of the moon, 
a retro-rocket can be used. If m be the mass per second expelled by the retro- 
rocket, and c the exhaust speed with reference to the mouth of the nozzle, then 
the retro-thrust becomes mc. If M be the mass of the rocket vehicle plus the 
fuel still included at the beginning of the braking period, then this mass will 





be reduced after ¢ seconds to M— mt. Let us assume that throughout the 
Vol. ' “a atensan 

braking period, the retro-thrust still has the negative speed direction of the 
1960 vehicle. Then, during the process of braking, the differential equations of the 





motion of the vehicle become: 












M — mt | 42 =a 12 





and similar equations for y and 2. 

This system can be written out again in a form similar to (34), in which now 
d,, 0, and v, also contain v;, v, and v,, and can again be integrated by the 
RUNGE and Kutta method, according to a scheme similar to (35). 











VIII. Numerical Example of Free Trajectory of Space Vehicle Carrying the Latter 
to a Position in Space from which the Hidden Hemisphere of the Moon Can be . 
Observed. The Vehicle then Returns to the Vicinity of the Earth 







In this numericel] example, the launching site was chosen at a point on the 
equator, and 12 hours world time on January 5th 1959 as the approximate 
time of start. The initial coordinates and speed components of the sun and 
moon have been determined according to chapter II, and the motion of the sun 
and moon throughout the projected time of travel by the space vehicle was 
determined by the computer, using the method described in chapter III. 

As the zero orbit plane, the xy plane (equator plane) was chosen, and the 
initial conditions in zero approximation were determined as described in 
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chapter IV, and indicated in Fig. 3. The altitude of the last burn out point 
above the surface of the earth is about 500 km. With these initial conditions 
in zero approximation, a preliminary orbit was determined by the computer, 
using the method described in chapter VI. It appeared that the point N was 
reached too late by the space vehicle. After an increment of the initial speed 
in point D (last burn out point, Fig. 3), a close encounter (within 2000 km) with 








Fig. 9. Scale 1: 2 000 000 000 


the moon was achieved, about 3000 km to the South of the equator plane. The 
space vehicle then escaped into interplanetary space and became an artificial 
planetoid. In the xy projection (projection on the equator plane), the lunar 
orbit was cut by the space vehicle after the moon passage. Thus, in the x y 
projection, the moon “was passed behind’’. On closer consideration of the 
positions of the sun and the moon, it appeared that if the moon could ‘‘be passed 
in front” (always in xy projection), the combined solar and lunar action 
would bend the orbit round again back in the direction of the earth. Then, by 
a corresponding variation of the initial conditions, the three dimensional orbit, 
as indicated in Fig. 9 and 10, which show the trajectories of the space vehicle and 
the moon in x y and xz projections, was obtained. 
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Thenumbersshown along the orbits denote the corresponding time coordinates; 
the last burn out point corresponding with ¢t = 0. 

The projection on the plane x y shows a loop, which is described in the 
proximity of the moon. One hundred hours after the last burn out point has 
been passed, the vehicle reaches a point at which the distance to the centre 
of the moon is 11118.5 km. From this point, the hidden hemisphere of the moon 
can be photographed. After a period of 217 hours, the vehicle is again nearing 
the earth, and comes within a distance of 40,000 km of its centre. This distance 
is sufficiently short to enable photographs of the moon to be transmitted back 
to the earth. 








Scale 1: 2 000 000 000 


The other projection on the x z plane shows that throughout the first 75 hours 
of free flight, the vehicle remains in the equator plane, and is then drawn south 
towards the moon. 

In order to estimate the accuracy, the procedure has been repeated with 
half the number of steps, using the method described above. It appears 
that the remaining discrepancy in the calculations determining the point at 
which the vehicle reaches lunar distance is about 4 km. The initial speed of 
the vehicle (at the last burn out point) is 10.681 km/sec. After 99 hours, the 
speed has been reduced to its minimum value of 0.357 km/sec, and after 100 hours 
the speed is 0.375 km/sec. In the course of this mathematical investigation, 
the following point of importance arose: — If the initial speed at the last burn 
out point is varied by only 10 m/sec, there will be no close approach the moon, 
and the orbit therefore becomes unsuitable. Hence, in order to obtain a free 
orbit circumnavigating the moon and returning to the vicinity of the earth, 
the speed at the last burn out point must be realized to within 1°/9, of accuracy. 
In the case of a four-stage rocket — which would be required using the fuels at 
present available — it would seem hardly possible from a technical point of 
view to obtain this accuracy. 
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In order to meet this difficulty, it is possible to use a retro-rocket to decrease 
the speed of the vehicle in the vicinity of the moon. This would allow the moon’s 
attraction more time to draw the vehicle in the direction of the moon. On the 
other hand, it will be obvious that if our sole intention is to hit the moon, a 
hyperbolic speed at the last burn out point can be applied. A variation in the 
speed would then have a less disastrous effect, although the direction of the 
speed would have to be more accurate than in the case of a ballistic speed. When 
the vehicle is braked on reaching the vicinity of the moon, the required accuracy 
of initial speed direction is again diminished, whereas a hyperbolic initial 
speed of free flight can then also be used for trajectories circum-navigating the 
moon. 

The application of a retro-rocket, of course, involves technical complications 
which are not discussed in this article. At the present stage of development, it 
would seem easier to master these complications than to achieve technically 
a speed at the last burn out point within an accuracy of 1°/5,. Therefore, following 
the numerical investigation, we began to consider more closely the effect of 
a retro-rocket, applied as a brake in the vicinity of the moon. 


IX. Application of a Retro-rocket in the Vicinity of the Moon 


In the following numerical example of a free trajectory which is effected in 
various ways by a retro-rocket in the vicinity of the moon, we have taken as 
the launching site Cape Canaveral, with the geographical latitude ¢ 28° 24’ 
and geographical western longitude 80° 34’. As initial approximate start 
time, t, = December 5, zero hours world time, was chosen. At this time instant, 
the zenith of Cape Canaveral has a right ascension equal to — 6° 47’. First of all, 
the solar and lunar motions were determined by means of the computer for the 
whole of the proposed travel period of the space vehicle, and by the methods 
set out in the chapters II and III. Choosing a hyperbolic speed at the last burn 
out point, we took Tray = 51 hours. The position of the moon at time ¢, jee 
was then chosen as the target point in zero approximation, and the suitable 
initial conditions of free flight were determined according to the iteration 
procedure described in chapter V. Next, with the use of the computer, the 
method described in chapter VI, and by the subsequent variation of the initial 
conditions of free flight, 6 preliminary orbits were worked out. These are indicated 
in Figs. 11 and 12, in the x y and yz projection. The system of reference has 
been chosen as indicated in chapter I. Some interesting features are indicated 
in the Tables I and II. 
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Trajectory 





Position of last 
burn out point : + 2440.0 3268.1 km 
Initial speed in 
last burn out 
point - 0.38 - 10.66 11.10 km/sec 
10.66 11.26 km/sec 


9.62 10.8 km/sec 
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Fig. 12. Scale 1: 1 000 000 000 








Trajectory 








Position of last 
burn out point 5529.9 | + 2440.0 3268.1 km 






Initial speed in 






last burn out 






point 0.40 9.86 5.50 11.3 km/sec 5 





1.50 9.10 5.60 10.8 km/sec 8 
1.00 9.20 5.60 10.8 km/se¢ 
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If in these tables, the speed components of the space vehicle are repeated 
(in the second vertical column headed “V Rocket’), the rocket passes in 
projection on the x y plane (i. e. equator plane) the projection of the lunar orbit 
on this plane. In the third vertical column headed “Rocket’’, the spatial 


3400 
— = “ : Se SS 


NOT BRAKING 
BRAKING Ca —2(33SEC)EARTH SATEL 
\\ -B BAKING Cz—2(54SEC) MOON SATEL 


313830 


eee es j 
Gh pee a / 
Si2620 S128 


5336“ / 
La. 





50.5930 


110900 


\ 


(z) 
= ; ; : 182 


322000 2 2 2 re) 332. 333. 334. 335. 336. 337. 338. 339. 340000 


Fig. . Scale 1: 100 000 000 


coordinates of the rocket are indicated; and in the first column headed ‘‘Time”’, 
the corresponding time instants, with tf = 0 as the start time from the last burn 
out point. The corresponding spatial position of the moon — at the time instant 
in the first vertical column — is shown in the fourth column, headed ‘“‘Moon”’. 
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The fifth vertical column, headed ‘“‘Time’’, indicates the time instant at which 
the moon, in projection on the x y plane, passes the point of intersection of the 
projected lunar and space vehicle orbit. The sixth vertical column then indicates 
the corresponding spatial position of the moon. 


From these tables, as well as from the Figs. 11 and 12, it appears that 
the last of these preliminary orbits is the most suitable. This last orbit, therefore, 
is chosen for further exam- 
ination of the possibility 
of braking by means of a 
retro-rocket, mounted in 
the final stage, and when 
the vehicle has arrived in 
the vicinity of the moon. 
We have assumed — 
as in chapter VII, that 
throughout any braking 
period, the  retro-thrust 
would still have (at any 
given time instant) the 
negative speed direction 
of the vehicle, whereas the 
exhaust speed c of the 
retro-gas jet would remain 
constant throughout the 
braking period. Then, 
during the braking period, 
the equations of motion in 
chapter VII would apply. 
In the expression of the 
specific retro-thrust 


mC 
M—mt 


Scale 1: 200 000 000 
(37) 
we have assumed m/M 1/300, so that, when c has been chosen, the retro-rocket 
force per unit of mass of the vehicle is determined compleiely. 

Further, in a deceleration period of 2 minutes, 4/10 = 2/5 of the mass of 
the vehicle + still included fuel before braking, will be jettisoned. In Fig. 13, 
three different orbits, in the x y and y z projection determined by the computer 
on the lines set out in chapter VII, are indicated: viz: 

(1) An orbit with braking throughout 2 min. 15 secs., withe = — 2.4 km/sec, 
to begin at time ¢ = 46 h. 3 min. (¢ = 0, being the start time from the last burn 
out point). Travelling along this orbit, the vehicle collides with the moon; the 
time of impact being ¢ = 51 h. 7 min. and the impact speed 3.91 km/sec. 

(2) An orbit with braking throughout 2 min. 15 secs. with c = — 2.2 km/sec, to 
begin at time ¢ = 46 h. 3 min. Along this orbit, the vehicle circumnavigates the 
moon, approaching the moon at a shortest distance of 2263 km. After having 
circumnavigated the moon, the vehicle becomes an artificial planet, then describing 
a KEPLER orbit around the sun, being further independent of earth and moon. 
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(This planetary orbit refers, of course, to a heliocentric system ol coordinates, 
not rotating with respect to the celestial background.) The return orbit, with 
reference to the geocentric system, is in part indicated in Fig. 16. 


200 250 
| 


149A\ 





12015 


13415 


17941 / ous 


\ ARTIFICIAL PLANET 
2UAL 


\ 





EARTHSATELLITE FINAL TRAJECTORIES- 9 
> 


10015 


vas 1s 
149.15 
\LS2U5 


(3) An orbit with braking throughout 2 min. 15 secs., with ¢ 2 km/sec. 


The vehicle circumnavigates the moon at a shortest distance of 4300 km, and 
returns to the earth, falling on the earth at ¢ = 136 h. 24 min., with an impact 
speed of 10.7 km/sec (see Fig. 16). 
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Further, it appeared impossible to brake (with constant exhaust speed ¢ and 
retro-thrust still in the negative speed direction) in such a way using only a 
single braking action to obtain a lunar satellite. We have therefore tried to 
achieve this object by using two separate braking actions. The results of these 
efforts are indicated firstly in Fig. 14, again in x y and yz projection which 
should be compared with Fig. 13. In all the cases considered in Fig. 14, we have 
begun to brake at ¢ = 46 h. 3 min. throughout a 2 min. 15 sec. period with 
( 2 km/sec (compare Fig. 13). 

Fig. 14 then shows the following: If we brake a second time at ¢ = 46 h. 
IS min. with c 2.2 km/sec throughout 2 min. 17 sec. the vehicle hits 
the moon at ¢ = 51 h. 26 min. with an impact speed of 1.75 km/sec. If we brake 
a second time at f = 46h. 18 min. with c 2.2 km/sec, throughout 2 min. 
42 sec. it appears that the vehicle arrives at ¢ = 49 h. 24 min. at the spatial position 
indicated, whereas the moon still remains rather far away; this orbit has not 
been examined further. 

Further: if we brake a second time at f = 51 h. 38 1/2 min. with c 2 km/sec 
throughout 54 sec, we obtain a moon satellite. 

If we brake only troughout 33 secs., we obtain an earth satellite. The correspond- 


ing return orbit is again indicated in part in Fig. 16. 


X. The Moon Satellite Case 


In Fig. 15 a the orbit of the moon satellite with respect to the geocentric 
system of reference is represented in xy and yz projection, and also the correspond- 
ing orbit in xy projection referring to the selenocentric system of coordinates 
v’ yz’, of which the axes are parallel with the corresponding axes of the 


geocentric system xyz. In Fig. 156 the orbit with respect to the selenocentric 


system of reference in xv and yz projection, 1s represented on a larger scale. 
Then: 


, / 


1 \ Kon y= V— Vm cee 


v, vy, z denoting the geocentric coordinates of the vehicle, and 4%», Vm, 2m the 
geocentric lunar coordinates, both of which have been previously determined 
by the computer. 

It appears that the KEPLER motion of the artifical satellite around the 
moon is strongly disturbed. Only some 5 to 6 revolutions have been followed 
up by the computer. Throughout this period (up to ¢ = 193 h.) it appears 
that the orbit contracts, and comes closer and closer to the moon. Thus the 
vehicle will probably eventually end by hitting the moon’s surface: a remark- 
able course which we did not expect. The motion of this moon satellite tends to 
be unstable, and in this respect it is quite different from the lunar motion, 
disturbed by the sun. 

In this connection, the interesting question arises as to whether Mercury 
and Venus are devoid of natural satellites, due to the proximity of the disturbing 
solar body. A closer numerical investigation would be worthwhile! 
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Appendix 
Some Features of the Gamma ET, the Electronic Computer which has been Used 


The Gamma ET is an electronic computer of the middle class. The input-output 
is made by means of a standard tabulator BZ of Bull, reading 9,000 cards per hour 
punching 4,500 cards per hour and printing 9,000 lines per hour, each line of 102 
characters, alphabetical or numerical. The input-output can be made also by means of 
a reproducer P.R.D. or U.L.P. The P.R.D. reads 7,200 cards per hour at three brushes 
and it punches 7,200 cards per hour, when it is possible to read in again the perforated 
card. 

The calculating part is the Gamma. The memory 
part is the E.T. There are two sorts of memory, the 
high-speed memory and the drum memory. The high- 
speed memory consists of 71 delay lines of the magneto 
striction type. Since we need a long cable to store a 
number of electrical pulses, we delay the speed of the 
electrical pulse by transforming it into a mechani 
shockwave: 

At the left hand side of Fig. 17 we see that the electrical pulse Ol a sharp form 
is brought through a coil. This coil is wounded around a thin nickel tube. Nickel 
has the property that it contracts when it is brought into a changing magnetic field 
We obtain a changing magnetic field when the electrical impulse passes the coil 
So we get a mechanic shock that goes along the nickel line 

At the other side it is received in another coil so that the mechanic wave is trans 
lated into an electric pulse. 

At both ends of the nickel delay line we have some caoutchouc in order to have 
no reflections of the shock waves. 

By reducing the velocity of the electric pulses in this way, we can store 48 binary 


pulses in one nickel delay line. Since the Gamma can calculate in the binary and 
in the binary-decimal system, these 48 pulses represents a word of 48 bits or 12 decimals 
The time necessary for one loop of these 48 bits is of the order of 172 ws. It is 
also the transfer time of a word. 
The high-speed memory can contain 71 words of 48 bits or 12 decimals. It can 


also contain program. 

The slow-memory or drummemory consists of a revolving drum with 128 reading 
and writing-heads. 

It can contain 16384 words of 48 bits or 12 decimals, that means 196,608 decimals 
This drum makes 2,750 revolutions per minute. So the mean access time of one 
word is of the order of 11 ms. 

In order to avoid the waiting times, the high-speed memory of the Gamma ET, 
contains 4 separated blocs, that can be fed by the drum of a block of 16 words (program 
or data). When the Gamma executes one block of program, the following block of 
program is already brought independently into another block of the high-speed store 

The Gamma executes the instructions as addition, subtraction, multiplication, 
division, jump to another line, etc. The addition-time’ of one word is 3 ms. 

One of the most remarkable things is that you can choose in your instructions 
a part of the word. So every word can be split up into two words of 6 figures or 5 
and 7 figures, into 3 words of 4 decimals, etc. 

The floating point operations are plugged on a plugboard. A word of 12 decimals 
is divided as follows: 


1 decimal for the sign, 

9 decimals for the mantissa, the floating point before it, 

2 decimals for the exponent, that means all exponents are to be reduced by 50 in 
order to get the real exponent. 
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So the last number in absolute value is of the order 10~°° and the greatest number 
in absolute value is of the order 10%. 

There is a large number of subroutines assembled together into assembly 
programmes. So we have the matrixprogrammes, a symbolic code that handles a 
matrix as anormal number. We have only to give to the machine the type of operation 
we want and the beginning place and the dimensions of the matrix. 

We can have in this code a large number of operations as matrix-additions, 
-subtractions, -multiplications, -inversions, extracting a row or diagonal or column etc. 

There exist other symbolic codes: the most useful being the autoprogrammation 
A P 2. You can write in this code simply sin A and the Gamma E T will execute it. 
These programmes all are the floating point notation of data. 

For our work on astronautics we used the RuNGE-KutTtTa program. By means 
of this program we can integrate by the Gamma E T up to 16 simultaneous differential 
equations of the first order by means of the RUNGE-Kutta fourth order procedure. 
In the problem considered above, we had to solve a system of 18 simultaneous differen- 
tial equations of first order, which could be split up in a system of 12 equations of 
the solar and lunar motion, and a system of 6 equations of the space vehicle, as ex- 
plained. The photos give an impression of the compact size of the whole calculating 


equipment. 
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Die ersten und zweiten Differentialquotienten in der elliptischen 
Bewegung als Funktionen des Geschwindigkeitsvektors 


Von 
Karl Sechiitte! 


Eingegangen am 22. Dezember 1959) 


Zusammenfassung Abstract Résumé 


Die ersten und zweiten Differentialquotienten in der elliptischen Bewegung als 
Funktionen des Geschwindigkeitsvektors. Die Bahn eines Raumfahrzeuges oder 
kiinstlichen Satelliten ist im Zweik6rperproblem bekanntlich durch den Geschwindig- 
keitsvektor in jedem beliebigen Bahnpunkte eindeutig bestimmt. Jede Anderung 
dieses Geschwindigkeitsvektors, z. B. durch zusatzlichen Antrieb oder auch bei 
St6rungen durch einen anderen Korper, andert die oskulierende Bahn. Es werden ein- 
fache Formeln fiir die ersten und zweiten Differentialquotienten nur als Funktionen 
des in einen Skalar und einen Winkel zerlegten Geschwindigkeitsvektors abgeleitet, 
und zwar fiir die Bahnelemente groBe Halbachse a, Umlaufzeit U, Exzentrizitat e 
und wahre Anomalie % 


The First and Second Derivatives as Functions of the Velocity Vector in Elliptic 
Motion. The trajectory of a space vehicle or artificial satellite is, in the two-body 
problem, fully determined by the velocity vector at any point of the trajectory. 
Any change of this velocity vector, for instance by additional propulsion or by 
perturbation from some other body, changes the osculating trajectory. Some simple 
formulae are derived for the first and second derivatives in terms of functions of the 
magnitude and direction of the velocity vector, for the trajectory elements, viz.: 
major semi-axis a, period U, eccentricity e and true anomaly v. 


Le premier et second quotient différentiel du mouvement elliptique comme fone- 
tions du vecteur vitesse. La trajectoire d’un engin spatial ou d’un satellite artificiel 
est en chacun de ses points déterminée de fagon univoque par le vecteur vitesse, 
comme le montre le probleme des deux corps. Toute altération du vecteur vitesse 
par poussée additionnelle ou perturbation modifie la trajectoire osculatrice. Des 
formules simples sont établies pour les deux premiers quotients différentiels en fonc- 
tion d’une décomposition du vecteur vitesse en un scalaire et un angle. Les éléments 
de la trajectoire sont: grand axe a, période U, excentricité e, anomalie vraie v. 


1. Einleitung 


Im Gegensatz zur astronomischen Bahnbestimmung spielt bei der Bahn- 
bestimmung von Raumfahrzeugen und kiinstlichen Satelliten der Geschwindig- 
keitsvektor im jeweiligen Bahnpunkte eine bedeutende Rolle. Dieser bestimmt 
im Zweikorperproblem die Bahn eindeutig und aus ihm lassen sich daher die 
oskulierenden Bahnelemente ableiten. Letzteres wurde erstmalig bereits 1953 
in einer Arbeit des Verfassers durchgefiihrt |] 


1 Professor fiir Astronomie an der Universitat in Miinchen. Anschrift: (13b) 
Minchen 27, Ortnitstr. 15, Bundesrepublik Deutschland. 
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Wird der Geschwindigkeitsvektor durch einen zusatzlichen Antrieb ode1 
durch andere Krafte (z. B. St6rungen) geadndert, so a4ndert sich sofort die osku- 
lierende Bahn. Um solche Anderungen iiberblicken zu kénnen, ist es wichtig, 
bequeme Ausdriicke der ersten und zweiten Differentialquotienten als Funk- 
tionen des Geschwindigkeitsvektors zur Verfiigung zu haben. Diese wurden 
teilweise schon in den beiden friiheren Arbeiten abgeleitet (1, 2}, doch sind die 
gegebenen Ausdriicke oft nicht reine Funktionen des Geschwindigkeitsvektors ; 
auBerdem sind damals nur die ersten Differentialquotienten abgeleitet 
worden. 

In der vorliegenden Arbeit werden fiir das ebene Problem die ersten und 
zweiten Differentialquotienten fiir die Bahnelemente groBe Halbachse a, Ex- 
zentrizitat e, wahre Anomalie v unter Hinzufiigung der Umlaufzeit U  ge- 
geben. 

Wie in den genannten friiheren Arbeiten wird der Geschwindigkeitsvektor 
in einem Bahnpunkte mit dem Radiusvektor 7 zerlegt in den Skalar /, definiert 


() 
/ : 
| 
wobei V die Geschwindigkeit im jeweiligen Bahnpunkte und |, die im selben 
Bahnpunkte jeweils giiltige Kreisbahngeschwindigkeit bedeuten, und in den 
Winkel £, den die Richtung der Bewegung (Tangente) mit dem Radiusvector 
bildet. Durch die Wahl des Skalars / als Variable gelten die Formeln ganz allge- 
mein fiir jede elliptische Bahn. 

Die drei Bahnelemente 4a, e, v sind dann durch die folgenden Formeln gegeben 


durch: 


Wie sich aus dem Energieintegral ergibt, ist / an die Grenzen 
Oxf: 2 
gebunden. 
Fiir kreisnahe Satellitenbahnen wurden die nach den Formeln (3) und (4 
berechneten Werte von e und v in der zweiten friiheren Arbeit (2) tabelliert; 
dort wurden auch die ersten Differentialquotienten diskutiert. 


2. Die Differentialquotienten der groBen Halbachse a@ und der Umlaufszeit U 
a hangt nur von f/ ab; es sind also 


da da 
dp dp 


. 


Differentiiert man bei gegebenem , die Gl. (2) fiir @ nach /, so erhalt man 
da 
af 


woraus unter Benutzung von (2) folgt: 


da 
df 
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Nochmaliges Differentiieren nach / liefert den zweiten Differentialquotienten, 
fiir den sich nach leichter Umformung und unter Benutzung von (6b) ergibt: 
da 2a (7) 
rs ; me Ya ‘ 
df (2 hg 
Die Umlaufszeit hangt wieder nur von a ab. Sie ist nach dem dritten KEPLER- 
schen Gesetz gegeben durch: 
~ kh? P 
U2 a - as, (8) 
4m° 
Hieraus folgt, wenn man nach a differentiiert und dann U? mit Hilfe der Gl. (8) 
eliminiert : 
dU 3. da 
U ys a 
Hierin kann man noch da/a mit Hilfe der Gl. (6b) wieder durch / ausdriicken 
und erhalt dann: 


dU 3 d/ Q. ) 
oC = ey wae — 
oder 19% 
a - a U = (9 b) 
af 2 (2—/f) 
SchlieBlich besteht noch die einfache Beziehung: 
l dU > da 
span (9c) 


U df 2a df 
Auch der zweite Differentialquotient von U nach / JaBt sich leicht bilden. 
Differentiiert man (9 b) nochmals, so wird nach Umformung: 

d*U 15:U 
df 4 (2 —/f)? 














(10 a) 












15 

U 4 (2 —/f) 
In diesen Gleichungen erscheint iiberall im Nenner der Wert (2 — /) oder 
(2 — f)?.. Dadurch wird die starke Zunahme von a und U bei der Annaherung 
an den Grenzwert / + 2, das heiBt an die Fluchtgeschwindigkeit, deutlich. 
Im ibrigen bleiben die ersten und zweiten Differentialquotienten von a und U 
nach f mit wachsendem / stets positiv und werden immer gr6Ber. 


=* af. (10 b) 
















3. Die Differentialquotienten der Exzentrizitat e 





Im Gegensatz zu a und U hangt die Exzentrizitat von f und B ab. Es sind 
also die partiellen Ableitungen nach beiden Variablen zu bilden. Fiir die beiden 
ersten Differentialquotienten wurden schon in |2| bequeme Ausdriicke gegeben, 
die nur von / und f abhangen. Sie lauten: 


fe in? B+ (1 —} 1 
é° : sin” > { - 7) (11) 
o/ f konst 


Differentialquotienten in der elliptischen Bewegung 


| oe 
e° - = + —sin2£-f (f—2). (12) 
(% ? = konst 2 
Die Nullstellen dieser beiden wurden schon in [1] in Beziehung auf die 
wahre Anomalie v untersucht. In bezug auf f und £ ergibt sich ganz ent- 
sprechend: 
Nullstellen von e(de/af) fiir 
S=(¢, trivial 
oder / = + 1, Kreisbahn; oder in elliptischer Bewegung an den Enden der 
kleinen Bahnachse. 
Nullstellen von e(de/dfB) fiir 
f =90, trivial, oder B = 0°, trivial 
oder f = + 2, Parabel 
oder 6 = 90°, Kreisbahn; oder in elliptischer Bewegung im Perihel und 
Aphel. 


Aus (11) folgt durch nochmalige Differentiation bei konstantem /: 


a2e ald de \? 
e* | - = + sin? B — | 7 
o/ B = konst Oo; 8 = konst 


02e ‘ sin? 8 P 
:-( 4 = + sint a] — S224 1 — pe] (13 b) 
2 = konst 


e* 


af? 


Wiinscht man das e? auf der rechten Seite zu entfernen, so multipliziere man 
beide Seiten der Gl. (13 b) mit e? und ersetze dann das in der eckigen Klammer 
> 


als erstes Glied auftretende e? durch seinen Wert nach Gl. (3). Nach leichter 
Umformung wird dann: 


ad I 
3 oo +329) is 
e3 - — = —sin*2 pf. (3c) 
| of? B= konst 4 
Natiirlich hangt (07e/0f?)¢— xonse doch von / und # ab, denn in dem links stehenden 
e? kommen ja / und £# vor. 

Ganz entsprechend ergibt sich durch Differentiation von (12) nach £: 


de de 2 
ae ror cos 2,8-f-(f— 2) —| | 
(7) f = konst = 


(7) = f+(f —2)]|cos2 B— : fies 2). (14 b) 
0B" f = konst dul 


Auch hier kann man das auf der rechten Seite im Nenner auftretende e? wieder 
entfernen, in dem man beide Seiten mit e? multipliziert und dann das rechts als 
> 


Faktor von cos2 auftauchende e? durch seinen Wert nach Gl. (3) ersetzt. 
Nach geeigneter Umformung wird dann: 


e*- (=) = f(f — 2) [1 — sin? B (2 + sin? B - f [f - 
op? f = konst at Svs 


Astronaut. Acta, Vol. VI, Fasc. 2—3 


oder 
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Fiir die zweiten Differentialquotienten von e nach f/ und # finden sich nun 
die folgenden Nullstellen: 
Nullstellen von e*-+(07e/0f?) fiir 
O°, trivial 
oder £ = 90°, Kreisbahn oder in elliptischer Bewegung im Perihel und Aphel. 
Nullstellen von e®- (d%e/07) fiir 
jf =0, trivial 
2, Parabel 
oder wenn {1 — sin? 6 (2 + sin? @-f-(f —2))] =0 wird. 
Die Auflésung nach sin? f gibt: 
~ 1,2) Vt +7 (f—2) 
f (# — 2) ; 
Das Zeichen bei der Wurzel fiihrt zu keinem reellen £, auBer fiir / 
Bei vorgegebenem / gibt es also nur en zugehériges bestimmtes £. 


sin? 8 


{. Die Differentialquotienten der wahren Anomalie v 
Auch die wahre Anomalie v und damit die Lage von Perihel und Aphel hangen 
von / und f ab. 
Der friiher gegebene erste Differentialquotient enthalt auBer / auch noch die 
wahre Anomalie v selbst. Die Formeln waren {2 


dv 2 sin? v 
; = (15) 
OF) sm konst fsin2 6 


und 


ise (1 —f) (16) 
OB T+ = koust f sin? 8 cos? £ 

Um unabhangig von v zu sein, muB dieses eliminiert werden. Da nach Gl. (4) 
tgv als Funktion von /, # bekannt ist, laBt sich auch sin?v als Funktion von 
?, B ausdriicken. Nach geeigneter Umformung und Vereinfachung findet man 
hierfiir: 

f?-sin? B 
1 + (1 — f)?-tg?Z 
Wird dieser Ausdruck in die Gln. (15) und (16) eingefiihrt, so erhalt man die 
beiden ersten Differentialquotienten von v nach f und £# als reine Funktionen 
der beiden letzteren: 


sin? v (17) 


(18) 


07 f-| 
: “epee (19) 
Of } + = konst + (i — f)*- te*s 
3e1 einer praktischen Anwendung ist es angenehm, daB in beiden Ausdriicken 
der gleiche Nenner auftritt. 
Die Nullstellen der beiden ersten Differentialquotienten von v nach / und £ 
wurden ebenfalls schon in [1) besprochen. Hier erhalten wir: 


Nullstellen von (év/df) fiir 
5=0~. trivial. 





Differentialquotienten in der elliptischen Bewegung 
Schreibt man (18) in der Form: 


e l 
Of } = konst ctg p + (1 
so sleht man, daB dies auch verschwindet, wenn 
p= 90 
wird. Also in der Kreisbahn oder bei elliptischer Bewegung im Perihel oder Aphel. 
Nullstellen von (év/ da) 
fiir 
also, wenn: i , trivial 


oder 
das heibt 


Reelle Lésungen fiir 6 gibt es nur auf der Aphelseite der Bahn. 

Die Bildung der zweiten Differentialquotienten ist etwas umstindlicher. 
Doch erhalt man auch fiir diese verhadltnismaBig einfache Ausdriicke, wenn man 
in sie die ersten Ableitungen einfiihrt. 

Zunichst findet man durch nochmalige Differentiation der Gl. (18) nach / 
leicht: 

e | av \? 
—> 2 (1 j)-te6-(—] (20) 
Of" | 8 = konst 0] or 
Bei der nochmaligen Differentiation von v nach # aus der Gl. (19) ergibt sich 
nach einigen Umformungen und unter Einfiihrung der ersten Differentialquo- 
tienten schlieBlich: 


ev 2(1—f) [a 
ral 92 cou ae : af i I /) \) 21 
B* }7 = konst cos* p o/ konst Op }* = konst 


Die Nullstellen der zweiten Differentialquotienten ergeben folgendes: 
Nudllstelle von (é7v/0f) fiir 
/ + 1, Kreisbahn; oder bei elliptischer Bewegung an den 
punkten der kleinen Achse 
trivial 
oder , siehe oben. 
of 
Nullstellen (020/087) fiir 
1, Kreisbahn; oder bei elliptischer Bewegung 
punkten der kleinen. Achse. 


oder - i siehe oben 
/ 


oder | /- -D= 0. 


Wenn man hierin fiir dv/0 den Wert nach Gl. (19) einsetzt, ergeben sich die beiden 
Moglichkeiten: 
f=}, trivial 


’ 


/ | 2, Parabel. 
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Abstract Zusammenfassung Résumé 


Approximate Theoretical Performance Evaluation for a Diverging Rocket. A sim 
plified combustion model, which is motivated by available performance studies 
on the diverging rocket reactor, has been used as basis for an engine performance 
evaluation. Comparison with conventional rocket configurations shows that an 
upper performance limit for the diverging reactor is comparable with performance 
estimates for engines using an adiabatic work cycle. Development of the diverging 
reactor for engine applications may, however, offer some advantages for very hot, 
high-energy, propellant systems. 


Niherungsweise theoretische Ermittlung der Wirkungsweise’ eines Raketen- 
motors mit durchwegs divergierender Diise. [Es wurde ein vereinfachtes Modell der 
Verbrennung, welches aus verfiigbaren Untersuchungen tiber das Verhalten eines 
Raketenmotors mit durchwegs divergierender Diise erhalten wurde, als Basis fiir die 
theoretische Ermittlung des Betriebsverhaltens eines solchen Triebwerkes verwendet. 
Ein Vergleich mit iiblichen Raketenmotoren ergibt, daB ahnlich wie bei den tiblichen 
adiabatischen Triebwerken eine obere Grenze fiir den Betrieb besteht. Die Ent- 
wicklung dieses Triebwerkes diirfte vor allem auf dem Gebiete hoher Temperaturen 
bei Verwendung hochenergetischer Treibstoffe liegen 


Evaluation théorique approchée des performances d’un moteur-fusée a chambre 
divergente. Un modele simplifié pour la combustion, justifié par les études de 
performance connues, a été utilisé pour l’évaluation des chambres divergentes. La 
comparaison avec les configurations conventionnelles place la limite supérieure de 
performances au niveau des moteurs utilisant un cycle adiabatique. Le développement 
de la chambre divergente pour les moteurs-fusée peut néanmoins étre avantageux 
avec les ergols a enthalpie spécifique et température de combustion trés élevées. 


I. Introduction 


In previous publications we have discussed application of the diverging reactor 
for the determination of overall kinetic parameters under the conditions actually 
existing in rocket combustion chambers [1], {2}. In the present discussion we 


1 Consultant, Rocketdyne, North American Aviation Corp., Canoga Park 
California; Division of Engineering, California Institute of Technology, Pasadena 
Caliiornia, U.S.A. 

2 Rocketdyne, North American Aviation Corporation, Canoga Park, California, 
U.S.A, 
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shall outline an approximate engine performance evaluation for a diverging 
rocket chamber!. As basis for this evaluation we choose a simplified combustion 
model that we have used previously 
for the computation of various 


Isentropic -—Isentropic supersonic 3 : 
dimensionless groups (1 


subsonic flow— flow 

A schematic diagram of the en- 

gine and combustion front is shown 

in Fig. 1. For the sake of simplicity, 

we assume that all of the heat re- 

lease occurs at the plane 1, 2 in 

Fig. 1, that the gases behave as ideal 

gases with a constant ratio y for the 

specific heat at constant pressure to 

Thermal choking and completion of the specific heat at constant volume, 

chemical reactions occur at the plane 2. 4nd that isentropic, one-dimensional, 

expansion occurs in the regions up- 

stream and downstream from the 

reaction front. We are led to the 

model implicit in these approxima- 

tions through the experimentally observed fact that the sonic plane occurs 

very close to the injector |1) and that the effective reaction rates are very fast 

with low overall activation energy) near the injector end whereas they 

are relatively slow farther downstream (with large effective activation energy). 

Since the limited available experimental data suggest that most of the reactions 

are completed very close to the injector end, we may consider the present 

analysis with the characteristic length LZ in Fig. 1 equal to zero, or at least very 

small, to provide a reasonable upper limit for the performance which can be 
achieved with a diverging reactor. 


Schematic diagram of a diverging 


rocket engine 


If. Outline of Theoretical Considerations 
1. Pressure Ratio Across the Reaction Front 

The performance of a diverging rocket engine is a sensitive function of the 
stagnation pressure ratio p,2/f,; across the reaction plane. Fortunately it turns 
out that reasonable values of the heat release lead to values of ps2/fs51 which 
are practically constant at about 0.8. We shall now prove the validity of this 
last statement by utilizing appropriate, simplified, versions of the conservation 
equations. 

The overall conservation of mass equation at the plane 1, 2 in Fig. 1 is 


Oso Uo 


where 9 and v identify, respectively, the density and linear flow velocity. Mul- 


tiplying and dividing by \y R, T and replacing o by p/R, T we find that 


ee ss ee (oe) 9M 


Rk, 1 | ey 1 

7 g 

where Fk k/W is the specific gas constant, R denotes the molar gas constant, 
W is the molecular weight of the gas mixture, 7 stands for the local (random 


1 With appropriate changes in wording, the present analysis applies also to a 
throatless motor. 
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translational) temperature, and M identifies the local MACH number. Hence 
the continuity equation becomes 


y \1/2 ry \1/2 
v,V vo Vv 
1 1 2 2 
| ib py M, | ip po Mo. 
1 2 
Similarly, the equation for conservation of momentum is 


Py + 0104? = pg + Op V9? 


where 


whence 
9 j 2 
py (1 + 7 My*) = pe (1 + Yo Mz"). 2) 
In terms of an integral over stagnation temperatures and the total heat release 
per unit mass g, the energy equation reduces to 


<é 


qg= | c, ai (3) 


s] 





1 
where cy is the specific heat at constant pressure. 

The stagnation temperature 7, and the translational temperature 7 are 
related through the expression 







v2 yR,T v R, y—1 
T,=T —(—_*_}=T{1+ .— M? r(1 1 / Me] 
: r(i 2 Cp oR | 2¢ 2 


since R, = cp — cy and y = ¢p/c,. Hence Eq. (1) becomes 


g 


= Up 






‘2 


y, W,\'" i, 3 oe i tint is 
é 1) 9M, (1+45 u] 2s | py M, (1 } <2 — M,] : 
\ s] = s2 “ 





We may now eliminate the pressure between the continuity and momentum 
equations by dividing this last relation by Eq. (2). We then find that 






~ 
4 
<1) 
~~ 


ix 
1, M, = 1) = 1 low My) (72 5) (4) 





where 






~ 





y M? 


The function U has been tabulated in [3) for various values of y and M. 

For specified values of the heat release and cy, the change in stagnation 
temperature and, therefore, the stagnation temperature ratio, are defined by 
Eq. (3). Hence, Eq. (4) may be used to determine M, for known values of 7, } 
W, and W,. The stagnation pressure loss may then be evaluated by using the 
expression 








, 
9» 







rao) ls oe 


~2 
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since M, = 1. The pressure ratios (f,2/p9) and (p,/fs1) are conveniently obtained 
by using existing tabulations for isentropic expansions [4). For these calculations 
it is actually not necessary to utilize constant values of W and y. 











—. we 
Ty2\| | 
s1/ | Wo| 


2. The stagnation pressure ratio ps2/ps;1 as a function of the parameter (Ts9/Ts51) (W,/W,) 
for a diverging rocket (y, = y, = 1.30) 


The stagnation pressure ratio ps2/Ps;1 has been calculated as a function of the 
parameter (752/751) (W,/W,) from Eq. (6) for y; = yp = 1.3 by using Eq. (4) 
for the determination of M,. The results are plotted in Fig. 2. Reference to 
Fig. 2 shows that ps9/P51 = 0.8 for (Ts2/Ts1) (W,/W.) greater than about 10; 


additional data may be obtained from [6]. 


2. Definitions of the Thrust Coefficient for Diverging and for Conventional 
Rocket Engines 


The thrust coefficient Cr,con for a conventional rocket engine (see Fig. 3) is 
defined by the expression 
, fF 
Cr, con — (7) 
Pso A * 
Isentropic expansion without = aoe oy . > eNLINe 
composition change W here I is the thrust on the engine, 
x pso identifies the chamber pressure, 


4 3 and A, is the cross-sectional area 


The chemical re- | at the nozzle throat. For properly 
actions go to com; expanded nozzles with p, equal to 
pletion inthe com; (2) - : 

] the external pressure, 


bustion chamber ! : 
| F= (Og Ug As) Us = A, Ps y2 M;? (3) 














Fig. 3. Schematic diagram of a conventional if V2 denotes the (constant) heat 
rocket engine capacity ratio for the expanding 
gases. We note that in a conven- 
tional rocket 
Pso — ps3 
if we neglect dissipative terms during expansion and chemical reactions during 
nozzle flow. Thus 


a. tee) 


Cr, con — (9) 


(pso/Ps) 
















Performance Evaluation for a Diverging Rocket 


For the diverging reactor we define a thrust coefficient by the analogous 


expression 
F Vo M.7(A_/A1 9 
Cr, aiv = —— =o ts 4s t2) (10) 
ps2 A12 (Ps3/Pg3) 

But 

ps3 = Ps2 = (? | : (?) a 

Ps ps ps1 ps Psi ps 
whence 

vo M.7(Aa/A4 2 
CF, div J 3 , a (11) 


ale 
Ps1 Ps 


It is interesting to observe that Eqs. (9) and (11) differ formally only through the 
occurrence of the term (p,2/f,1) in the denominator of Eq. (11) since A, and A; 2 
are analogous quantities. This pressure ratio, in turn, has been related to the 
heat release through (752/T;1) (W,/W,) in the preceding Section II 1. 





Vol. 
6 


3. Performance Evaluations for the Diverging Reactor 


It is clearly possible to make a number of different performance evaluations 
for the diverging rocket. The performance estimate will then depend somewhat 


220; 







M3 

44 200} 
42 180 
40 160} 
38 140} 





















_— Diverging engine 
—-—Conventional engine 





3.6 1204 











300 


P3 


Fig. 4. The quantities M, and A,/A, (for a conventional rocket) and Msg, ps3/p3 and A3/Aj,5 
(for a diverging rocket) as a function of the pressure ratio pso/p3 [(Ts9/Ts1) (W,/W.) = 10 
for the diverging rocket, yj, 1.30 












on the predetermined design restrictions. We shall now consider two instructive 
examples. We restrict our discussion to the representative case with y, = 1.30 
and (7s2/Ts1) (W,/W,) > 10 for which Fig. 2 shows that p,2/p;; =~ 0.80. The 
numerical work is facilitated by constructing a universal plot in which 33/s, 
A,/Ay, A3/A1,2, and M, are related to the pressure ratio (cf. Fig. 4). For conven- 
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tional rockets this calculation involves only the use of tabulated isentropic 
functions which first vield M, through the expression 


p < l yi(y—1 
sU / 2 
(i = Sy 
Ps > | 

and then A,/A, in terms of M, |4). The curve £53/p3 = pso/pg for the conventional 
engine is not plotted in Fig. 4. For the diverging rocket it is convenient to compute 
first the ratio f,3/p3 and then to evaluate M, and A,/A;,o through use of the 
isentropic expansion relations. 


If. Comparison of Engines with Fixed Thrust and Pressure Ratio p.o/p, 


Consider a conventional and a diverging engine both of which deliver the 
thrust / = 25,000 Ibs and which are designed with pressure ratios p.o/p3 = 200. 
Also assume that ps = 1 psia and (752/751) (W,/W,) > 10. 

For the conventional engine we find from Fig. 4 that M, = 4.0 and 
A,/A, 15.9. Hence, using Eq. (9), Cr. con 1.63; it now follows from Eq. (7) 
that 

2.5 x 10¢ eens 
A, 164 x 200 76.3 in? 


and 

A, = 169A, = 1211 in’. 
Similarly, for the diverging rocket, M, = 3.87, As/Ai.2 = 13.8, ps3/p5 
Cr an 1.64 {from Eq. (10) 


94.8 in?, 


and 
A, = 13.8 Aj, 2 = 1308 in”. 
Using customary design estimates, the weight ratio of the diverging nozzle 
sections for the two engines (5) is given by the relation 


| A, F 
n 
Maiv A 1,2 Ps 3} aiv 


Meon (4s Es 
A, ps3 cony 


Hence it follows that the diverging rocket will be relatively lighter provided the 
chamber and converging sections of the conventional engine have more than about 
7°, of the weight of the diverging section and the effective weight of the diverging 
reactor between the injector and reaction planes is negligibly small. We expect 
in practice that the combined weights of the motor and converging sections of 
a conventional engine will constitute about 10°, of the total weight. Hence it 
follows that optimal design of the diverging reactor will be roughly comparable 
with the usually achieved design of a conventional rocket for equivalent engine 
thrust and pressure ratio pso/ps. 


Oy. 


IV. Comparison of Engines with Identical Diverging Sections but Different Pressure 
Ratios p.o/Ps 


Consider two engines which develop equivalent thrust but with 


15.9. 


Ain 
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Then, from Fig. 4, £59 = 244 psia for the diverging reactor whereas f,y = 200 psia 
for the conventional engine. The corresponding weight ratio for the pumping 
equipment [5) is 


Mdiv, pump ae (Pso)aiv- ‘ | 14 


P ) 2/3 
Mconv, pump (Pso conv 


Therefore, if the chamber and converging section of the conventional engine 
weigh about 14%, more than the pumping equipment, then the diverging 
rocket will be the lighter engine if we neglect the influence of the slightly 
higher injector end pressure on the weight of the diverging reactor and, 
furthermore, assume again that the chemical reactions are completed very close 
to the injector plane. 

Comparison of the preceding two examples suggests that the use of relatively 
large pressure ratios f,o/f, for the diverging rocket is impractical since the 
pumping equipment makes a major contribution to the mass of the engine. 


VY. Conelusions 


Examination of the performance data specified in the preceding paragraph 
shows that diverging and conventional rocket engines should yield comparable 
facilities after optimum development of the relatively untried diverging rocket. 
It is difficult to assess the practical utility of the new device since it possesses 
both an obvious advantage and an obvious disadvantage. The advantage lies in 
the possibility of utilizing very hot, high-energy, propellant systems under 
conditions in which excessive temperatures and heat losses are not encountered 
because the chemical energy may be transformed directly into translational 
energy and because the diverging rocket may be relatively easier to cool’. On the 
other hand, in order to approximate our assumed combustion model (compare 
Fig. 1), it is apparent that the diverging reactor must give very efficient 
combustion near the injector plane, i.e., severe heat transfer and erosion should 
occur when the practical performance of the device approximates optimum 
design. 

In conclusion it is appropriate to speculate on the possible existence of high- 
frequency instabilities in diverging reactors for which neither experimental nor 
theoretical data are available. The nature of the design actually appears to be 
rather favorable for the suppression of high-frequency instabilities: transverse 
modes should be damped out because of the rapidly changing cross-sectional area 
of a device in which strong composition inhomogeneities must accompany 
chemical changes; furthermore, it is probably impossible to sustain longitudinal 
oscillations because of extreme damping which must accompany diverging, 
supersonic, flow with chemical reactions. On the basis of the preceding considera- 
tions, it appears highly desirable to initiate a large-scale engine program for a 
high-energy liquid propellant mixture (e.g., CIF,-N,H,). It is unlikely that small- 
scale engine tests will provide significant information either concerning the 
practical difficulties inherent in proper injector design or concerning the nature 
of combustion instabilities. 


1 A practical diverging rocket design might well involve the use of ablating material 
near the injector end. The performance of the engine should not suffer significantly 
because of enlargement of cross-sectional area near the injector associated with 


ablation. 
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Résumé Zusammenfassung Abstract 


Les applications de Pastronautique a Vastrophysique. Un exposé des problémes 
d’astrophysique, d’astronomie et de cosmogonie, pour la solution desquels l’astro- 
nautique jouera un role important. 





Die Anwendungen der Astronautik auf die Astrophysik. Es werden Probleme 
der Astrophysik, der Astronomie und der Kosmogonie angefiihrt, bei deren Lésung 
die Astronautik eine groBe Rolle spielen wird. 






The Applications of Astronautics in Astrophysies. Problems in astrophysics, 
astronomy and cosmogony are listed for whose solutions astronautics will play an 
important role. 


I. Introduction 


Les problémes qui vont étre examinés ici sont des problémes importants de 
l’Astronomie moderne. II est certain que l’emploi de nouvelles méthodes 
d’investigation nous révélera des faits dont nous n’avons a l'heure actuelle 
aucune idée; toutefois, dans un certain nombre de domaines, il est possible de 
dire dans quelles directions on doit chercher pour faire progresser notre con- 
naissance de |’Univers. 

Le programme qui va étre décrit implique sans nul doute l’emploi de techniques 
trés élaborées, peut-étre en avance de quelques années sur les techniques actuelles, 
mais qui ne sont en tout cas pas du domaine de la fantaisie. Les techniques elles- 
mémes ne seront pas examinées: cela concerne les spécialistes. 

Les problémes astrophysiques qui peuvent étre abordés au moyen d’instru- 
ments portés par des astronefs sont extrémement variés, si bien qu’un classement 
est nécessaire, suivant les objets astronomiques étudiés et les méthodes d’études. 


Il. Méthodes d’étude 








L’observation astronomique dans son sens usuel ne comporte pas d’étude 
d’objets astronomiques au laboratoire. Cependant, cette définition doit étre 
abandonnée a l’heure de l’astronautique, en raison de la possibilité, proche 
maintenant, d’aller étudier sur place la nature de la Lune, des planétes les plus 
proches et des astéroides. 






1 Professeur a la Faculté des Sciences, Institut d’Astrophysique de Paris 
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L’étude des météorites constitue un domaine particulier. La recherche des 
formes cristallines, la détermination de la composition chimique font appel a 
des techniques variées de la minéralogie et de la chimie. Les données ainsi obtenues 
sont de la plus grande importance pour |’Astrophysique mais les méthodes elles- 
mémes d’obtention ne font pas partie actuellement de l’Astronomie (autrement, 
la Terre étant une planéte, toutes les Sciences ne seraient qu'une partie de 
|’Astronomie). 

On peut donc s’attendre a la naissance de disciplines nouvelles, dérivées de 
la géologie: Sélénologie, Aréologie, Aphroditologie, etc. y compris la Diologie 
(pour Jupiter) et jusqu’a l’Hadésologie. Ces sciences nouvelles seront naturellement 
de la plus grande importance pour |’Astronomie, mais ne feront pas plus partie 
de |’Astronomie que, par exemple, la géographie ne fait partie de la science de 
la navigation, sous prétexte que l’emploi des instruments de navigation a permis 
l’exploration du Globe. Nous verrons, a propos des problémes non résolus 
relatifs aux planétes et satellites importance astronomique d’une étude directe 
de ces objets. 

De la méme facon, l'étude du rayonnement cosmique peut étre abordée 
sous deux angles différents, suivant que l’on considére la nature des particules 
primaires et leurs propriétés ou la répartition spectrale de l’énergie et la réparti- 
tion dans !’espace du rayonnement cosmique. Sous son premier aspect, la physique 
du rayonnement cosmique est essentiellement une microphysique. Sous son 
deuxiéme aspect, elle est pour ainsi dire uniquement astrophysique. Rappelons 
que l’étude des radio-sources a montré l’importance astrophysique de l’étude du 
rayonnement cosmique. 

A proprement parler, sont astronomiques les problémes de position, de 
mouvement, et les problémes spectroscopiques. Les problémes de position et 
de mouvement sont considérés d’habitude comme des problémes d’Astronomie 
fondamentale et d’Astrométrie. Cependant, l'interprétation de ces mesures 
est de la plus haute importance pour |’Astrophysique. II suffit en maniére de 
preuve, d’évoquer le probléme de la répartition des étoiles dans l’espace, la 
question de l’origine des étoiles et les problémes de la structure interne des 
planétes. La mesure des positions et des déplacements d’étoiles se fait essen- 
tiellement en comparant des clichés du ciel pris a des dates différentes. Le 
mouvement orbital de la Terre autour du Soleil permet d’observer les étoiles 
aux extrémités d’une base de 300 millions de kilométres. Le déplacement apparent 
des étoiles (ou mouvement parallactique) est trés petit (toujours inférieur au total 
a 1’’6). Avec les instruments actuels, la mesure d’un déplacement de 02 a encore 
une précision d’environ 0’’,02 et peut étre considérée comme valable. On devrait 
pouvoir observer dans une sphére de 10 parsecs de rayon environ 300 étoiles. 
Cependant on est loin de les connaitre toutes. A 7 parsecs de distance, le 
déficit est déja de 20°,. Il est du a un phénoméne de sélection observa- 
tionnelle, les étoiles faibles échappant d’autant plus aisément a la détection que 
leur mouvement parallactique est plus faible. 

Les dénombrements d’étoiles dans notre galaxie sont donc grossiérement 
incomplets. Or, l'étude de la structure de la galaxie repose pour une large part 
sur l’étude de la répartition des étoiles dans l’espace et sur l'étude statistique 
de leurs vitesses spatiales. L’amélioration des mesures de distances permettrait, 
a partir des mouvements propres, d’obtenir la vitesse spatiale des étoiles avec 
une précision beaucoup plus grande: la qualité des mesures actuelles des vitesses 
spatiales des étoiles est trés médiocre. Des progres nouveaux résulteraient 
nécessairement de l’exploration exhaustive des régions qui nous entourent, et 
d’une diminution sensible des erreurs sur les vitesses stellaires: distribution des 
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vitesses, génération des vitesses stellaires, vitesse du Sole: autour du centre 
galactique, centre de la galaxie, etc.... 

On pourrait envisager de faire transporter par une fusée un instrument 
permettant de photographier le champ stellaire et un dispositif permettant de 
mesurer les coordonnées des images stellaires sur les plaques (ou a tout le moins, 
de donner par télévision une image des plaques). Si la fusée était envoyée jusqu’a 
la distance de Pluton, elle permettrait, au moins en principe, la mesure de distances 
stellaires jusqu’a 400 parsecs. Toutefois, pour que cette mesure puisse étre 
effectuée en un temps acceptable, il conviendrait de communiquer 4 l’astronef 
une vitesse d’environ 100 km/s, ce qui permettrait d’assurer son retour au bout 
de 8 ans environ. (L’orbite elliptique qui passe per la Terre et atteint l’orbite 
de Pluton est décrite en 80 ans environ.) Bien que cela paraisse nettement au 
dela des possibilités actuelles, cela ne doit pas étre impossible dans l'avenir. 
Notons que pour obtenir une vitesse de 100 km/s par rapport au Solez/, il faut 
communiquer a l’engin, a son départ de la Terre une vitesse de 91 km/s, a con- 
dition de composer son mouvement avec celui de la Terre. Dans l’hypothése 
la plus optimiste, cette expérience permettrait de mesurer correctement les 
distances de 3,5 millions d’étoiles. On notera en passant qu’a cote des problémes 
technologiques relatifs aux fusées, se pose le probléme des méthodes de 
dépouillement de données abondantes: les méthodes classiques de travail sont 
impuissantes devant une telle avalanche de faits d’observation. 

Ajoutons enfin qu’on pourrait commencer a une échelle plus modeste: En 
communiquant a un engin une vitesse de 14,8 km/s dirigée dans le sens du mouve- 
ment de la Terre, on lui fait décrire en 8 ans une orbite elliptique de demi grand 
axe 4 unités astronomiques. Avec une base 4 fois plus grande que la base actuelle, 
on peut espérer mesurer les distances de 20.000 étoiles environ, 


III. Données spectroscopiques 


Les observations spectroscopiques dans un autre domaine spectral sont la 
prolongation naturelle des observations actuelles. On sait que l’atmosphére 
terrestre ne laisse passer que quelques étroites bandes spectrales (Fig. 1). I] ne 
faudrait pas croire qu’en s’élevant au dessus de l’atmosphére terrestre la totalité 
du registre spectral soit accessible. Considérons en effet avec SPITZER et 
ZABRISKIE [1] l’absorption de l’hydrogéne. La section de choc par atome 
d’hydrogéne dans |’état fondamental est: 


. 
0; 7-9-1078 ‘| cm (1) 
Ao 


ou A, est la longueur d’onde a la limite de LyMAN, A) = 912 A et g est le facteur 
de GAUNT, augmentant de 0.80 a la limite a 0.99 a environ 180 A pour décroitre 
ensuite en 6-9 (A//,)"?. Une colonne de 3- 107° atomes d’hydrogéne a |’épaisseur 
optique 2000 a la limite de Lyman, et il faut descendre 4 80 A pour trouver 
l’épaisseur optique unité. I] faut encore tenir compte de l’hélium, dont l’absorp- 
tion continue commence a 505 A. Malgré une abondance interstellaire plus 
faible (peut-étre 1/100 de celle de l’hydrogéne) et une absorption en »v~?, 
l’épaisseur optique a 80 A est pour une colonne de 3- 10!8 atomes d’hélium, de 
l’ordre de l’unité. A l’autre extrémité du registre, la fréquence de plasma du 
milieu interstellaire coupe les ondes radio: on ne peut espérer recevoir quoi que 
ce soit pour des longueurs d’onde plus grandes que | kilométre. 

En définitive, le vol dans l’espace cosmique nous rend accessibles les intervalles 


nouveaux 10° cm 103 cm; 2,3 cm 10; 3000 A — 912A (Fig. 2). Il nest 
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d’ailleurs pas certain que cette prédiction soit 
entiérement correcte, puisque de _ récentes 
observations en fusée [2] ont montré que 
dans le domaine 1225 A — 1350A, les régions 
proches des étoiles 0 et B étaient extrémement 
brillantes, comme si se produisait un phénoméne 
inattendu et trés puissant de diffusion. 
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Cette difficulté ne se présente pas dans 
observation du Soleil, car nous ne sommes 
pas environnés d’une quantité suffisante 
d’hydrogéne neutre. Des spectres en fusée on 
déja été faits dans l’extréme ultra violet 
(jusqu’a 300 A) et ont mis en évidence la 
présence de nombreuses raies_ d’émission. 
De méme la photographie du Soleil en Ly « 
a été tentée avec succés [3]. Les techniques 
de pointage automatique devraient permettre 
d’obtenir des résultats similaires dans le cas 
beaucoup plus difficile des étoiles. 
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IV. Le systéme solaire 


L’étude spectroscopique extraterrestre des planétes permettra de déterminer 
l’abondance de l’oxygéne et de la vapeur d’eau dans Mars et Vénus. L’étude 
des séismes de Mars et de Vénus permettra de déterminer leur structure interne 
et de lever les doutes concernant la théorie du noyau de fer de la Terre. L’étude 
de la composition chimique de la Lune, de Mars, de Vénus, de Mercure, permettra 
de faire reposer la théorie de la formation du systéme solaire sur des bases sires. 
La masse des astéroides, la masse des cométes pourront étre déterminées par 
l’étude du mouvement d’un engin au voisinage d’un astéroide ou d’une cométe. 

Ces renseignements sont d’importance trés inégale. Les problémes d’abondance 
sont considérés a l’heure actuelle comme trés importants: on peut donc les 
mettre au premier rang des préoccupations. Ils ont, de plus, l’avantage de ne 
pas poser de problémes d’atterissage, ce qui les range parmi les problémes 
immédiatement accessibles. A l'exception de la Lune, ]’étude directe des planétes 
parait encore lointaine. 

L’étude du Soleil dans un domaine spectral plus étendu est de la plus haute 
importance, en raison non seulement de |’intérét de la physique solaire, mais de 
l’importance pratique des relations entre phénomeénes solaires et terrestres. 
Nous pouvons distinguer suivant les régions d’observation (photosphére, chromo- 
sphére, couronne), le domaine spectral (U.V. ou radio) l’activité solaire (soleil 
calme, ou soleil actif). Mentionnons la spectrographie U.V. de la chromosphére 
et de la couronne, le spectre U.V. des éruptions solaires, et notamment l’observa- 
tion des éruptions dés leur commencement. Une émission de rayonnement 
cosmique est associée aux éruptions solaires. En conséquence, une meilleure 
connaissance des éruptions solaires nous aidera 4 comprendre le mécanisme de 
formation du rayonnement cosmique. 

Si l’on peut se permettre quelque spéculation, on pensera a une fusée décrivant 
une orbite perpendiculaire au plan de |’écliptique, en vue de l’observation des 
poles solaires et 4 deux stations aux points de LAGRANGE L, et L; du systéme 
Terre-Soleil, de fagon a observer en permanence la totalité de la surface du Solez/. 


V. Les étoiles 


Nous ignorons complétement a l’heure actuelle quel est le spectre des étoiles 
dans Il’ultra violet. En particulier, les étoiles trés chaudes émettent essentiellement 
dans l’ultra violet et nous ignorons l’intensité de ce rayonnement. De méme, 
les étoiles possédent sans doute une chromosphére et une couronne ot se 
produisent des raies d’émission. L’ultra violet est la région du spectre la plus 
favorable a l’observation de ces raies. Les raies observées dans I’ultra violet 
solaire se retrouvent probablement dans les étoiles. Les observations de 1955 
4}, (5) ont permis de détecter 45 raies entre 1892 et 977 A, parmi lesquelles des 
raies de résonance de H, CI, OI, CII, AIII, Sill et des raies de SilV, OVI. Dans 
des longueurs d’onde plus grandes, les raies observées dans le spectre solaire 
sont essentiellement des raies d’absorption, a l’exception des raies de MglIlI 
a 2795 et 2802 A qui apparaissent trés fortes en émission. Ces raies d’émissions 
se forment dans des conditions physiques particuliéres. L’écart a l’équilibre 
thermodynamique est trés grand. Le probléme posé par les grands écarts a 
l’équilibre thermodynamique est un probléme important, qui n’a fait l'objet 
jusqu’a présent que d’études partielles (THOMAS). La solution générale progresse 
beaucoup avec |’étude des chromosphéres stellaires. On sait (6) que l’écart a 
l’équilibre thermodynamique doit étre pris en considération de fagon deétaillée 
lors de l'étude de l’abondance des éléments. 
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On sait qu’on distingue les étoiles variables des autres étoiles par leurs 
variations d’éclat au cours du temps. Parmi les étoiles variables, les variables 
éruptives présentent un intérét particulier, car leurs variations sont dues a une 
activité analogue a l’activité solaire. On peut s’attendre a ce que les caractéres 
de variabilité soient beaucoup plus visibles dans I’ultra violet, car les modifica- 
tions de l’écart a l’équilibre thermodynamique peuvent entrainer de grandes 
variations de l’intensité de l’émission. I] serait donc possible de détecter dans 
ultra violet des caractéres de variabilité qui échappent dans le visible. On 
notera toutefois la difficulté de la tache, si l’on veut procéder a une étude tant 
soit peu approfondie du ciel: jusqu’a la magnitude 10, il y a environ un million 
d’étoiles; il faut donc employer des procédés d’enregistrement, de balayage, 
et d’étude, qui permettront d’examiner un nombre aussi grand d’objets. 


VI. Matiére interstellaire 


L’étude de SPITZER et ZABRISKIE [1] décrit pour l’essentiel un programme 
d’observation de la matiére interstellaire qu’on pourrait mener a bien avec un 
spectrographe emporté par un satellite artificiel. Les auteurs donnent une liste 
de raies U.V. qui pourraient étre observées entre 912 A et 3000 A a bord d’un 
satellite artificiel, Ces observations pourraient donner des renseignements 
détaillés sur le degré d’ionisation de la matiére interstellaire; cela nous conduirait 
a la valeur exacte du nombre d’électrons libres dans l’espace interstellaire. Des 
difficultés pour l’observation au dessous de 2000 A peuvent provenir de l’absorp- 
tion par les molécules (notamment N,) et méme par les grains de poussiére. 
On peut donc se poser la question de savoir s’il sera possible de mesurer 
l’absorption par les raies de l’hydrogéne moléculaire H, (AA: 1108,1; 1092,2; 
1077,1; etc.). 

Ajoutons a ce programme l’observation du ciel dans le domaine millimétrique 
et centimétrique. Un pouvoir de résolution élevé peut étre atteint sans pour 
cela devoir employer des intruments gigantesques. On devrait détecter dans 
ce domaine une foule de raies d’absorption moléculaires trés fines dont l’identifica- 
tion permettrait de déterminer exactement la population de l’espace interstellaire 
en molécules. 

Les conséquences de ces observations seraient de la plus grande importance 
pour la détermination exacte de la densité de la matiére interstellaire: une masse 
considérable pourrait étre présente sous la forme de molécules Hg, invisibles dans 
le domaine spectral actuellement couvert; elles permettraient d’établir le lien 
entre la matiére interstellaire et les étoiles et, naturellement, d’arriver a mieux 
comprendre les probleémes cosmogoniques. La comparaison des abondances 
stellaires (bien connues) et interstellaires (trés incertaines encore a l’heure 
actuelle) permettrait de résoudre le probleme de la circulation de la matiére des 
étoiles a la matiére interstellaire et de la matiére interstellaire aux étoiles. 


VII. Nébuleuses extragalactiques 


L’hypothése actuelle de la présence de masses considérables d’hydrogéne 
moléculaire intergalactique pourrait étre vérifiée si la présence de ‘‘fenétres’’ 
dans notre galaxie peut permettre l’observation vers 1000 A de_ l’espace 
extragalactique. D’autre part, la présence du halo chaud autour de notre galaxie 
et des nébuleuses extragalactiques (électrons 4 une température de 10® degrés) 
permet de supposer que ces régions présentent des raies d’absorption de C IV, 
N V, et O VI. 
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Les nébuleuses extragalactiques de magnitude supérieure 23 sont inaccessibles 
par suite de la brillance du ciel nocturne. Les images des galaxies deviennent 
analogues a des images stellaires et la durée des poses ne peut étre augmentée 
car le ciel nocturne voile les plaques. Cet inconvénient n’existe pas en astronomie 
extraterrestre, et par conséquent, a supposer le probleme de guidage résolu, 
l’observation, méme dans le domaine habituel de longueurs d’onde, conduirait 
trés probablement a de nouveaux résultats. L’observation dans le domaine du 
proche infra rouge devrait permettre l’observation des galaxies les plus rougies 
si leur lumiére peut nous parvenir! 

Un instrument transporté en satellite artificiel peut étre utilisé avec son 
pouvoir de résolution théorique. Pour détecter avec certitude une galaxie, il 
faut distinguer sa forme. Le noyau de la galaxie est toujours assez brillant pour 
donner une image d’apparence stellaire, mais les régions voisines doivent pouvoir 
étre vues avec leur forme. Une région de 3000 parsecs de diamétre doit étre 
vue sous un angle au moins double du pouvoir de résolution. Si celui-ci est de 0,1”, 
on peut espérer détecter des galaxies jusqu’a une distance de l’ordre de 5- 109 
parsecs (dans un. Univers plat et sans expansion). Cela exige un instrument de 
60 cm de diamétre et a grand rapport d’ouverture (du type chambre de SCHMIDT), 
et un guidage parfait (a 0,1’’ prés!)._ L’ensemble peut paraitre un peu au dela 
des possibilités immédiates, mais n’est certainement pas hors d’atteinte, et 
livrerait des informations entiérement neuves sur la structure de ]’Univers. 


VIII. Conelusion 


Nous résumerons cette discussion en donnant un tableau des observations 
que l’on peut espérer faire, par ordre de complexité croissante. Nous désignerons 
les observations a partir de satellites artificiels par S, a partir d’astéroides 
artificiels par A, a partir de cométes artificielles par C (l’analogie porte uniquement 
sur les orbites) et a partir d’objets rapides a orbites trés allongées par R. Les 
objets pour l’exploration directe (désignés par £) peuvent également étre en- 
visagés. Nous arrivons alors au tableau suivant: 





Type a : 
vee Instruments Types d’observations Objets observés 
d’astronef ; 





Petit spectrographe spectre U.V. 
Soleil 
Spectrographe Eruptions solaires 
héliographe 
Filtres 
monochromatiques 


Photographie ala 
gra} Surface solaire 


Etoiles 


Spectrographe Mesures de largeurs : 
Etoiles variables 


Spectrographe sans équivalentes 

fente, avec Ou sans P} Wie: Matiére 

- : otometrie . . 
filtre monochromatique LOLOMCTTIE interstellaire 


Récepteurs radio Recherche de Matiere 
(cm, mm) molécules interstellaire 


Photométrie classique Nébuleuses 


Astrographes ; 
et dénombrements extragalactiques 
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Type 


Instruments 


l’astronef 


Types d’observations Objets observés 





E. KUPPERIAN JR., A 


Astronet 


Filtre 


monochromatique 


Astrographe 


Astrographe 


Spectrographe 
de masse 
Spectrographe 2 
rayons X 
Générateur d¢ 
secousses 


et séismographe 


SPITZER et F. 


453 (1958). 
R. Tousey, 9eme Rapport sur les relations entre phénoménes solaires et terrestres, 


41 (1957). 
F. 


S. Jounson, H. H. 
1958). 


BEHRING, H. Mc ALLISTER et W. A. RENSE, Astrophysic. J. 
Astrophysique 22, 499 (1959). 


PECKER, Ann 


R. ZABRISKIE, 
30GGEss III et i. 


Matitson, J. D. 


Astéroides 
Comeétes 


Perturbations du 
mouvement 


Soleil 
Taches solaires 
pole du Soleil 


Surface solaire 


Mouvement 
parallactique 


Etoiles 


Mouvement 
parallactique 


Etoiles 


Composition chimique 
Surface des 
planetes 
Structures cristallines 


Intérieur des 


Structure interne : 
planetes 
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Abstract Zusammenfassung Résumé 


Transfer between Non-Coplanar Elliptical Orbits. The problem of two-impulse 
transfer of a rocket with minimum expenditure of propellant between non-coplanar 
elliptical orbits is considered. On the assumption that the eccentricities of the given 
orbits are small, a solution is obtained to the first order. A method is also indicated 
for obtaining a first order solution when the angle between the planes of the 
orbits is smali and the eccentricities are fixed 


Ubergang zwischen nicht komplanaren elliptischen Bahnen., [Es wird das Problem 
des ,,Zwei-Impulstiberganges*’ einer Rakete, von einer elliptischen Bahn auf eine 
andere elliptische, jedoch mit der ersten nicht komplanaren Bahn betrachtet, wobei 
der Treibstoffaufwand bei diesen Ubergangen ein Minimum sein soll. Unter der An 
nahme, daB die Exzentrizitaten der vorgegebenen Bahnen klein sind, wird eine 
Naherungslosung erster Ordnung erhalten. Weiters wird eine Methode angegeben, 
mit deren Hilfe man eine Naherungslosung erster Ordnung erhalt, wenn der Winkel 
zwischen den vorgegebenen Bahnebenen klein und die Exzentrizitaten fest ge- 
geben sind. 


Transfert entre deux orbites elliptiques non complanaires. [1 s’agit du transfert 
d’une fusée par deux impulsions d’une orbite elliptique a une autre de plan différent 
avec minimum de consommation. Une approximation de premier ordre est obtenue 


ionnees et 


pour des orbites de faible excentricité. Une méthode est ensuite proposée pour 
( 


lobtention d’une premiere approximation quand les excentricités sont 
l’angle entre les plans orbitaux est faible. 


I. Introduetion 


The problem of the optimal transfer of a rocket between two coplanar ellip- 
tical orbits has been investigated by LAWDEN (1) and SmitH /2). In this paper 
we shall consider the problem of transferring a rocket by means of two impulses 
and with minimum expenditure of propellant, from one elliptical orbit (the initia] 
orbit) to a second, non-coplanar elliptical orbit (the final orbit) about the same 
centre of force. Equations applicable to the general case will be obtained and 
applied to two particular cases. In the first, the angle between the planes will 
be assumed to be fixed, and we shall suppose that all other quantities can be 
expressed as convergent power series in ¢, where ¢ is a parameter proportional 


to the given eccentricities of the initial and final orbits, the eccentricities being 


1 Senior Lecturer in Mathematics, University of Canterbury 
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assumed small. A solution will be obtained to the first order in e. In the second 
case we shall consider two ellipses, each of fixed dimensions. The angle between 
their planes will then be taken to be proportional to the parameter ¢. In the 
latter case the zero order solution will be assumed known. 

The method is based on the use of the primer vector, of which a full account 
will be found in {1}. The primer is a vector associated with the motion of the 
rocket. Assuming that the path of the rocket is one which gives a minimum 
expenditure of fuel, then on a KEPLERian arc, i.e. when the rocket is in free 
motion under the central attractive force alone, the components of the primer 
are given by formulae involving arbitrary constants. At a junction of two 
KEPLERian arcs, 1.e. When the motors are used to give an impulse to the rocket, 
the primer must satisfy the following conditions 


(i) the primer and its time derivative are continuous across the junction, 
(ii) the primer is in the direction of the impulse, 

(11) it is a unit vector, 

(iv) it is perpendicular to its time derivative. 


We use a co-ordinate system defined as follows. Let O be the centre of attrac- 
tion and take a fixed reference plane through O. Let OZ be perpendicular to 
this plane, and let OR be a fixed line in the plane (Fig. 1). Consider any possible 

orbit. Let A be the position of its 
nearer apse, and let the plane of 
the orbit meet the reference plane 
in OS. Let Q2= / ROS, and let 
@® =Q+ / SOA. Let i be the angle 
between the two planes, assuming a 
sense of description as shown in the 
figure. Also let e be the eccentric- 
ity of the orbit and / its semi-latus 
rectum. Then the orbit is completely 
determined by the elements /, e, @, 
t, 2. If P is any point on the orbit, 
let y=OP and 0=2-+ 7 SOP. 
Also, if ON is the line of intersec- 
tion of the plane ZOP and the 
reference plane, let p= / RON. 
Let p be the angle between the 
transverse direction at P and the 
perpendicular to the plane ZOP. 

Let A, uw, v be the components of the primer at P. 4 is along OP, w is in the 
transverse direction, and y is perpendicular to these two directions in the usual 
positive sense. If f= / AOP = 6 — @, then for an ellipse, 


A=Acos/+ Besinf, 


D—A sin / 
l+ecosf 


Asin/+ B(1 + ecos/) + 


Ecosf+ Fsinf 
P= — 
1+ ecosf 


where A, B, D, E,F are constants for the particular orbit. Let # = I1/l, and 
let c? denote the acceleration due to the attracting body at unit distance from it. 
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Then the components &, 7, ¢ of the time derivative of the primer vector, in the 
same directions as A, uw, » respectively, but relative to a fixed reference frame, 
are given by 
JA sin f — D 
172 | 1 + ecosf 
n=c pe? {—-Ae—Acosf+ Desinft, 
€=cp?{— Esinf + Fe+ Fcosf} 


B|. 


For a circle, the corresponding formulae are 
A=Acosf-+ Bsinf, 
w= —2Asnf+2Bcosf+D, 
y=Ecosf+Fsinf, 
—E=c hp? (A sinf — Bcosf — D), 
n = —cp??(Acosf+ Bsin/f), 
€¢=c pi? (— Esinf + Fcos/). 

At a junction point we have, from condition (iii) above, 


At w+ yp? =] 
and from condition (iv), 

AE+un+rl=0. (14) 

Let J,, J, be the first and second junction points. At /,, on the initial orbit, 

all quantities will be distinguished by the suffix 0, and at Jy, on the final orbit 
by the suffix 3. On the transfer orbit plain symbols will denote quantities which 
are constant on the orbit, while for quantities which vary along the orbit, the 
suffixes 1 and 2 will distinguish their values at /J,, J. respectively. At /,, Jo 
we write 7,, 9, and 75, 9, for the values of yr and 9. Also we shall take OR to be 
along the line of intersection of the initial and final orbits, so that 


II. Explicit Junetion-Point Conditions 


Write y; = Y; — Yo. Then using condition (i) above we have at /, 
Ay = A, 
Mo = fy COSY, — ¥, SIN yy, 
{Sin y, + 7, COSY}, 
D 
Nn, COSy, — ¢, SIN yy, 
n, sin y, + ¢, cos 7}. 
Also from condition (11) 
= k,(u, — up), 
= k,(v, — vg cos y,), 
Ry Vp sin yy, 
where k, is positive and such that, from eq. (13) 
Av? t+ my? + 4? = 1. 
Also from eq. (14) we have 


Asi tam + 151 = 9. 
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From well-known orbital formulae 


a a 1/2 f 
Uy = Clg Py “SIN fo, 


ee eee. 
u,=—cep'*sinf,, 


¢ 


U9 = 12’ 
"1 Po 


7 ( 
a 1; pie 


From the geometry of the ellipse 
Po (1 + & C08 fo), 


p (1 + ecos/f,). 


Also by spherical trigonometry we find 
tan Wp = tan ty COS Mo, 
tan y, = tanzcos (4, — Q), 
tan @ COS ty tan Hp, 
tan (gy, — 2) = cosz tan (6, — 22), 
SIN ty Sin Mp sin t sin (6, — Q). 
At Jo, writing y, 
As, 
= [Mg COS Py + V9 SIN Yo, 
- Ug SIN Yg + Mg COS Yo, 
2» 
No COS Py + Cy SIN Yo, 
Nz SIN Vy + C5 COS Yo, 
ky(Ug — Uy), 


(V3 COS Yo — Vg 


i, 
Ry Vz SIN Yo, 


where ky is positive and such that 
Also, from eq. (14) 


Also 
cep? sin fo, 
: C éy py!” sin fs, 
; 
: fs p} 2 
: 


ty py)? 


p (1 + ecos 1s), 


’ 


- W, We have a set of similar equations: 


(30) 


(31) 
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ps (1 €3 COS fs), (53) 
‘. 
tan py, = tan? cos (#, — 2 (54) 
tan y, = tan 7, cos Ms, (55) 
tan (g, — 2) = cosi tan (9, — Q), (56) 
tan @. = cos 7, tan 4,, 57) 
sin? sin (9, — 2) = sin 2, sin 4.. 58) 


III. Ellipses of Small Eeeentricity 


We now write the eccentricities of the initial and final orbits as ey’ ¢ and e,' ¢ 
where € is a parameter and assume that all other quantities which are functions 
of the eccentricities can be expressed as convergent power series in ¢. It is 
convenient to make a slight change of notation. All quantities previously defined 
e.g. 4, p, fo, etc. will now replaced by 9b, #, /,, etc., and we write 


SD 
to 


0 = 99 + I’ é 9 & 
p=ptpetpre 
etc. Also we write é) = é) &, &,; = és €. The quantities fp, Wo, 49, pz, M3, tg, 
as previously defined are independent of e. 

The solution to the zero order equations, which are obtained by substituting 
expressions of the type (59) into the equations of the previous sections, and 
retaining zero order terms only, must be identical with the optimal transfer 
between non-coplanar circles. It may be that for this case there is more than 
one minimum two-impulse transfer. We shall show that if /, and /, are assumed 
to be on the line of intersection of the planes of the initial and final orbits, then 
the conditions (1) — (iv) can be satisfied. 

From eq. (1) applied at /, and J, we have 


DY } 


A, = A cos h _ Besin hy 60) 
dp = A cos fy + Besin fy. = 
Since /,, J, and O are collinear, it follows that /, = /, + a, or f, = /, —2. 
In either case 
Ao A cos ‘i Besin I 


and so 


As A;. 61) 


Since the initial and final orbits are circles we have u = uw, = 0. Hence, from 
eqs. (21), (43) and (61) we have k, u, = ky uy. From eqs. (27) and (48) we have 
Uy = — u,. Hence k, 4, ky u, or (ky + ky) uy = 0. But k, and ky are each 
positive and non-zero. Hence u, = 0. Then from eq. (27) it follows that /, = 0 
or h = J. 

Assume that /, = 0, so that /, = a. Since fy = 1/7, and ps = 1/7, it follows 
from eqs. (31) and (53) that 


Po p (| ad a 62) 
ps p ( e). 63) 
Whence 
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This shows that our assumption that /,; = 0, /, = a is equivalent to the assump- 
tion that fy > pg Le. %< 7%. This means that the initial orbit has smaller 
radius than the final orbit. If 7, > 7, we would have /, =a, f, = 0. 

It follows that 


Oy = O5 = 9, 
0, = 0, = 2, 
o=Q2—0. 
Then from eqs. (32) and (33) we have 
tan yy = tan tb, 
tan y, = tan?, 
and sO % = %, y,=1. Hence 
1, = 1 — to. (66) 
Similarly from eqs. (54) and (55) 


tan y, = — tanz, 

tan y, = — tan 2, 
so that y,» = —1, y3= —13. Hence Vo 
Yo = 1 — ig. (67) 6 


Since Up = uy = Uy = us = O, then from eqs. (21) and (43) we have 
Ag = A, = A, = A, = 0. (68) 
Then, from eq. (60), since /, = 0, we have 
A =9@, 
and so, from eq. (5) applied at J,, J. we have 
My = No = 9. 
Also from eqs. (7) and (11) applied at /, and Jo, 
No = ¢ py?!” (Ag cos fy + By sin fo) 
- € py’ dg. 
Since A, = 0, we have 7) = 0 and similarly 7, = 0. Then from eq. (19) we have 
¢,siny, = 0. (69) 
If smy, = 0, then y, = 0 or y, =a. In either case, from eq. (23) 
vy, = 0. 
From eq. (3) applied at /,, 


and so 
Then from eq. (3) applied at Js, 


and so 


Vo = Q. 









Hence, from eq. (45) 

ky Vz SIN Vp = O, 
and soy, = 0 or y» = a. Ifnowy, = 0 and y, = 0, then from eqs. (66) and (67) 
we have 7 = 7) and 7 = 73, which is possible only if the initial and final orbits 
are coplanar. Similarly, all other combinations of pairs of values of y,, y, are 
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possible only in this case. Hence we cannot have y, = 0 or y, =a. It now 
follows from eq. (69) that 
C, = U. 
From eq. (6) applied at /, and using ¢, = 0, /, = 0, it follows that 
FF = Q. 
Substituting eqs. (21), (22), (23) into eq. (24) and using A, = 0 [eq. (68) 
we find 
ky?(vp? + v,2 — 2 v1 v9 Cos y) l (72) 
Similarly we can show 
ko?(V9” + v,* — 2 Ug Vz COS Yo) = 1. (73) 


From eqs. (23) and (70) we find 
E =k, (1+ e)siny,. 
Similarly, from eqs. (45) and (71) we find 
E = — kav, (1 — e) sin yy. 
Equating these expressions for EF, and using eqs. (62), (63), (66), (67), (72), (73) 
we find 





Vol. 
6 


Do Vp Sin (t — to) {V—2 + vg? — 2vgu 


cain aes ey ie aa eee eS eo ‘ 
+ pg Vg Sin (i — tg) {U2 + v1? — 2 U9 v, COS (7 — Z5)}! 0, (74) 






Since pf is determined from eq. (64), it follows from eqs. (29) and (50) that v, 
and v, are determined. Hence eq. (74) is an equation to determine 7. Write it 
as y(t) = 0. Without loss of generality we may assume ty < 15. Then @(t) < 0 
and (iz) > 0. Also, by considering the derivative of g(z), or otherwise, it is not 
difficult to show that (7) is increasing in the range t)< 7 < tg. It follows that 
eq. (74) has a unique root 7 in this range. This has been investigated in more 
detail by HoRNER and SILBER [3]. This value of 7 is to be understood in what 
follows. 

V1, Y2 May now be found from eqs. (66) and (67) and so from eqs. (72) and (73) 
k, and k, can be determined. Then from eqs. (22), (23), (44) and (45) 44, 4, Me, V2 
may be found. From eq. (2) applied at J,, J. we have, using A = 0, 

D 


4, = B(l+e) 4 eae (75) 

















Solving these equations for B and D we find 









l -_ 
B= Z {My (1 + e) lg | 1 — é)}, (fd 
e 


D= mw, (1+e) — B(1l+e)?, (78) 
where e is determined from eq. (65). Then from eq. (4) applied at /, and /, 
we have 









79) 







Ivy 


2 


B| : (SQ) 





Hence the primer vector and its time derivative is completely determined at 
J, and J, on the transfer orbit. 
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It remains to be shown that the continuity conditions expressed by 
eqs. (15)—(20), (37)—(42) are satisfied. From eqs. (15)—(20) the values of 
Ao, Mo» Yor &o> No» Sg are determined. Then using eqs. (7)—(12) at /, on the initial 
orbit, we have six equations involving Ag, By, Do, Eo, Fo, fo. Since No C py?” dg, 
there are only five independent equations. Since @, is indeterminate for a circle 
so is fy, and we may assign to fy any value we please. When this is done the five 
equations will determine Ay, By, Do, Eo, Fg and then eqs. (15)—(20) are satisfied. 
Similarly, the eqs. (87)—(42) can be satisfied. 

We now consider the solution to O(e) arising from the use of the expansions 
(59). From eqs. (30) and (31) we find 


Yr 7,* pe't+p'(l+e) Po &o COS fo, (S1) 

and from eqs. (52) and (53) 
¥_' |t_" pe’ + p' (1 — e) = pgeg’ cos fy. (82) 
Since the initial and final orbits are now ellipses, @) and @, are given, and hence 
using 4) = 0, 6, = a, we have fp - @ and /, = a — @s. Hence eqs. (81) 


and (82) determine 9’, e’, 7,', 7)’. Then from eqs. (28), (29), (50) and (51) we find 








From eq. (25) using A, = 4, = ¢, = 0, we have 


Ay Sa 7 fy 1 $1 0. (84) 
From eqs. (1), (5) and (6), using A = F = 0, we find 
A,’ =A’'+Beys,’, (85) 
ny =c pr { A’ (Ll+e)+ Def,'t, (86) 
Ci =cpe{Ef,'+F’' (1+ e)}. (87) 
From eqs. (4) and (75) we find 
é, G Por (ty Be) p! 2 (SS) 


Using eqs. (62) and (70) and writing «, = (mu, — Be) (1 + e)*, we substitute 
eqs. (85)—(88) into eq. (84) and obtain 
A’{a, + (l+e)m}—Q/,+EF' =0. (89) 


where 









7) Bex, Dem 


c 





? 








Similarly, from eqs. (47), (1), (5) and (6), in that order, we find 








Ag’ &, t+ [Uy No’ t Vo Co 0, (90) 
A,’ A’ — Be}j,’, (91) 
No C pl? {A’ (1 €) De fe}, (92) 
6,’ = c p32 {F f,’ — F’ (1 — e)}. (93) 


On substituting eqs. (91)—(93) into eq. (94) we find 
A’ {> - (] €) of + R f,' LF’ 0, (94) 
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where 
t == (uo + Be) (1 e)2, 
) » E* 
R= Bea,— Dep, 
¢ 
On subtracting eq. (89) from eq. (94) we obtain 
PA’'+Q/,'+ Rf, = 9, (94 a) 
where 
Ve Hy Xs -] (1 @) fy A (1 €) My. 
We re-write eq. (94a) as 
A’ + Pf; + Pele = 9, (95) 
where P, = Q/P and P, = R/P. 
From eq. (21) we find 
A,’ = h,(t,' — ty ). 96) 
Then, from eqs. (26), (27), (85) and (96) we find 
A'+0Q,f,' = R, (97) 
where 
Vol. 0, = Be—k,cep'?, 
6 R, k,Céy po! sin fy 


1960 


ky C Co po 2 sin Mo: 






At J, we can derive a similar equation 
A’ + Qo fo’ = Ro, 98) 






where 






oF Be- ka ce pr, 
R, hy ¢ €y' pall? sin Gig. 





Solving eqs. (95), (97), (98) for /,’ /,° we find 






fi’ = {R,(Q. — Ps) + Re Po}/S, (99) 
fe = {R, Pi + RP, — PHYS, (100) 
where 
S CEO, PO. ae OMe 
Te we 1 Ge = - Ze 






From eqs. (22), (23) we find 






, / ae a Oe a ie — ane ta l ag A { 
My k,'(v, — vg COS V1) + Ry (v, Up COSY, + UV, SIN}Y,), LOL) 
mY, Cite eel Dewi we Siete ag. Lb ae kh inniein >) 
Vy ky’ vpsiny, + ky v9 siny, + ky Up 1’ COS. 102 





Eliminating k,’ from eqs. (101), (102) we find 








where 


Similarly at /, we find 








where 








% 


From eqs. (24) and (46) we find 


= k,* sin yo(vo' Vv. 






, 


My fy + y QO, (105) 
Yo Vo = 0. (106) 





’ 
the fhe 


j 
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Eliminating y,' from eqs. (103) and (105) and eliminating yw,’ from eqs. (104) 
and (106) we find, in turn 
vy’ = w,(T,y,' — U)), (107) 
- Yo’ = Uo(To yo’ — U,). (108) 
From eq. (3) applied at J, and J, in turn, we find 
y, = E'/(1 +e), 


Then using 


we have 


2 Po 
From eqs. (32), (33), (54) and (55) we find y)’ = 0, 
Hence 


, 
YY, = = 
V1 V2 L. 


Substituting into eqs. (107) and (108) and using eq. (109) we find 
_UU,-—U, 
UT, — rs. 


“7 


1 


where 
_ MyPo 
My P3 
We can now calculate the impulses required. Let J,, /, be the ne ary 
impulses at J, and Jy. Then 
[,? = (ti, — tig)? + 052 + 3,2? — 2593, cosp (L111) 
Since #, = Uy = 0, the zero order terms in eq. (111) give 
2 2 Se oes 2 
I, = (vp? + 0,2 — 2 9 v, cos y,)!”. 


The first order terms now give 


4 fay gy ? Log ay! _ Da lay eaccay — 9a 9)’ COC 1 Day ay a! oir ayd 
I, Vo Vo Vy Uy =U9g Vy COSY, =U9V, COSY, “U9 Vz? SINYV;5 I, 


where vy’, v,’, 2’ are known from eqs. (83) and (110). 
Similar expressions for /,, J,’ are readily found. 
Finally we may calculate the position of J, and J,, to O(e). From eqs. (36) 
and (58) we find 
(6,’ — 2’) sint = 6)’ sin to, (112) 
(6, — 2’) sini = 6,’ sin 14, (113) 
Now 6,'=0'+/,' and 6,’ = ' +f,’ so that 
6,’ — 0,’ = fy’ — fe’, (114) 
where /,’ — /,’ is determined from eqs. (99) and (100). 
Eliminating 9,’, 9,', 2’ from eqs. (112), (113) and (114) we find 
Oy’ sin 19 — 9,’ sin tg = (f;' — f,') sint. 
From eqs. (34), (35), (56) and (57) we have 
= 9’ COS to, 
"— Q' = (0,' — 2") cos, 
o — 2’ = (0,' — 2’) cost, 
= 0,' cos t,. 
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Eliminating 9’, g,’, 22’ from the last four equations and using eq. (114) we find 
Oy’ cos tg — 8,’ cos t, = (f,’ — f,’) cost. (120) 
From eqs. (115) and (120) we find 


: ea _» sin (tq — 2) 
0,’ = (/,' — fe’) 3 


sin (73 — 19) 
Sin (t — 49) 
) 


sin (73 — 9) 


[V. Conelusions 


In this section we first consider very briefly the case of almost coplanar 
ellipses of fixed eccentricities. We take 7, = 0, write i, = 1,’ ¢, where € is a small 
quantity, and assume expansions like (59). The quantities fp, @p, &, Pz, @s 
and é, as defined in Section I, will now be independent of ¢.. The equations then 
obtained by retaining terms of zero order only in the equations of Section II, 
will determine the optimal transfer between coplanar ellipses of fixed eccentric- 
ities. The general solution of this latter problem is not known, and hence the 
solution of these equations is uot 
known in all cases. However, the 
exact solution is known in some 
cases, e.g. when the axes of the 
ellipses are coincident, and an 
approximate solution is known in 
some other cases, e.g. when the 
eccentricities are small {1}, {2}. In 
such cases a first order solution can 
be found by methods similar to 
those used in Section III. 

The methods described appear to 

cover a fairly wide range of cases. 
In any numerical case, iteration 
could be used to test the magnitude 
of the second order terms, which 
have so far been ignored. The 
process would be tedious, but not 
impossible. 

The results obtained by the methods given will be satisfactory only if the 
series (59) are fairly rapidly convergent. In Section III it is clear that if all other 
quantities are fixed, the power series will be convergent if é and é are suffi- 
ciently small. On the other hand, if é and é, are fixed, then it may be necessary 
to restrict the allowed ranges of values of some of the other constants which 
define the initial and final orbits. In particular it would appear that the angle 
between the planes of the orbits must not be too small. This is suggested by 
eqs. (121) and (122) where the denominators tend to zero as 1, 7%. Of course, 
since /,’ — f/,’ has not been obtained explicitly in terms of t9 and 7g, it is possible 
that the factor /,’ — /,’ could itself contain a factor sin (7, — 79) but an examina- 
tion of the relevant equations suggests that this is unlikely. 

There is a further consideration which suggests that the method will fail if 
tz — ty is small viz. the great discrepancy between the zero-order positions of 
J, and J, for the two cases 1, — ig = 0 and 7, — tg #0. Consider the transfer 


between a circle and an ellipse of eccentricity e (Fig. 2). Suppose the planes 
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of the given circle and ellipse are inclined at an angle 7, the line of intersection 
being along CD which is perpendicular to the apse-line AB of the ellipse. For 
given e, to zero order in 7, the minimal transfer orbit is a cotangential ellipse 
from A to B, and so for small 7 we expect the junction points to be near A and B. 
But for given 7, to zero order in e, we have proved above that a minimal transfer 
orbit is an ellipse from C to D, and so for small e, the junction points should 
be near C and D. Hence if e and 7 are both small, we have what is essentially 
a contradiction. This indicates a limitation of the method, the difficulty being 
that we have no criteria for deciding when 7 and e are, in fact, small. 

In conclusion, I wish to thank Professor D. F. LAwWpEN for drawing my 
attention to this problem, and for his help with its presention. 
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Abstract Zusammenfassung Résumé 





Vol. Galactic Matter and Interstellar Flight. This paper describes a vehicle which uses 
the interstellar gas as a source of energy (by nuclear fusion) and as a working fluid 
By this means high ship velocities and consequent short flight times can be attained 
in spite of the inadequacy of nucleon rearrangement reactions for interstellar flight 
by rocket. Study of the relativistic flight mechanics of this interstellar ramjet shows 
that maximum vehicle accelerations of the order of earth-gravity can be achieved with 
fusion-powered vehicles only if the frontal area loading density per unit interstellar 


8 (gm/cm?) per (reactive nucleon/cm®) or less. Graphs are presented 


vas density is 10 
showing the theoretical performance of such ramjet ships 










Gialaktische Materie und interstellarer Flug. Diese Arbeit beschreibt ein Fahrzeug, 
welches das interstellare Gas als Energiequelle (durch Kernfusion) und als Arbeits 
medium beniitzt. Relativistische Untersuchungen dieses interstellaren Staustrahlan 
triebes zeigen, daB maximale Fahrzeugeigenbeschleunigungen von der GroBenordnung 
der Erdbeschleunigung nur dann erreicht werden ké6nnen, wenn die frontale Flachen 
dichte kleiner oder héchstens gleich ist 10-8 g/cm® fiir jedes reagierende Nucleon 
Diagramme zeigen die Wirkungsweise eines solchen Antriebes ftir verschiedene Werte 


dieses Parameters. 
















Matiére galactique et vol interstellaire. Description d’un véhicule utilisant le 
gaz interstellaire comme source d’énergie par fusion et comme fluide propulsif. La 


mécanique relativiste de ce statoréacteur interstellaire promet des accélérations d¢ 


l’ordre de celle de la pesanteur terrestre si la charge frontale est au plus ég ile a 
10-8 g/cm? par nucléon réagissant par cm? Les performances théoriques sont 


présentées graphiquement en fonction de ce parameétre 


1. Introduction 





Characteristics of interstellar flight and the general prospects for its eventual 
attainment have been considered in some detail by several authors in recent 
years. In a pioneering paper, ACKERET [1] derived relativistically correct equa- 


tions of motion for the powered flight of rocket vehicles. From these it was 











1 Presently with the Los Alamos Scientific Laboratory of the niversity of 


California, Los Alamos, New Mexico, U.S.A 
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shown that an optimum distribution of propellant mass and empty (burnt) mass 
exists which will give a maximum velocity change, in the initial rest-frame, to 
the vehicle. To achieve this maximum velocity change, or maximum vehicle 
“characteristic’’ velocity in a vehicle powered by exothermic nuclear reactions 
involving nucleon rearrangements, ACKERET further showed that it would be 
necessary to use inert non-energy-generating matter as a considerable fraction 
of the total propellant mass in order to make optimum use of the nuclear energy. 
The third significant point established was that even for very energetic nuclear 
reactions, the maximum attainable vehicle velocity will always be limited to 
a rather small fraction (ca. 1/20) of the speed of light, and that the concurrent 
optimum propellant exhaust velocity is of the same order as the vehicle final 
velocity. This conclusion is a direct result of the fact that the fraction of nuclear 
mass converted into energy in rearrangement reactions is less than 1°% of the 
initial mass for the most energetic known reactions. Of course this is not true 
for particle/anti-particle annihilation reactions. We will not consider these here 
as energy sources for interstellar flight, since the only presently known source 
of anti-particles is by pair production, which requires the expenditure of at least 
two rest mass energies, and considerably more if the initiating particle is 
accelerated to high energy in the laboratory rather than the reaction center-of- 
mass coordinate frame. Since considerable inert mass must be expelled and 
maximum attainable velocities are small relative to the speed of light, an optimum 
(as previously defined) interstellar rocket powered by conventional nuclear 
energy sources will require flight times of hundreds of years to reach even the 


nearest stars. 
In a later paper, SHEPHERD [2) considered the problems and_ potential 
performance of such craft in some detail, and extended the analysis to include 


losses due to inefficiency in conversion of the source energy into exhaust jet 
energy. SHEPHERD also pointed out that, even if sufficiently energetic sources 
were available so that the vehicle could be accelerated to velocities close to the 
speed of light the acceleration time required to reach such velocity would be the 
order of hundreds of years, because of the present practical limitations of equip- 
ment size as a function of power handling capacity with present day power plant 
technology. Through an example of a typical vehicle for flight to the nearest 
stars he showed that vehicle accelerations must be limited to the order of 10~4 
to 10-* of earth gravity acceleration if propulsion is to be by nuclear/electric ion 
acceleration systems with specific masses of hundreds of kilograms per thermal 
megawatt. This level of propulsion plant performance is an order of magnitude 
better (lighter) than those currently proposed [3) for propulsion of interorbital 
vehicles in the solar system, however application of direct nuclear/electric 
conversion devices utilizing thermionic emission phenomena [4, 5] should even- 
tually yield these lower specific masses. 

In order to reduce interstellar flight times as measured by clocks on board 
the vehicle to the order of years rather than hundreds of years it is necessary 
that vehicle velocity be close to optical velocity and that acceleration from the 
initial rest state to this velocity take place in a time the order of years, or less. 

In fundamental work on the subject, SANGER [6] and PESCHKA [26] has 
shown that accelerations the order of earth gravity (1 g,)) in the vehicle’s rest- 
frame are required to achieve this desirable performance. As an illustration of 
the powerful effect of the LORENTZ time-dilatation effect at near-optical velocities 
SANGER calculated that the center of our galaxy could be reached in 20 years 
and the entire known universe could be traversed in less than 42 years ship-time 
if a vehicle frame acceleration of 1 gy could be maintained continuously. Similar 
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results have been demonstrated more recently by Kooy |7} in a study of rel- 
ativistic rocket motion. Assuming an adequate (unknown) energy source SANGER 
has considered in detail {8} the case of radiation propulsion by the ejection of 
photons produced from the conversion of matter into energy aboard the rocket 
vehicle. For photon rocket flight to the galactic center and through the universe, 
required mass-ratios were shown to be of order 10° and 101%, respectively (26 

Applying the same basic arguments mentioned earlier for the ion propelled, 
low velocity interstellar vehicle, SHEPHERD [2] pointed out that the power plant 
specific mass must be extremely small and estimated that black-body radiator 
temperatures must be the order of 10° °K to achieve accelerations of 1 gy by 
photon propulsion. In recent theoretical work on radiation leakage and absorption 
in light and heavy atom plasmas, SANGER [9] has shown that uranium plasmas 
at temperatures of 2 x 10°to5 x 10° °K or hydrogen plasmas at about 3 104 °K 
could be used as radiators for photon propulsion. Temperatures of this sort 
could, in principle, be reached in the fissioning core of a large gaseous core reactor 
of the sort first discussed by SHEPHERD and CLEAVER |10}| and more lately by 
SAFONOV [11], BELL [12], WINTERBERG [13], SHEPHERD [14], and the present 
author {15|, however the practical attainability of such temperatures is ques 
tionable at present. If lower temperatures are forced by requirements of wan 
cooling, for example, vehicle accelerations will drop drastically (since radiatiol 
pressure is proportional to T4) below the 1 g, needed for short acceleration times 
in interstellar flight. 

In summary of the past work we see that two principal types of difficulty 
arise to thwart the theoretical achievement of short flight times (measured by 
clocks on the vehicle) in interstellar rocket flight. The first and most fundamental 
of these is that: 

1) Known sources of nuclear energy from nuclear rearrangement reactions 
(i.e., fission, fusion, radioisotope decay) are very inadequate compared to the 
energy required to accelerate a vehicle to near-optic velocity. 

The second objection is that: 

2) Achievement of 1 g, acceleration with the high exhaust velocities needed 
for optimum flight is so far beyond the present state of propulsion system 
engineering technology as to appear virtually impossible at the moment 

This second objection is not a fundamental one in that it is based 
inability of present-day power plant technology to produce the equipment needed 
for high acceleration interstellar propulsion systems. This objection will inevitably 
give way to the continued advance of modern technology; but the first objection, 
which is on basic physical grounds, will remain. The lack of an adequate source 
of energy is, at present, a fundamental physical limitation on interstellar flight 
of rocket vehicles. Until new and very much more energetic controllable reactions 
are found (and this seems improbable at the moment), efforts to solve the second, 
technological objection would seem to be fruitless. In the light of this dilemma, 
SHEPHERD [2], SPITZER {16}, and others have considered as a possible solution 
the concept of interstellar travel involving flights of hundreds, perhaps thousands 
of years, with whole civilizations in microcosm rising and falling while in flight 
between planetary worlds. If we wish to avoid this aesthetically unattractive 
picture yet cling to hope for interstellar travel we must find a way to overcome 
the inadequate-energy-source objection cited above 































2. The Interstellar Ramjet 
It is the purpose of this paper to discuss one method of doing this, by 
abandoning the interstellar rocket entirely, turning to the concept of an inter- 
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stellar vehicle which does not carry any of the nuclear fuel or propellant mass 
needed for propulsion, but makes use of the matter spread diffusely throughout 
our galaxy for these purposes. By rough analogy with its atmospheric coun- 
terpart we call this an znterstellar ramjet. Other possible types might include 
vehicles which carry all of the nuclear fuel on board and only use swept-up 
galactic matter as inert diluent added to the propellant stream (analogous to 
the operation of ducted rockets in atmospheric flight) and all variations between 
these two extremes. Study of the performance of these fuel-carrying vehicles 
is deferred to a future paper. 

No attempt is made to devise conceptual engineering approaches to the 
propulsion system design although some potentially applicable physical principles 
are discussed briefly. Propulsion system engineering technology falls under 
objection {2}, previously cited, however we are interested here only in providing 
an answer to the energy objection [1]. To this extent the problems of short 
duration (from the traveler’s standpoint) interstellar flight remain unsolved. 
Our principal interest is to determine the relation between flight time in the 
vehicle’s rest frame of reference (hereafter called the ship-frame) and distance 
traveled in the fixed space-frame, as a function of vehicle initial velocity and 
overall design parameters. 

As we have discussed, the acceleration capability will be determined by the 
engineering characteristics (i.e., operating temperatures, mass flow rates, 
structural masses, etc.) of the vehicle and its propulsion system. Detailed 

analysis of these 1s not with- 
in the scope of the present 


paper, and a simple gross 
(I-a) dm, parameter, the frontal area 
° 


loading density, is used to 
relate acceleration to vehicle 
flight conditions. We _ limit 
consideration at the outset 
to one-dimensional rectilinear 
flight in field-free space of 
vehicles whose thrust and 
—— a acceleration vectors are par- 
BEFORE allel. Parameters measured 
in the ship-frame are denoted 
by the subscript s; those in 
the space-frame (e.g., assumed 
fixed relative to the galactic 
center) by the subscript o. 
Consider the system sketched in Fig. 1. Here we see a pure ramjet vehicle 
moving to the right with instantaneous velocity! v, in the space-frame, with 
intake area A, and constant rest-mass m,, just before and just after swallowing, 
burning (by nuclear reaction), and expelling a small differential rest-mass dmp, 
of galactic material. A fraction « (following SHEPHERD’s notation [2)|) of this 
is converted into energy and (1 — «) dm,, is expelled from the vehicle with 
velocity v,, (chosen positive to the left) relative to the space-frame. The energy 
generated is converted into kinetic energy in the exhaust jet with an efficiency 9, 


7 


ft 
a(I-7)¢ dm) 


Fig. 1. Conditions before and after fusion reaction of 


an increment (dmy,.) of interstellar gas 


1 By limiting our discussion to one-dimensional motion we need not use vector 
notation in the analysis, thus when we speak of “‘velocity’’ here and hereafter we 
mean ‘“‘magnitude of the velocity vector’’, etc. 
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(1 — ») being lost as thermal radiation transverse to the vehicle velocity vecto1 
This conversion efficiency is a parameter in principle within the control of the 
propulsion system designer, since it is determined by the degree of irreversibility 
(thermal radiation, joule heating losses, etc.) characterizing the conversion process 
and equipment employed for propulsion. For our purposes it is considered as 
an arbitrary constant characterizing the propulsion plant performance. 
Before burning, the system total energy (measured in the space-frame) is just 
E tetore = tigi dm; (1) 
70 
and after burning, as described, the energy is distributed as 


m,c* (1 — a) c* dm, , = 
E site + (l —)ac* dm, (2) 
Yo + ayo Veq 
where 
Yo =1—(vo/c)? and y.,2 = 1 — (v,,/c)?. 
Total energy is conserved in this process (and in all others) thus Eypego, E 


Combining eqs. (1) and (2), reducing algebraically, and retaining only first order 
terms in derivatives, we have 





7 ; n “Yo 1 — (1 = l 3 
- Ms a 1) & am, {2} 
1960 Yo" ia 


Now, for acceleration of the vehicle we require that dv, be positive, thus that 


dy, be negative. In order for this to be so the quantity [1 — (l—y7)«—(l—« 











must be greater than zero (we choose a positive sign convention for dm,,) hence 
the exhaust stream must satisfy the inequality y,, > (1 — «)/[] (1 — 7) « 
Since y,,? = 1 — v,,2/c?_ the inequality can be written for v,, as 







( 






1 <2ayn = (4) 
Cc | a(1 — 7) |* 

‘or all x-values associated with nucleon rearrangement reactions this reduces 
to (v,,/c)?< 2a as the condition for acceleration of our ramjet ship. If 








(v,,/c)? > 2a our ship will decelerate since we will be converting some of the 
ship kinetic energy into directed motion (kinetic energy) of the interstellar gas 
used as a propellant and nuclear energy source. We note here that v,, is not the 






propellant exhaust velocity relative to the ship, but is the burnt fuel velocity 
relative to the space-frame. We have assumed that its velocity was zero in th 
space-frame before burning. Since the maximum total energy released by nuclear 
reaction is AF pum = «c2dm,, for a final zero space-frame velocity of burnt 
products, we can define an energy-utilization efficiency as 








Energy added to ship 





energy released by mass conversion 





energy energy to kinetic energy lost to 


\ released energy of burnt fuel non-propulsive uses 





(energy released) 


total energy of rest mass energy 
: - : ; | (energy lost) 
burnt fuel of burnt fuel 





or 





(energy released) 
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Using the previously defined symbols this becomes 


ine ae See 
Veo aH x Ve 


— (1 —~7) 


For 3 0, 7, is unity and the energy utilization efficiency is just e = 7, as 


é 


expected. However, for (v,,/c) small but non-zero, eq. (5) gives the approximate 


expression 
1 — *) ¢ ) 
eE=n— = 5’) 
j | 2a Cc ( 


For acceleration, ¢ must be greater than zero, which leads again to the inequality 
(v,,/c)?< 2a for net positive acceleration. Since « is only 0.0071 for the most 
energetic known fusion reaction (the helium-producing proton-proton fusion 
chain) we see that the numerical value of ¢ approaches zero rapidly with increasing 
(v./c). This energy-utilization efficiency is not a parameter within the control 
of the vehicle designer, as is 7, since it is seen to depend upon the burnt fuel 
space-frame velocity v,,, which must be determined by the conservation laws 
of relativistic mechanics. 

In addition to energy f[eq. (3)], linear momentum must be conserved. This 
requirement gives us an equality between the axial momentum before burning 

Ms Vp 


Pre fore = 


and the approximate momentum after* 


y 
70 


which reduces to 


— Ms C 
vo" | cot. 
by making use of the identity yp)? = 1 

We now have two independent relations feqs. (8) and (8)| between the 
parameters mm», v9, and v,,. To find a differential equation describing the system 
motion we must eliminate exhaust velocity parameters from (3) and (8) and 
introduce an appropriate time variable for integration. 

The fuel increment dm,, is swept up in a time df), measured in the space 
frame, by our propulsion plant intake of area Ay normal to the flight path. For 
a galactic fuel density 9) we have 

AM», = 09 Ag Vp Ay (9) 


The time variable ¢, is not particularly useful since the point of most interest 
is the duration of travel in ship-time, i.e. in time as measured by the ship clocks. 
We denote ship-time increments by dt,; related to the space-frame time by the 
LORENTZian expression 


9 
“ 


dt, = Yo ty (10) 


* To be exact this equation should include a term of the form (1 — 7) « vg dmp,, 
expressing the net axial momentum in the space-frame of the energy radiated without 
an axial momentum component in the ship-frame. This term has little effect on the 
system dynamics if the efficiency is high (i.e. 7 > 0.5) and is not included here or 
in the following work as it introduces considerable formal complications. If low 
efficiencies are of interest it should be included from eq. 7. 
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With this, eq. (9) becomes 

AMp, = 09 Ag Vp Uts/Vo (11) 
and we have all the relations needed to determine the desired equation of motion. 
Substituting from (11) into (38) and (8), introducing the symbol £, = (v»/c), and 


0 
combining the resultant expressions to eliminate v,, and y,,, we obtain 


&o 


ee. Os a ee bs | I | (1 — B,2) 
a. | (] n) & 


at, mM; 
We note, in passing, that this expression is just y,?/c times the apparent accelera- 
tion (d?s,/dt,”) in the ship-frame, and that acceleration is possible (i.e., df/di 
is positive) for all 6) > 0. This is not readliy integrable in closed form, howeve1 
we can easily obtain solutions for several asymptotic conditions. The “‘effective’’ 
burnable fraction « 7, is always much less than unity since 7 < | and «& is never 
greater than 0.0071, as previously mentioned. With this in mind we can expand 


1 


the various terms of eq. (12) retaining only terms of first order in smallness, and 





find the approximate but actually quite close equation for « 7 
ap, C0, A 2 - ‘ 
Vol. o = —|-*9- 81 [1 — (1 — 9) @] [By? — By VB? (1 —2a) + 2am] (13) 
6 at, m, , : 


We distinguish two asymptotic cases of most interest: Those when /)* > «9, 
and when £)?< a7. The first of these pertains to the region of flight when the 
vehicle is moving with an appreciable fraction of optic velocity and ramjet-type 
operation is firmly established, while the second is applicable for small vehicle 
velocity at the beginning of powered flight. 

For high-speed flight, eq. (13) reduces to 


dBy © 09 Ag 


an (1 — By”) (for By? > « 7) (14 
dt, mM, ‘ 





which has the solution 






C0 Ag&? 
~0 0 / ~ 
tanh—! 6, — tanh! £,° If (15 


M, 





Equation (14) describing motion in terms of ship-frame time is identical with 
that which describes the hyperbolic motion of a mass acted upon by a constant 
force (in the space-frame), as described by MOLLER [17], LAUE (27) for example 
Here £,° denotes the initial ratio of vehicle velocity to optic velocity and Af, is 
the ship-time interval (¢, — ¢,°) required to reach any desired fy > 49°. This 
equation holds well for 65° values of about 0.2 and larger 

For low speed flight eq. (13) becomes 


? . y. 
df _ € 09 Ag Dp ) for 3,2 y 1) (16 
- 227 Po (lor fp» x 1) 
at, mM, 








which integrates directly to 


‘ 9 
Bo | _ C09 Ag |2 a9 lf 17 
2 0 : 
Bo mM, 
Note that for 6)” = « 7/2, eqs. (14) and (16) are equal and both agree with eq. (13 
within 11%. 
The local fuel density may be written as 09 = ” my where my, is the proton 


mass and is the number density of protons in space. Since proton and neutro! 


In 
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masses are nearly the same we can regard m as the local density of nucleons. 
Using this defined identity, the numerical values c = 3 x 10!°cm/sec and 
my, = 1.67 x 10~-*4 gm/proton, and introducing the symbol o, = (m,/A 9) our 
two asymptotic equations can be written as 


2 x 1038 
At, ‘tanh! £, — tanh! £,° (for 8B)? >> « 7) (15’) 


and 
1.41 x 10 [ o, By 


a0 
| vay n bo 


We see that for a given initial velocity ratio £,° the elapsed ship-time required 
to attain any desired f, in either the low or high velocity case is directly propor- 
tional to the frontal area loading density o, and inversely to the galactic density 
(x) of nuclear fuel. 

We are also interested in the distance Asg traversed by our interstellar ship 
as it accelerates continuously under the foregoing conditions. To find this we 
must integrate the instantaneous ship velocity v, in the space frame over the 
appropriate time span. Since space-frame velocity is given as a function of ship- 
time by our earlier derived equations it is most convenient to perform the integra- 
tion over dts. 

me — * " Up (ts) dt ” Bo(ts) dts & 
Asy : Vg (ts) dty Volts) | dt, Cc (18) 
‘ dt, | Vols) : Yo\ts) 
by use of the time-contraction eq. (10). 

We consider only the asymptotic cases discussed previously and solve eqs. (15) 

and (17) for #) as a function of ¢, for 4,9 = 0. For large fp 


At (for By?<an) (17’) 








ae Ve : : 
By (ts) = tanh _ ant, + tanh! B,° (for fo” >a) (19) 
mM, 





while low f, yields 


C 0,A o 
Bolts) = By°exp| —"—° 2 ant, (for Bo" << am) (20) 
M, 


The first case is simplified by change of variable to u = (1 — f£,”) which gives 
si lu 2% 0, A ; 
the differential relation —,, -- {<0 "ds, when substituted into eq. (18). 
un!” Ms 
This is immediately integrable and yields 
a ») 
Is i) ay ° (21) 
7} Oo ¢ 
where Yo° = 1 — By”, with By given ep eq. 119) | for By? % 1). ; 
For low fp», change of variable to u . yields the differential relation 
(du/| 1 — u?) = (09 Ag | 2a%/m;) dsy which integrates to 
ms | 
As, sin—! B, — sin—! £,° (22) 


0) Ao| 2a 


with fy given by eq. (20) for Bp? <a. Using 0) = 1 my, and evaluating constants 
as previously, we obtain the two asymptotic equations 


6 <x 10% [a | | 
As, = vi - (for By” >a) (21’) 
vay n | L — $2 | 1 — B,°? 





Vo. 
6 
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4.24 x 1073 [o ; 
Asp -}| fsin-! £, — sin-1 B,° (for Byp?*§<ay 
| x1) n 
Interstellar ramjet performance as described above is shown in Fig. 2, which 
portrays elapsed ship-time as a function of distance traversed, by use of thi 
parameters (Af,) (7/o,) and (As_) (n/o,). The various curves are as labeled for 
different values of the starting velocity ratio, £,°, and lines of constant final 
velocity ratio, £)/ are shown intersecting these. Eqs. (15’) and (21’) were used 
in calculation for all 65°? >a%/2; eqs. (17’) and (22’) were employed fot 
By°?< an/2. Note that although Af, becomes infinite for 2,9 = 0 feq. (17’) 
a very small initial ““boost’”’ velocity suffices to reduce ship travel times to values 
only slightly longer than those attainable with a large initial starting velocity 
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Fig. 2. Interstellar ramjet performance for «7 0.005 


In fact, we see that starting velocity-ratios of order £,° ~ 10-°, well within 
reach of present rocket technology, will increase the ship-time required fot 
interstellar journeys across large distances by only 10° or less from that fo1 
By? ~ 0.1, for example. The additional ship-time would be only about 6 months 
when starting from /,° 10-5 as compared with that for £,° = 0.1, for a 
vehicle with maximum ship-frame acceleration capability of 1 gy (see discussion 
following). For any flight at all we must accelerate our ramjet vehicle by rocket 
boosting to some finite initial velocity, however there appears little incentive 
to strive for starting velocities as high as those which might be attained by 
relativistic rockets, as discussed by ACKERET [1)|. Boosting to velocities readily 
reached by present-day chemical rockets would be sufficient for any desired 
interstellar flight. 
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To see the necessity of rocket boosting to a non-zero value of £)° we examine 
the vehicle acceleration as a function of f°. As previously noted, apparent 
acceleration in the ship-frame is just 

dB d*s, 
at? 
Using this with eqs (14) and (16), we find that accelerations in the high and low 


Py Cases are 

Cc? 0, A 

09 40 . ; 

omy (for By? >a) (24) 
M 


) 
( 09 Ag | ape No 
m ef Bo” 


(for By? <a) 


hese show that the apparent acceleration is zero for 6, zero (thus boosting is 
required), increases linearly with £, for small £,, faster as £, becomes larger, 
and approaches an asymptotic constant value given by eq. (24) as #, approaches 
unity. This asymptotic value is 


as” = 1.5 X 10-3 (xn) (n/a;) (24’) 
rom this it is evident that attainment of maximum accelerations the order of 
gm/cm? 

\nucleon/cm?’ 
for use of the (f, #) fusion reaction chain at high efficiency. Clearly, interstellar 
ramjet ships must be large in size and relatively tenuous in construction unless 

regions of high fuel density (large 7) can be found within the galaxy. 

By combination of eqs. (15), (21), and (24) we can relate the ship-time for 
flight over any space-frame distance to the ship-frame acceleration. For the 


g 


earth-gravity (~ 10% cm/sec) requires (a,/) ratios the order of 10 


? O2 


case OI fp “7 this is 


m 


Ii — cosh ; (| ; Iso (“5] — tanh 7 (26) 
as 70 
a result already obtained in '6), (26) for rocket flight at constant acceleration 
starting from /,° = 0, y)° = 1. In passing, we recall that we are only considering 
continuously accelerating rectilinear flight, thus eq. (26) gives the ship-time 
required to arrive at As, at maximum velocity. For the traditionally more 
practically interesting case of constant acceleration during the first half of the 
journey and constant (and equal magnitude) deceleration during the second half, 
eq. (26) must be multiplied by 2, and modified by the replacement of Asy by 
Is)/2). If these changes are made the symbols Af, and As, will still stand for 
total elapsed ship-time and total space-frame flight distance for the new flight 
program. Similar corrections must be applied to Fig. 2 if it is to be used for the 
accelerate-decelerate flight program, rather than for the constant acceleration 
program as shown. 


3. Galactic Fuel Sources 


Astrophysical research in recent years by VAN DE HuLst, OortT, and co- 
workers at Leiden [18), KERR at Sydney [19], and many others has shown 
that the interstellar void is, in reality, filled with matter. Aside from interstellar 
dust clouds known from the early days of observational astronomy, measurements 
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of the intensity and source direction of 21 cm electromagnetic radiation fron 
atomic hydrogen in space indicate that neutral hydrogen atoms are present 
throughout the galaxy, with an overall average density of about 1—2 atoms/cm?. 
As discussed by PAWsEyY and BRACEWELL [20) it is believed that these constitute 
the major part (> 90°,) of all interstellar matter. It is known that the distribu- 
tion of these atoms is not at all uniform, but that they are congregated in a 
whole array of clouds and various filamentary structures. On the simplest 
picture the hydrogen is taken to be distributed in clouds the order of 10O—40 
parsecs across (1 parsec l pe 3.262 light years) with an atom density the 
order of 5—50 atoms/cm?; the clouds themselves distributed with an average 
density the order of 10 + clouds/(pc)? so that a line-of-sight will cut some 
5—10 clouds per kiloparsec. On this model, regions between clouds may have 
densities of 10—! atoms/cm? or less. This picture is much too simplified to account 
for the wealth of detail observed both by radio and observational astronomy and, 
as OorT has remarked [21], actually has only slight resemblance to the reality 
of structure in the interstellar medium. We cite it here to indicate that variations 
in neutral H-atom density (HI regions) of 10? to 10% may be expected in the 
interstellar gas. In addition there are a great many regions of appreciable size in 
which essentially all of the hydrogen is ionized (HII regions). These are in the 
STROMGREN spheres which surround type O and B stars, the hottest in the stella 
temperature scale. Ionization of the H is by absorption of photons emitted from 
the stellar photosphere. These regions extend outward with almost complete 
ionization until a relatively sharp cut off is reached when the effective (ran- 
domized) photon energy has dropped significantly below the ionization energy. 
Typical STROMGREN spheres are the order of tens of parsecs in radii. In HI 
regions the effective kinetic temperature is low, the order of 100 °K; but in HII 
regions the kinetic temperature may be as high as 104 °K. In addition to these 
clouds there are known vast regions of ionized H associated with clusters of 0 
type stars. These cloud complexes are hundreds of parsecs across and occupy 
5—10°%, of the space near galactic plane. An example of these is the Cygnus X 
radio source, described by Davies [22], which has a mean diameter of some 
200 pe and an average ion density of about 5 ions/em*. Further examples of 
structures not fitted to the simple cloud model are planetary nebulae with ion 
densities of order 104 ions/cm*, and small HII regions of high density such as 
NGC1976 in Orion with nearly 300 ions/cm? and a diameter of 2 pe (22). An 
excellent detailed summary of the state of information to mid-1957 in this field 
is given by VAN DE Hutst and others in the Proceedings of the Third Symposium 
on Cosmical Gas Dynamics [23). 

Almost nothing is known about the interstellar density of another possible 
nuclear fuel; deuterium. Estimates of the H/D ratio have been derived from 
various assumed models of the evolution of the galaxy and vary from infinity 
(no D present) to the earthly ratio of about 8000/1 depending upon the galacti 
model considered, the assumed method of formation of the heavy elements, et 
It seems likely that the relative density of deuterium in interstellar space is 
considerably less than that on earth, but true knowledge of this awaits experimen 
tal measurement. 


4. Some Consideration of Technological Problems 


Information on this and for other elements is of importance when cons 
the problems involved in design of that section of the interstellar ramjet pro] 
system which is to carry out the nuclear burning. The principal diffi 
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in exploitation of the often-cited (f, #) fusion reaction chain arises from the 
extremely low reaction cross-section of the first step in the chain 

p+p—-D-+e* 4- vy (neutrino) (27) 
[his is shown in Fig. 3 as a function of relative particle energy. 

The beta-decay in eq. (27) is the villain responsible for the low reaction cross- 
section since the reaction rate is limited by the necessity of beta-decay of a proton 
to a neutron plus positron while in the two-body He? configuration. It is for this 
reason that we may be quite interested in deuterium as an alternate fuel source 
since the reactions 
He® + n° (x =~ 0.0009) 

JQ 

28 

D+ D (25) 
T+ Pp (x ~ 0.0011) 

of roughly equal probability are not so limited. In the tens-of-kilovolts region 
the (D, D) reaction cross-section is seen from Fig. 3 to be 24 orders of magnitude 


greater than for (f, #). Also shown is the cross-section for the (f, D) reaction 
p+D—-Hei+y (x = 0,0020) (29) 
which is seen to be some Ve 


16 orders of magnitude 










greater than for (f, p). 
3 Since reaction rates in any 
- (Op) Eq. 28 |_| fusion reactor (assuming 
1 om Neen eee CEEREE GRE: GENUEUNERGNNN (NGNINITTIIIRSS Wormers pee . 
D ow as ae one can be devised) are 
ee | , 
oo (PD) Eq. 29 proportional to the product 
Sf 40, — 
rs} > (10 of the cross-section and 
Zz. the square of the fuel 
Bie 24 density, the (D, D) reac- 
<< 40 } | : a ; eceiailin Mas 
a tion can in principle be 
rs weno oe ; : a“ 
— a ee ee eee achieved with only 107!" 
a m" ’ \ f as Ss 
g eo and the (f, D) with 10 
10 © 2 a “S58 40° 2 468 10° 2 of the nuclear density 
PARTICLE RELATIVE ENERGY (Mev) required — fot Seas equal 
power generation from the 
Fig. 3. Fusion reaction cross-sections of interest for the (p, p) reaction. Engineer- 
interstellar gas. [Data from: ARNOLD, et al., Physic. Rev ing difficulties in the 
93, 483, (1954 FOWLER, et al.; Physic. Rev. 76, 1767 fusion reactor design may 
1949 and SALPETER, Physic. Rev. 88, 547 (1952).] be much less for the lower 






density systems. 

Unfortunately, if our vehicle is to be powered by (D, D) rather than (f, p) 
reactions we are faced with a more difficult engineering problem for the vehicle 
asa whole. This is a consequence of the fact that vehicle accelerations vary linearly 
with fuel density, as seen from eq. (24). Thus, achievement of a given acceleration 
for use of (D, D) would require a vehicle structure more tenuous by the ratio of 
H to D densities than that needed for use of (f, #) reactions. In effect we have a 
choice between more difficult reactor design but less difficult problems of vehicle 
structure or vice versa by choice of (fp, #) versus (D, D) reactions for use in 
propulsion. 

For purposes of illustration we might sketch this hypothetical vehicle as in 
Fig. 4. Here we show the vehicle moving to the right so that in the vehicle frame 
ions appear to approach it from the right. As these cross the nominal frontal 
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area plane Ay, they are deflected by an electric or magnetic field which causes 
them to arrive at a focal point some distance L back of the A, plane. At the 
focal point these ions are led into a fusion reactor of unspecified (indeed, unknown 
type, made to react and generate power which is then fed back into the fusion 
products through a similarly unspecified conversion device, to the increase of 
their kinetic energy and momentum, with consequent reaction on and acceleration 
of the vehicle. 


DEFLECTION FIELD 
AT A. PLANE 


- 


- 1ON PATHS 


EXHAUST “ Y 
‘ 


ee aaa 


FUSION REACTOR H 
SECTION = DIRECTION 
> OF MOTION 


SIDE 


nterctel 


Fig. 4. Schematic outline of one concept of an inter 


Since the random velocities of the interstellar gas atoms are believed small 


(order of 5—10 km/séc) compared to the kilovolt relative energies required for 
effective fusion reactions we must add the necessary relative energy after swallow 

ing the interstellar gas. At large ship velocity this could be accomplished simply 
by the deflection process required for focusing as well. The focusing field, whether 
magnetic or electrostatic, accelerates the incoming ions radially, transversely 


1 


ne 


+ 


to their initial direction relative to the ship. For magnetic field deflection 
source of energy for this is the kinetic energy of the ship, but separately generated 
electrical energy is required for the use of electric field deflection. The relative 
energy needed per particle is small compared to the energy release in the fusion 
reaction thus the necessity of supplying this need will have little effect on the 
vehicle performance if the fusion energy can be utilized efficiently > could 
include this effect as a slight reduction in the value of « used in calculation 
By choosing the appropriate beam focusing length (Z in Fig. 4) the ratio of 
axial to transverse energy of the deflected particle can be made as desired for 
the instantaneous flight conditions. For a deflection field of fixed strength th: 
focusing length required at high velocity will be very much greater then that for 
low velocity flight. However, if we can recover efficiently energy added to the 
particles during deflection then we can still use a small focusing length (comparable 
to or less than the intake area radius, for example) and achieve a focus by accelerat 
ing the incoming ions to radial energies comparable to their axial energy at 
crossing of the intake plane by variation of the deflection field strength with 
flight velocity. 

Conversion of kinetic energy of fusion to directed motion of the fusion products 
is possible in principle in a number of ways. If electrical power is produced by 
the reactor, electrostatic acceleration through a multi-stage field could be used 
Another method of acceleration could make use of electromagnetic waves to 
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extract energy from incoming particles while adding energy to outgoing particles 
in a traveling wave type of transformer. Photon momentum could be used to 
provide high exhaust velocity (c) more directly for some fraction of the energy 
(i.e., mass) involved. 

Requirements on exhaust velocity can be obtained by solution of eq. (3) for 
8... combined with eq. (12) for high or low fy flight. The resulting expressions 
for £.., correct to lowest order in the parameter of smallness pertinent to the 
regime of interest, are 


a 1 + (' *\" by? (for By? >a; x7 small) (30) 
G.* % 
and 
l—« : for 6,” a 
(31) 
Recall that v, c £.. is not the exhaust velocity relative to the vehicle frame 


but is the velocity of exhaust particles in the space frame. To obtain the exhaust 
c #. in the ship-frame we make use of the LORENTz velocity trans- 


é 


velo ity 7 
formation 
Q ; 

Bn (32) 
1+ BB , 
where we have chosen signs such that exhaust velocities are measured positive 
in a direction opposite to vehicle motion while vehicle velocities are positive along 

the flight path, as sketched in Fig. 1. 
Expanding eqs. (30) and (31) to first order in small quantities and using the 
velocity transformation above we obtain the approximate expressions 


1 — B,? : ; 
be-=fho|i+«a n| = 9 (for fo“ x1) (33) 
Po~ 
and 
Be~=2By + |2an (for By? <a) (34) 


We see that the exhaust velocity relative to the ship must increase slowly 
from a value of £.= 0.1 at fy 0 for «7 0.005, as before, to the velocity of 
light as fy approaches unity. 

There is no thought that anything resembling the required reactor and 
propulsion section could be built today, however there is likewise no reason to 
assume such a device is forever impossible since known physical laws are sufficient 
to describe its desired behavior. For example, ion collection or trapping at the 
focal point could in principle be accomplished by magnetic mirror or mirror-cusp 
field geometries similar to those being studied 24} for earth-bound thermonuclear 
reactors. Principal losses of particle energy while trapped within the fields in our 
case would be due primarily to diffusion to the walls and to ion cyclotron radia- 
tion and bremsstrahlung from electrons trapped within the system. Ion cyclotron 
radiation decreases with increasing orbital radius and wall losses decrease with 
decreasing surface-to-volume ratio. Both effects favor large size for the reaction 
chamber. Bremsstrahlung losses depend strongly upon ion charge (z = | either 
for H or D) and electron-ion collision density. Since this latter is approximately 
proportional to the square of the ion density (assuming equal numbers of electrons 
and ions in the system to assure space-charge neutrality) as is the fusion reaction 
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rate itself, the situation is much less favorable for (f, #) than for 
reactions because of the lower density allowed for the latter 
achieved under fixed pressure (i.e., field strength) conditions. 

Whether or no such devices eventually can be constructed to operat 
successfully at high efficiency is a matter to be determined by engineering 
technology of the future. 

As previously noted, a low frontal area loading density «6, must be 
for the vehicle if acceleration is to be made large. For example, if (¢ 


1o-* | - cen noc ] as required for earth-gravity flight then our vel 
nucleon/cm? 
carry only 10-° gm/cm? for flight through an interstellar region of 
n == 10? protons/cm?. 

Though quite small in comparison with ordinary missiles, a vehicl 
frontal area density of this order would be affected only insignificantly by 
tion and field pressures in interstellar space. To see this we write acceleration 
crudely as a= P/o, where P denotes the pressure field acting on the vehicle 
Reported values [25] for the radiation density and interstellar magnetic field 
density are of order 10~!? erg/cm*, giving comparable field pressures on reflecting 
media. Vehicle accelerations caused by such field pressure would be of order 
10—17/10-5 = 10-7 cm/sec”. In contrast, pressure from solar radiation at the 
orbit of the earth would yield about 4 cm/sec? if totally reflected. Of course, 
unlike solar “‘sails’’, our ramjet vehicle should not be designed as a radiation 
reflector, rather as an ion collector and focusing device plus reactor, crew 
quarters, etc. 


) 


For an arbitrarily chosen vehicle mass of m 10? gm (about 2.2 million 
younds) the intake area must be A 104 km?, yielding an ion collector radius 
0 


of nearly 60 km. This is very large by ordinary standards but then, on any 
account, interstellar travel is inherently a rather grand undertaking, certainly 
many magnitudes broader in scope and likewise more difficult than interplanetary 
travel in the solar system, for example. The engineering effort required for the 
achievement of successful short-time interstellar flight will likely be as much 
greater than that involved in interplanetary flight as the latter is more difficult 
than travel on the surface of the earth. However, the expansion of man’s horizons 
will be proportionately greater; and nothing worthwhile is ever achieved easily 
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Abstract Zusammenfassung Résumé 


Optimal Programme for Correctional Manoeuvres. The effect upon correctional! 
I 


manoeuvres of errors in the predicted trajectory, the observed position and velocit 
of a space vehicle and in the application of velocity corrections, is considered and 
the optimal frequency of making corrections is determined 

Uber optimale Bahnkorrekturen. Es wird der Einflu8 von Korrekturmanévern 
auf den Sollbahnfehler, auf die Position und Geschwindigkeit eines Raumfahrzeuges 
und die Anwendung von Geschwindigkeitskorrekturen untersucht. Ferner wird ein 


optimale Folge von Korrekturen angegeben 


Programmation optimale de manoeuvres correctrices. On établit l’incidence su 


les manoeuvres correctrices d’erreurs commises sur la prédiction de la trajectoir 
sur la position et la vitesse observées pour un engin spatial et d’erreurs dans l’applica 
tion des corrections de vitesse. La fréquence optimale d application de corrections 


est déterminée 


I. Accuracy of the Preeomputed Trajectory 

Due to inevitable inaccuracies of launching, the path of a space vehicle will 
be observed to diverge from its precomputed trajectory and thrusts will have 
be applied by the motor to correct its motion. In [1) a method was described 
by which the velocity correction to be made to a space vehicle could be computed 
when its position and velocity errors relative to the precomputed trajectory had 
been measured. No consideration was given to the question of the frequency 
with which these corrections should be made or to the effects of errors in the 
application of corrections and in the observations of the vehicle’s divergence 
from its predetermined track. All these matters will receive investigation in this 
article. 

However, before we proceed to an examination of these problems, the question 
of the accuracy to which it is justifiable to calculate the precomputed track will 
be disposed of. Clearly, if the accuracy of the observations leading to the vehicle’s - 
position and velocity at any instant are low, any great effort to achieve high 
accuracy in the precomputed trajectory will be very largely wasted. For any 
such high accuracy of the predicted track will be swamped by errors in the 


1 This work was performed by the author acting as a consultant to the Research 
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vehicle’s observed position and velocity, when computing its divergence as a 
preliminary to a correctional manoeuvre. Failure to appreciate this fact has 
caused some workers to assume that the calculation of the predicted trajectory 
will be seriously complicated by the necessity to take account of the many 
perturbing influences affecting the motion of a space vehicle moving within 
the solar system. When consideration is given to the fact that observations of 
the vehicle’s actual motion are unlikely to attain very high accuracy, the neglect 
of many of these influences will be found to be justified. 

At a point P on the precomputed track at a time ¢ after departure, let c be 
the magnitude of the displacement error in the computed position due to the 
neglect of certain perturbing influences. Let Q be the observed position of the 
vehicle at the instant ¢ and let g be the mean (or expected) value of the magnitude 
of the displacement error in this observation. Then the mean magnitude of the 
error in the deduced displacement PQ of the vehicle from its correct position 
at the instant ¢ is shown in Appendix A to be 9, where 

ie 
0 Pi eae = (1) 

3 q 
provided, as is to be expected, c is small by comparison with g. g will be fixed 
by the inaccuracy inherent in the instruments being employed to determine Q’s 
position and will be assumed known. c, however, can be reduced in value 
indefinitely by making allowance for an increasing number of small perturbing 
influences and thus increasing the accuracy of the computation leading to the 
predetermined trajectory. If c = 0, 6 = q. Hence, the percentage increase in 6 

due to the presence of the error c is 
q 400 c? C 
100° % = 42.4 %. (2) 
q 3 7 ¢ g? 

This is less than 5°, if c = 4g and it follows that little further increase in 
the accuracy of the observed displacement PQ will result if the predetermined 
trajectory is computed to an accuracy in excess of three times the mean error 
to which observations of vehicle position in interplanetary space are subject. 
Similar considerations relate to the problem of the accuracy with which the 
divergence of the vehicle’s velocity from the precomputed velocity can be 
assessed. By application of this criterion, a decision can be reached regarding 
which perturbing influences to allow for when computing the predicted track 
and the accuracy with which this computation should be conducted. 

In the following analysis, the mean errors of the divergence in respect of 
position and velocity of the vehicle from the position and velocity it must have 
if it is to rendezvous with the target planet, will be assumed to include the effects 
of inaccuracies in the computation of the predicted trajectory. 

In the next Section, we shall analyse the problem of rocket navigation in 
free space and in the absence of a gravitational field. In IV, we shall give reasons 
why the results so obtained are expected to be approximately correct even in 
the presence of such a field. 


-9 ( 


Il. Correction of Motion in the Absence of Gravity 


Suppose that the assigned mission of a certain rocket vehicle is to leave a 
point D at ¢ = ¢, and to arrive at a point A at ¢ = T. In the absence of gravity, 
its precomputed trajectory will be the straight line DA and its velocity over 
this track will be constant and of magnitude DA/(T — ¢)). This velocity is to 
be given impulsively to the vehicle by its motors at the instant of departure. 
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Due to the lack of precision of this operation, the vehicle will be observed to 
diverge from the predetermined straight track and velocity corrections will 
become necessary. We shall suppose that » such corrections 6v,, dv9,... OU» 
are made at the instants ¢ = ¢,, ty,... th (ti< ti41) respectively. 

Let Ar;, Av; be the observed vector divergences of the rocket’s position and 
velocity respectively at ¢ = ¢; from the precalculated values. Since no gravita- 
tional field is present, if these errors are left uncorrected, after a time (7 — ¢;) 
has elapsed, the vehicle will arrive in the vicinity of the target A, but separated 
from it by the displacement 

Ir; + (T — t,) Av;. 3 


To avoid this, a velocity correction dv; is now made. This will cause a further 
displacement at the target of (T — ¢;) dv; and the net position error at A will be 


Ir; + (J — t;) Av; + (T — ¢,) dv;. 4) 


Ov; must be chosen so that this shall be zero, i.e. 





lr; 2 

Ov; Tr ; Iv;. ) 

Vol | However, due to the inaccuracy of the data Ir;, Av; for the reasons specified 
. in I, the correction dv; computed from eq. (5) will be in error. If Ar;., Av; are the 


errors in Ar;, Av; respectively, the error in dv; is 


1960 


6 






The applied velocity correction dv; will also be subject to an error due to the 
imprecision of the instruments governing the correctional manoeuvre itself. 
Let this source of error contribute a term u;.. Then the net error in dv; is given by 







OD; Ivie + wie. 






It seems reasonable to suppose that the right hand member of eq. (7) will 
be dominated by its second and third terms, since accurate measurements of 
vehicle velocity are likely to be intrinsically more difficult to achieve than are 
accurate measurements of its position. We shall accordingly approximate 
eq. (7) by 








OVie — Anz, | itz: 8) 


€ 






Then, if / is the statistical mean value (expected value) of Av;,1 and h, k are the 
corresponding statistical parameters for wie, Ovie Tespectively, we shall have 
see eq. (68), Appendix B 







k = (f? + h?)¥2, 9) 


The value of & will be supposed to have been determined prior to the launching. 

The error in velocity remaining after the 7th correctional manoeuvre, viz. 
Ovie, 1f uncorrected, will lead to a position error at the target A at the instant 
t= T of (T —#,) dv;%. Suppose that the error is detected at f= ¢#;,, and a 
correction 6v;,; is then made to the vehicle’s velocity. This correction will 
cause a further displacement at the target of (7 — ¢;.1) dv; .; and the net position 
error will amount to 









Beh Bie tT = ha Bias, (10) 









1 The magnitude of a vector quantity will be denoted by the corresponding italic 
letter. 
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dv; .; must be chosen so that this is zero. Thus 


T —t; 
O04 ae ap OV je. (11) 
Eq. (11) provides a measure of the propellant which will be expended during the 
correctional manoeuvre at ¢ = #;,, and is valid for 7 = 0, 1, 2,... m — 1, taking 
Ovo. to represent the error in the impulsive velocity change brought about at 
D at t =f). The final correctional manoeuvre will be in error by 6v,, and this 
will cause a final position error at A of Ar, where 
ic = (T — t,) dv,,. (12) 
The magnitude of Ar must not exceed some preassigned acceptable value. 
The overall characteristic velocity of the correctional manoeuvres is now 
found to be W, where 
n m—1 
W= »' ov,= > 


1 1 
and t; = T — ¢; |employing eq. (11)). 

For 2 1,2,... , the statistical mean value of dv; is k [see eq. (9)|. Let m 
be the statistical mean value of dvg, (also assumed known). Then, taking means 
of both sides of eq. (13), we find that 

a T c is : 
Vu Om 4 es é (14) 
Ty Tp Ts 
where W is the mean characteristic velocity. Taking means of both sides of 
eq. (12), it is found that 
d Id Tn k. ( 15) 


The maximum value of Ad which is acceptable being supposed decided, eq. (15) 
determines an upper limit for T,, Le. 

tT, <5. (16) 
We shall suppose that 1, is fixed in value to satisfy this inequality and will 
examine the effect of varying this parameter later. 

T) = IT — ty isclearly fixed. However, in eq. (14), the quantities 7, T,... T—1 
are still variable, as is also the integer m. We shall first fix 1 and then determine 
the values to be given to 17, T),...T,—1 in order that W shall be minimized. 
Subsequently W will be minimized with respect to choice of and of t, [subject 
to inequality (16) and in this way the most economical programme for correc- 
tional manoeuvres will be found. 


If. Optimal Programme for Correctional Manoeuvres 


The values of T,, T,... T;—1 Minimizing W as given by eq. (14) will satisfy 
i> “2 I Q 5 : : 

the equations 
2s  — 4. (97) 
set of equations takes the form 


(18) 


(19) 
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These may be rewritten as 





MT  T Te | T-1_ p ai 
kt Ts Ts Tn 
implying that the quantities 1,, T,...T, form a geometric progression with 
common ratio 1/R. Now 
1% woe. K Rr >] 
tf % % Tn m 
and hence 
R (= “| - 
RS; 
With this value for R, the time intervals T,, T.,... 7, are all determined by the 
eqs. (20) in the form 
m ee : ‘ 
Cj — Tak *, l ay eee yet 
bh 0 
v 
Also, from eq. (14), 
mM T\"" 
Wi min = ee = UR | : 24 
ee 





It is now clear that, if W is to be further reduced by appropriate choice of T», 
then this quantity must be chosen to be as large as possible, 1.e. we take T, = s 
by inequality (16)|. Then 








nail, 25 


W 





min 






where 





mT 
x Lay 26) 


k v S 






Now mt, is the mean position error to be expected at the target if the initial 
launching error is left uncorrected and ks is the mean position error to be expected 
at the target due to the residual error at the termination of the correctional 
manoeuvres. Denoting these mean errors by D, F respectively, eq. (26) can be 
written 












vd DIE. ry; 


It now remains to choose m in eq. (25) so that W is minimized with respect 
to this parameter also. By elementary calculus, it is easy to show that the func 
tion x a!/* possesses a minimum for x = log « and that its value is then «é log « 
(e is the base of natural logarithms). We accordingly choose to be that integer 
which is the closest approximation to log a, Le. 







n = loge 28) 





and then 





W min = ke log «. (29 





For this value of n, 






30 





é 











and hence, for an optimal programme, the series T,, T—1,.-+ Ta must form 
) 


a geometric progression with approximate common ratio 
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To summarize, the optimal correctional programme is specified by 
equations 


= log a, 


i M To 
where 
s 


m 
and —T, k-*, 
kh 0 
Vv 
where R = all" (= ¢), 
From eqs. (31), it will be found that 





M To 


: (32) 
RR 


Tt) 
and this requires that 
T >, if m> Rk. (33) 
Since R = e, it may be expected that the second inequality will normally be 
satisfied, since the launching errors may be expected to be considerably greater 
than the errors in subsequent correctional manoeuvres. But 1, > Tt) requires 
that the first correction shall take place prior to launching, a condition which is 
clearly unrealistic. Instead, in these circumstances, we shall suppose that the 
first correction takes place as soon after launching as is practicable and hence 
that tT, is a quantity which is predetermined. The above minimization procedure 
has then to be modified by rejection of condition (18) and treatment of tT, as a 
known quantity. 
Eq. (22) is replaced by 


and eq. (23) by 
»—71+1 
tT, k 


Eq. (24) becomes 


T 
0 
(n—1)kR=— )Rk{- 
Ty Tn 


and it is again clear that 1, should be taken equal to s. Thus 


: 
9m+(n—1l)katl@-} 
a = 


T 
nae a) (38) 
7 S 


To minimize W with respect to 7, we now take ” — | to be the integer closest to 


log %, 1.e. 
n=loga-+l, (39) 
and then 


= T 

WW min = = Ww - k E log Gg, (40) 
Ty 

ge ae. (41) 


Again the sequence T,, T—1,... 7, 18 a geometric progression with common 
ratio approximately e. 
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To summarize, if m > Rk, the optimal correctional procedure is found by 





taking 
n==loga+1, 
where ot % . 
ae 42 
and T TR aie 2 ae 
where R= a-1) = ¢, 


In the case of a conventional Earth-Mars transfer, the target A will be the 
point of closest approach to the Martian surface on the hyperbolic approach orbit. 
It is estimated that the final correction prior to arrival at this point will be made 
on the previous day, i.e. we shall take s = 1 day. This correctional impulse is 
of course, not to be confused with the /arge impulse applied at A with the object 


of transferring the vehicle into a circular orbit about the planet. It is also 


estimated that t, = 250 days (for a HOHMANN type transfer). Thus ‘eqs. (42 
a = 250 and n = 7. It now follows that R = 2.51 and hence that 
T; 250, Ts 99.6, Ts; 39.7, T, 15.8, T. 6.30 
tT, = 2.51, T. 1.00. 


the units of time being days. 


IV. Correction of Motion in the Presence of Gravity 


Suppose a vehicle is moving along an interplanetary trajectory under the 
major influence of the Sun and that P,, P,,... P, are the points at which 
corrections are made. dv; is the velocity correction at P; and 6v;, is the error in 
this correction. If this error is left uncorrected, let r be the error in position which 
will result at the target 
A at time ¢ T. Then 
the appropriate velocity 17 
correction ovj4, at Pi44 , 
is that which will cause 
a position displacement 
ot —r at A. Thus, the 
vector quantities Ov;., O0j+1 “8 
are functionally related, ,. —— an Yj 
the form of the relation- 
ship being dependent upon 
the precalculated inter- ~~ 
planetary trajectory being ~”% 
followed and the positions 
of the points P;, Pi+1 
upon it. We shall write 

6v;+1 = D(dv,;-, P;, Pi +1). 43 


Since Ovje, Ov;+, are small quantities whose second and higher powers can be 
neglected, the functional relationship (43) will be linear with respect to these 
variables. Thus, if (x1, %,, ¥3) are the components of dv;, relative to some rectan- 
gular axes and (yj, Vy, V3) are the corresponding components of dv; 1, then 


2 
oO 


Vr ee 
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where the a,,; are functions of the positions of P;, P;,, on the precalculated 
trajectory alone. 


Let dv; be represented as a displacement vector OG from the origin of a 


rectangular frame set in a space S and let dv, 1 be similarly represented by O’G’ 
relative to a frame in a space S’ (Fig. 1). Then this sets up a (1 1) correspondence 
between the points G of S and the points G’ of S’.. The probability distribution 
of G over S will depend upon the statistical characteristics of the errors inherent 
in a correctional manoeuvre and will be assumed known. The probability distribu- 
tion of G’ over S’ is then calculable and the mean value of 


Ovj41 = (vy? + yo? + va")! (45) 


is then determinate. Denoting this by M;,, it is clear that this quantity will 
be a function of the positions of P; and P;4+1, 1.e. 


M341 M54 des, Ps 34). (46) 


The precise form of the functional relationship (46) will be complex and will 
depend not only upon the trajectory, but also upon the probability distribution 
of the vector 6v;. which can only be computed when the error characteristics of 
the various instruments employed during a correctional manoeuvre are known. 
However, it is clear that, if P; is kept stationary and P;., is made to approach 
the target A, the correction dv;,, necessary to allow for the error dv;, at P; will 
increase in magnitude, since less time will become available during which the 
correction can cause the displacement in position of —rat A. When P, 
coincides with A, dv;.,; must become infinite. Again, when P;..; coincides with 
P;, Ovj41 dv; and hence M;..; is then the mean value of 6v;,, which we have 
denoted in Section III by k&. By taking 


(47) 


where 7; is the time which elapses along the precomputed trajectory as the 
vehicle moves from P; to A, these major characteristics of the functional rela- 
tionship (46) are guaranteed (i.e. when 17;,, decreases, M;:, increases; when 
T4170, Mya, — co and when 73; ti, Mj. k). For this reason, we 
expect the simple relationship (47) to constitute a very rough approximation to 
the true form of the relationship (46). 

On this basis, in the presence of a gravitational field, eq. (14) is a valid 
approximation for W and a correctional manoeuvre programme based upon the 
results of Section III will accordingly be near optimal in most cases. 


VY. Conelusions 


1. The accuracy to which the predicted motion of a space vehicle should be 
computed need not exceed three times that to which observations of position 
and velocity of the vehicle can be made. Any increase in accuracy beyond this 
limit will be very largely wasted. 

2. A correctional manoeuvre should be performed as soon as is practicable 
after the launching of an interplanetary vehicle. Later correctional manoeuvres 
should be carried out at times which, together with the first manoeuvre, are 
separated from the time of arrival by intervals in a geometric progression, the 
common ratio of which is about } (= 1/e). 
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VI. Appendix A 
Let P be the accurate predicted position of the vehicle at time ¢ and P’ its 
calculated position (Fig. 2). Let QO be the actual position of the vehicle at this 
instant and Q’ its observed position. Then 







PO = PO + P'P+QQ’ 18 





and the error resulting in the displacement PQ will be 





P'P+00' =i+¢. 14) 
i will be regarded as a known quantity, whereas only the probability distribu 
tion of q will be supposed known. It will be assumed that every component of q 


is normally distributed about zero with variance o?. Then, if xyz are rectangulat 







axes and q OD, the point D will be distributed throughout space with prob 


ability density 







where q 










We now choose z to be parallel to i. In Fig. 3, DC i and hence O¢ 0 





is the error in the displacement PQ. The mean (or expected) value of o (= 0 
will be denoted by @ and will now be computed. 





> 


rhe probability density for the particular value @ is the same as that for q 








see eq. (50)). Hence, if dv is an element of volume containing the point ( 
0 g* ~ 
0 aoe 5a eXP | t ] Lv, 5] 
‘ eras ed le PATD a 
the region of integration being the whole of space. Now, if << 20¢ U 
q” 0° c 2occosv a7 
and, employing spherical polar coordinates (9, i, ¢ l o* sin 6 do dd dg 





Eq. (51) can accordingly be written as a repeated integral thus: 





x 7 22 


- 0? sin ? | | . F = © ms 
0 do a’ =~ a Oxp (o* + c* 2 0ccost) ay. Or 
= - () ~2\3/2 2) q~2 s se 

(4 700° | ial | 


0 0 0 





~~ 





The integrations with respect to w and # are elementary and yield the result 


o)3] exp| 
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[his integral can be further reduced by elementary processes to the form 
: (55) 


' | . 
[ exp, 1 t?) dt 4 exp | ] : 
~ ? G2 | 
C \ zo 
0) 
go is small, we can approximate to the remaining integral as follows: 


If 


(56) 


| exp 1 t?) di 


Thus, to the second order 


57) 1s equivalent to 


3 I g 
Vil. Appendix B 
two vector variates whose components are uncorrelated and 


it 


Let x, n be 
distributed normally about zero with variances 0,", d,” respectively. Let 
(60) 


3 x 1. 


4 
are distributed normally about 


We shall first prove that the components of 3 
zero with variance 0,7 + @,”. 

faking rectangular axes, let x; (1 . be the components of x, y; the 
components of yn and z; the components of in the x-space, the prob- 


X14, Xo, 1S 


Then, 


Vea} 


ability density at the point 
(61) 


= 0,7 


t 


Similarly, the probability density at the point 


(63) 


60 
the probability density at the 


and hence, regarding the z,; as fixed quantities 


point (2,, 2, in the 


(64) 


“3 


Z %o)* ra) ax, dX, dx, 
the region of integration being the whole of the x-Space. Carrying out this integra- 


tion, the expression (64) reduces to 













Optimal Programme for Correctional Manoeuvres 205 






proving that the z; are distributed normally about zero with variance o,? + o,° 
The mean (or, expected) value of the variate 4 x ~,* Xo* ¥_°)2 






is given by 


| “a 
ae Xv €Xp 1 66 
2re 2) 3/2 9 g,2 
mam 6 1 - } 






the volume integration being extended over the whole of the x space. It wil 


be found that 
2 “se 
= v3 exp =| ax 
0,” It 2 0,° 


I.e., the mean value of the modulus of a vector variate whose components ar 
normally distributed with variance o?, is proportional to o 
It now follows from the result first obtained that 
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Abstract — Zusammenfassung Résumé 


Radiation Shield Requirements for Two Large Solar Flares. The class 3~— flare 
of May 10, 1959 and the class 4 flare of February 23, 1956 were analyzed in order 
to determine the magnitude of radiation shielding required for man in space. The 
former was probably the largest flare of the year and the latter the largest flare on 
record. Carbon was selected for the shielding material. A spherical carbon shield 
configuration with an inside cavity of 90 cm radius was used for both events. It 
was found, that for the class 4 flare, all protons with energies below 1.4 Bev must 
be stopped in order to reduce the proton radiation dose to the order of 25 rem 
(RBE 1). An optimistic estimate of the shield weight gave about 379 metric tons 
834,000 pounds), neglecting nuclear reactions. 


Uber den erforderlichen Strahlungsschutz im Raum, abgeschitzt am Beispiel der 
Strahlung zweier grofBer Sonnenflecken. Der Fleck der Klasse +3 vom 10. Mai 1959 
und der der Klasse +4 vom 23. Februar 1956 wurden untersucht, um den fiir einen 
Menschen in diesem Falle bendtigten Strahlungsschutz zu bestimmen, wenn sich der 
Mensch beim Ausbruch eines solchen Flecks gerade im Weltraum aufhalt. Der erste 
Fleck war der groBte des betreffenden Jahres und der zweite tiberhaupt der gr6Bte 
bisher bekannte. Kohlenstoff wurde als Abschirmungsmaterial angenommen. Ein 
kugelf6rmiger Schild aus Kohlenstoff mit einem inneren Hohlraum von 90 cm Radius 
wurde beiden Fallen zugrunde gelegt. Es ergab sich, daB fiir den Fleck der Klasse 4 
alle Protonen mit Energien unter 1,4 Bev abgebremst werden miissen, um die Pro- 
tonenstrahlungsdosis auf 25 rem (RBE 1) zu beschranken. Eine optimistische 
Schatzung des Gewichtes der Abschirmung ergab ungefahr 379 Tonnen (834 000 Pfund). 


Ecrans de radiation requis pour la protection contre deux grandes éruptions 
solaires. Les éruptions de classe 3+ du 10 mai 1959 et de classe 4 du 23 février 1956 
ont été analysées en vue de déterminer l’importance de la protection requise pour 
les astronautes. La premiére éruption a probablement été la plus sévére de cette 
année, la seconde la plus importante qui ait été enregistrée. Le carbone a été choisi 
comme €cran, sous forme d’une sphére contenant une cavité de 90 cms de rayon. Ila été 
établi que, dans le cas d’une éruption de classe 4, les protons d’énergie inférieurea 1,4 Bev 
doivent étre arretés pour réduire la dose de radiation protonique a 25 rem (RBE=1). 
Une évaluation optimiste du poids de l’écran conduit a environ 379 tonnes. 


I. Introduction 
Two known sources of particle radiation will influence manned space flight 
in our solar system: our galaxy, the source of cosmic radiation, and our Sun, 


1 Design Specialist, Convair Astronautics, Convair Division of General Dynamics 
Corporation, San Diego 12, California, U.S.A. 
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the source of solar cosmic radiation. Cosmic radiation is believed to consist of 
80 percent protons, 19 percent alpha particles and 1 percent heavier nuclei. 
The energy spectrum, which is not very steep, extends from a few hundred Me\ 
up to about a hundred billion Mev. The low energy cutoff is at a minimum 
during solar minimum. The hard component of this radiation is so penetrating 
that shielding is out of the question for some time to come due to space flight 
payload limitations and the state of the shielding art. However, the flux density 
is low enough to permit short-duration manned spaceflight experiments. For 
long missions it may have to be seriously considered because the particles produce 
a variety of secondary effects, such as high energy gamma radiation, electron 
cascades, electron-photon showers (Bremsstrahlung), and neutrons. The heavier 
ions make up for their scarcity by their great destructiveness. FFOELSCHE has 
shown, for example, that a 28 Bev iron particle, which is stopped in 9 cm of 
flesh, will produce about the same amount of damage as 670 alpha particles of 
4 Mev energy [1] 






















Fig. 1. Photograph of the flare of May 10, 1959 made by G. E. Moreton, of the Lockheed 
Solar Observatory. A hydrogen «, Halle’ birefringent filter was used with a bandpass of 0.5 A 







Solar cosmic rays are believed to come from the type of solar flare which 
emits type II, slow drift, radio noise bursts. They appear to have a higher 
percentage of protons than do cosmic rays, probably over 90 percent. They may 
also contain some alpha particles and possibly electrons. The energy spectra of 
solar particles are steeper than those of cosmic rays and only rarely reach values 
as high as 15 or 20 Bev. On the low end, however, they may extend down to a 
few Mev. According to FREIER from nuclear reactions observed in balloon- 
carried emulsions, it must be concluded that the flux of 10—20 Mev protons may 
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be very high ,2}|. Solar flare activity varies with sun-spot activity in an 11-year 
cycle. Within these general limits, however, frequency and intensity of the events 
are unpredictable. This fact tends to set the criteria for shield design weight for 
each specific type of mission. Both the solar and galactic cosmic radiation may 
serve as indirect sources of electrons and protons contributing to the VAN ALLEN 


trapped particle belts. 


PIONEER IV 
\\ PIONEER ti 


\ 


NUMBER OF EARTH 
RADII FROM 
CENTER OF EARTH 


MQ 
Spee: 





Ly ( RELATIVE 
INTENSITY 


\LLEN trapped particle belts from data taken by Pioneer IV (solid lines) and 


Pioneer III (dashed lines) satellites 


As shown in Fig. 2, the trapped particles are most intense near the geomagnetic 
equator and are missing altogether over the polar caps which extend down to 
geomagnetic latitudes of about 70°. It was thought a first that a manned space 
vehicle could depart through one of these 40° polar cones and thus avoid the 
need for a heavy shield. However, it is now known that some of the large, class 
3 + solar flares are capable of delivering a lethal radiation dose to un-shielded 
man in space even if he were as far from the Sun as the nearer major planets. 
Also, although the geomagnetic field acts as a barrier to flare particles in the 
lower latitudes, in the author’s opinion, it may assist these particles to funnel 
down over the geomagnetic poles, that is, over the very regions considered safe 
from VAN ALLEN radiation. We suggest, therefore, that a departure over the 
polar cap can be hazardous if a large solar flare has just occurred, and that it 
could then be more hazardous than a departure through the VAN ALLEN belts 
where the geomagnetic field offers some protection. It follows that the early 
manned satellites, or space stations, will probably be restricted to lower latitudes 
and to altitudes below the inner VAN ALLEN belt (700 km or less). 

Since the large class 3+ solar flare creates a general hazard to man in space 
as far out as the nearer major planets, and on lunar bases, it is the purpose of 
this paper to study the large class 3+ flare of May 10, 1959 and to estimate the 
flux densities and corresponding shielding requirements. 

The second part of the paper will be concerned with the high energy cosmic 
ray flare which is in a different class than the 3+- flare. We have tentatively 
denoted it by class 4. In particular, we shall deal with the largest flare ever 
recorded, the flare of February 23, 1956. This serves to give one an indication 
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of how much shielding might be required for the worst known case. It is pointed 
out that flares in this class are rare occurring at the rate of about one every thre 
or four years. 


II. The Flare of May 10, 1959 


This flare is of general interest to astronautics since it ejected a large numbe1 
of protons with energies ranging in the hundreds of Mev’s, and in oe 
believed to be lethal to unshielded man in terrestrial space. Also enough data is 
available to make rough estimates of radiation shield requirements and dose rates 
The optical beginning of this flare was followed in a few minutes by intense 
bursts of type IV continuum radio noise. Type II, slow drift radio bursts were 


recorded six or seven minutes after the. beginning of the Type IV noise. The 
first indication of arrival of protons at the Earth was an increase in cosmic noise 
absorption (in the D layer of the ionosphere) observed by LEINBACH and REID, 


at the University of Alaska. This occurred eds fou pS after the opti 
beginning, and reached a peak within twelve hours. It was detectable for at least 
five days. 

ERICKSON [3] detected less intense type IV emission, which was probably 
associated with a nearby bright patch (plage or flocculus) at 18° N, 60° W, about 
two days before the optical beginning. The altitude of the radio emission region 
was around four or five solar radii. Both the radio and optical emissions lasted 
until May 14. 

The sequence of events as described by NEy, WINCKLER and FREIER is 
outlined below [4]. Additional data from other sources is indicated \ 


J 









Data on the Solar Flare of May 10, 1959 
Class: oe. 
Position: 19° N., 50° W 
Optical Beginning: 2102 UT, May 10, 1959 (THomMpson and 


MAXWELL [5)). 
Continuum Type IV Radio Emission: 2116, May 10, 1959, lasting over 4.3 hours 
(THOMPSON and MAXWELL [5 


Type II Radio Noise: 2122.8, May 10, 1959. 

Cosmic Noise Absorption: 0100 UT, May 11, 1959 at College, Alaska 
(H. LEINBACH). Greater than 17 db 
Lasting up to 1700 UT, May 12. 1959. 
or > 30 hours. 

Forbush Decrease: 0030 UT, May 12, 1959. Largest decrease 


of 15 percent recorded at 0400 UT, 
12 May 1959 
Peak Flux: Not known. Balloon flight (made 29.5 
hours after CNA) recorded 100 ee les pel 
li 
; 


square centimeter per second per steradian 
with rigidities greater than 0.9 BY 
Altitude corresponded to 10 g/cm? residual 
pressure 

Differential Kinetic Energy Spectrum: 

N(E) dE = KE-4° dE, 110 Mey E < 220 Mev 
Integral Rigidity Spectrum: 
N(> R) = 0.7500/R®8 fe 


where FR is expressed in BV and N (> R) given in protons/cm?/sec/steradian 
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Quantitative data for that part of the spectrum below 110 Mev is not available. 
However, measurements on other flares indicate that slopes of the Energy spectra 
are still valid down to 20 or 30 Mev. The large cosmic noise absorption of 17 db 
suggests a great number of low energy particles. For example, ANDERSON and 
co-workers (6| found that the cosmic noise absorption (8 db) for the flare of 
August 22, 1958 could be explained entirely on the basis of solar protons, and the 
associated ionization, provided the measured energy spectrum (£~°) in the range 
100 Mev to 300 Mev holds down to 23 Mev. This flare was observed by the 
Explorer IV satellite using instrumentation prepared by VAN ALLEN and his 
associates. An analysis of the data was made by PAMELA ROTHWELL /[1) of 
the State University of Iowa, by comparing it with balloon observations at 
approximately the same time and location. This study showed that the spectrum 
mentioned above was still valid for energies down to 30 Mev. 

We shall assume that the spectra given by Eqs. (1) and (2) for the flare of 
May 10, 1959 are valid for energies down to 23 Mev. Chances are that protons 
with lower energies than this would be stopped by the thin metal shell (say 0.1 cm 
of Al) of the space vehicle anyway. 

Radiation Dose Calculations 

The flux incident on a shield in space for protons of energy greater than 23 Mev 

(0.21 By rigidity) is found from Eq. (2) to be 
N(> 0.21) = 0.75/(0.21)®-® 
3-104 p/cm?/sec/ster (3) 


If we had selected an E of 30 Mev for the cutoff energy there would still be 
about 1.3- 104 p/cm?/sec/ster so that the choice between 23 Mev or 30 Mev 


is not too serious. If the spectrum is cut off on the high end at just twice the 
measured maximum particle energy (EF ~ 440 Mev, R = 1 BV) the reduction 
in protons is about 0.75 p/cm®/sec/ster, which in terms of rem is less than one for 
the duration of the flare. The flux indicated in Eq. (3) is assumed to have existed 
at one astronomical unit (AU) distance from the Sun for several hours following 
the flare. In space, above the trapped particle zones around the Earth, the 
flux is taken to be omnidirectional. Because the spectrum is steep, the majority 
of protons have low energies and are absorbed in a few centimeters of tissue. 
The ionization averaged over the mass of the body tends to approach some value 
such as 6 Mev per gram of tissue. Using this value, the dose rate D,, for an 
unshielded man in space is given by 
D, = 3+ 104+ 42 (ster) - 3600 (sec/hr) - 6 (Mev/p) 
-1.6- 10-® (erg/Mev)/93 (erg/rep) (4) 
140 rep/hr 
The biological damage is obtained by multiplying the dose in rep by the RBE 
factor for protons. Since the majority of particles are below 40 Mev (see 
Appendix A) the RBE is effectively two. The equivalent dose for unshielded 
man jis therefore: 
D,. = 280 rem/hr (5) 
The effect of these particles on the brain is the major unknown factor here. 
Because of this it may be necessary to use a higher RBE, possibly ten. This 
would put the dose rate at 1400 rem/hr. 
Henceforth, when calculating radiation doses, the following relationship will 
be used: 
D,- = 4.66: 10-3 N X rem/hr 
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where N is the number of particles/cm?/sec/ster, X the RBE, and D,, taken 
over the total solid angle. 


Total Dose for the Flare 


The cosmic noise absorption, which is taken to indicate the arrival of 
particles, was observed 29.5 hours before balloon measurements were made 
At the time of measurement the flux was decaying with time, ¢, at the rate 
exp (— 0.575 ?t).. The accumulated dose thereafter is found from 


L 


Accumulated D, = 140 e— 0.575¢ Gt — 244 rep 


U 

Since the dose rate was decreasing with time when the measurement was 
made we are not being pessimistic by taking it to be constant during the 29.5 hou 
period at 140 rep/hr. If this is done, then the total dose from the flare is 

Total D, = 140+ 29.5 + 244 
4,374 rep 

The RBE is somewhere between the limits two and ten, which implies an 
effective biological dose between 8,544 rem and 43,740 rem. This is lethal in 
either case. 

Mass Ejected at the Sun 

It is interesting to see what the particle flux given in Eq. (3) implies in terms 
of mass. According to NEY, WINCKLER, and FREIER (1959), the flare lasted 
more than three hours. We shall assume that it lasted 4.3 hours which is as 
long as the burst of Type IV radio emission. This is not unreasonable for as 
WINCKLER [1] suggests, “It seems very probable that the acceleration of high 
energy particles is closely connected with these same magnetic regions (which 
produce synchrotron radiation of electrons spiraling in magnetic fields in or near 
the flare), and the correlation between the presence of the cosmic ray particles 
and the Type IV radio emission from the flares causing the particles is essentially 
one to one.” 

Assuming that the flare lasted only 4.3 hours, and that the long decay in 
intensity is caused by some diffusing mechanism in the solar system (8], the net 
particle density at one AU is 

D = 3.1-104- 4.3 - 3600 

- 4.8- 108 p/cm?2/ster 
At the sun this becomes 
@ = 11 - 10%4 p/ster 

Since little is known about the beam width we shall call it one steradian. It 
would not be more than 22 steradians. Taking the rest mass of a proton to be 
1.67- 10-4 ¢ gives a total mass of 1.8-101!! g/ster. This mass is about one 
fiftieth of the estimated ejected mass for a high energy flare {9} such as the 
kind that occurred on February 23, 1956. This seems to be about what one 
would expect. 


Radiation Shield Estimate 
The curve in Fig. 3 is a plot of range versus atomic number, Z, for 275 Mev 
protons. The minimum is close to an atomic number of 6 (carbon). Hydrogen is 
the only singularity, being far off the curve, and much better than other shielding 
materials from the viewpoint of both weight and secondary neutron production 


1 
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It is also an excellent neutron moderator. The chief disadvantage of hydrogen 
even if liquified or frozen solid, is the large bulk required. For thc same mass, 
liquid hydrogen occupies about 14 times the volume of water and the hydrogen 
container soon compensates for the greater mass of carbon. Also the ability of 
equal masses of hydrogen and carbon to stop gamma radiation must be determined. 


GRAMS/CM2 
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Fig. 3. A plot of range (g/cm?) versus atomic number for various elements. Hydrogen is 





off the curve by itself 


3eryllium appears attractive structurally but, unfortunately, it is a good neutron 
source. In fact CHADWICK’s reaction, ,Be%(d,n)gC!*, led to the discovery of 
neutrons. It is still used as neutron source when reactors are not available. 
Besides deuterons (d), alphas and protons are effective in knocking out neutrons. 
From energy balance considerations the alpha particle percentage for one flare 
was estimated to be less than 10 percent [6}. Carbon is attractive weightwise 
and is a poor source of secondary neutrons. It is also a good neutron moderator. 
We shall therefore use carbon for the shield calculations although other materials 
such as water, or boron impregnated rubber, may be preferable depending on 
the circumstances. The number of protons with rigidity, R, or greater (passing 
through a shield) is given by 

N(> R) = 0.75 + R-*8 p/cm?/sec/ster, (8) 
where the shield thickness is determined by R. For example, if R = 0.776 Bv, 
then the proton energy is > 275 Mev, corresponding to a shield of 50 g/cm? range. 
For carbon (density = 2.25 g/cm?) this is a thickness of 22 cm. 

The number of protons emerging from this shield is 
N(> 0.776) = 4.2 p/cm?/sec/ster (9) 

For the duration of the flare, this adds up to a radiation dose of about one rem, 
assuming 6 Mev of ionization per gram of tissue and an RBE of two. The dose 
is closer to 6 rem for an RBE of 10. The attenuation of the primary protons 
due to nuclear reactions has been neglected here. According to J. W. KELLER, 
of Convair—Fort Worth, Texas (private communication), this might result in 
as much as a 50 percent reduction in the number of protons passing through 
the shield. 


Secondary Neutron Component 


The neutron component from nuclear reactions can be estimated roughly. 
The curve in Fig. 4 is an estimate of the thick target neutron yield from protons 
incident on copper. The curve is based on calculations by Dr. B. J. Moyer, 
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of the University of California Radiation Laboratory in Berkeley. A similar 
curve is not immediately available for carbon. Since the binding energy is high 
for carbon, the curve overestimates the neutron yield at low energies. However, 
in the range of a hundred or more Mev, the overestimate is probably not more 
than a factor of two (personal opinion of Dr. B. J. Moyer, U.C.R.L. Berkeley, 
Calif.). 
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Fig. 4. Estimated thick target neutron yield from protons on copper as determined by 
B. J. Mover of the University of California Radiation Laboratory, Berkeley 





Over. the range 10 Mev to 1000 Mev, the curve for copper can be represented 
approximately by 


P 9-104 
We shall use this equation for carbon after introducing a factor of 1/2 to partly 
compensate for the high binding energy, that is 
; Pe* 
N - (10) 
1.8: 10° 
where N is the number of neutrons produced by each proton, P, of energy E. 
Eq. (10) is now expressed in differential form, with the help of Eq. (1), by 
writing 
E* 
1.8- 10° 
KE-** dE 
«18-108 


N(E) dE 


aN = | 


(11) 


After integrating to obtain the number of neutrons produced by protons 
with energies in the range 23 Mev to 275 Mev, we have 


- 1.65 kK + 10-5 
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The constant A can be determined by integrating Eq. (1) over the range 
23 Mev to infinity and setting the number of protons equal to the value given 
in Eq. (3). Thus 
K = 3: 10*-3.8 - (23)3-8 
== 1.7 - 10 (14) 
The number of secondary neutrons is found from Eggs. (13) and (14) to be 
N = 182 neutrons/cm2/sec/ster (15) 
It will be assumed that only half of the neutrons enter the shield cavity, the 
remainder tending to evaporate or scatter, etc. 
The total number of neutrons reaching the spherical cavity is therefore 


82 


l 
N; 5 (8600 + 29.5 + 3600/0.575) 47 


1.2-108 n/cm?, (16) 
for the entire flare. 

It is believed that the number of neutrons in Eq. (16) is a maximum estimate, 
although the moderating effects of the shielding have been roughly accounted 
for by neglecting 50 percent of them. An independent estimate by J. W. KELLER 
(Convair-Fort Worth), using the moments method, indicated that the attenuation 
of 8 Mev neutrons by 22 cm of carbon would reduce the dose rate by about 
50 percent. This effect would be less for smaller thicknesses. 

Radiation dose rates for neutrons are shown in Appendix A. By moderating 
8 Mev neutrons down to 0.5 to 1.0 Mev, the radiation dose is cut in half. 
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Fig. 5. The estimated radiation dose from the flare of May 10, 1959 (at the Earth’s distance 


to a man inside a spherical carbon shield with a 90 cm inside radius. The shield cutoff is the 


energy of the lowest energy proton just able to penetrate the carbon walls 


Because of the steep spectrum, most of the neutrons are produced in the 
first centimeter of shielding (by protons below 40 Mev). Thus, in cutting a 
shield down from, say, 22 cm thickness to 5 cm thickness, the main effect is 
to lose the moderating action of 17 cm of shielding rather than to reduce the 
number of neutrons significantly. The proton dose is 21 times as high as for 
the 5 cm shield than for the 22 cm shield. The time integrated doses for protons 
alone, and for protons and neutrons together, within the limits of this approxima- 
tion, are plotted as a function of shield cutoff in Fig. 5. 
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Ill. The Cosmic Ray Flare of February 23, 1956 


There are only five cases of high energy solar cosmic ray outbursts on record. 
All of these occurred during the 15 year epoch, 1942 to 1956, an average of one 
every three years. The last event took place on February 23, 1956 and was 
associated with the largest solar flare known. It also yielded the best data. 
Since that time approximately 25 additional, intense, but low energy cosmic ray 
flares have occurred averaging about eight per year. These additional flares 
have provided us with a great deal of new information which can be used in our 
studies of the February 23, 1956 event. Since fiares, in general, can be hazardous 
to the occupants of space vehicles, we would like to know, for example, what is 
required in the way of shielding to provide for man’s safety. To avoid being too 
optimistic we shall treat the flare of February 23, 1956 since this was the largest 
of the five. 

Observed and Deduced Data 

The flare of February 23, 1956 had the following characteristics [8), [9]. 

1. Class: 4 

2. Time: (a) extrapolated optical beginning 0331 UT, 23 February 1956 

(b) first observed 0334 UT 
(c) maximum H, intensity 0342 UT 
3. Position: 74° W, 23° N (on the limb) 
4. Solar Radio Burst Data: 


(a) onset 3000 mc/sec 0333 UT, 23 February 1956 
(b) onset 200 mc/sec 0335 UT 
(c) onset 85.5 mc/sec 0335 UT 
(d) onset 19.6 mc/sec 0335 UT 


I:ffect on Ionosphere: 
(a) S.I.D., daylight side 0330—0332 UT, 23 February 1956 
(b) S.1.D., dark side effect similar to sunrise 


ou 


6. Geomagnetic Storm: 
(a) sudden commencement 0309 UT, 25 February 1956 
(b) magnetic field change, > 2.7- 10-3 gauss 


1. Size: 
(a) horizontal area 2.5- 1019 cm? 
(b) height 2.5: 109 cm 
(c) volume 6 +1078 cm3 


8. Energy: 
r) = 3-10 ergs 
’) = 3- 1083 protons 

9. The Particle Spectra: 

The integral ngidity spectrum of the primary solar particles was determined 
at three different times, 0500 UT, 0900 UT, and 1400 UT. The spectra had similar 
slopes although the intensities were decreasing at a rate proportional to ¢-*/? 
where ¢ is the time. 

The integral rigidity spectrum during these times varied as 

N(> 2.8 Bv) = K/R*® (17) 


where K is a constant, N is the number of protons/cm?/sec/steradian, and R is 
the rigidity in BV. 
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Instrumentation for Neutron Monitoring 


MEYER and co-workers [8] measured changes in primary solar cosmic radiation 
by recording the intensity of the secondary, nucleonic component. This was 
measured indirectly by the amount of neutron production in lead and paraffin pile 
structures located at ground stations in various latitudes. The response of these 
detectors for the normal cosmic ray spectrum was known as a function of geo- 
magnetic latitude and atmospheric depth. Changes in the observed intensities 
can be extrapolated to the top of the atmosphere and interpreted in terms of 
the primary solar cosmic ray changes. A balloon flight to 90,000 feet was also 
made out of Chicago about 11 hours after the optical beginning of the flare. 
Secondary neutrons of moderate energy were detected with a BF, proportional 
counter covered with 2.5 cm of paraffin. 


Conclusions From Secondary Neutron Measurements 


MEYER and co-workers [8] have drawn the following conclusions from their 
measured data: 

(1) The increase in cosmic-ray intensity represents the acceleration of 
particles to cosmic-ray energies in the vicinity of the Sun. No hypothesis of 
Vol. focusing, particle storage at the Sun or terrestrial phenomena can account for 
this enormous increase of cosmic-ray intensity. 

(2) The incident particles which continued to arrive for 15 hours after all 
indications of solar activity ceased, probably arrived at the Earth from many 
directions in space. The lack of intensity increases superposed on the flare 
intensity curves for Chicago, Climax, and Sacramento Peak, near 0400 and 0900 
local time impact zones, is further evidence that the particles at those times were 
not coming from a single point source in the solar system. 
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Fig. 9. 







and Simpson, 1956), recorded during the flare of February 23, 1956 














(3) To preserve the sharp increases in intensity after onset, as shown in 
Fig. 9, the particles must have been scattered by regions further away from the 
Sun than the Earth. If the scattering regions were between the Earth and the 
Sun the original steep rise in the influx would not have occurred. This requires 
that no appreciable magnetic fields lie between the Sun and the Earth at the time 
of the flare (B < 10-6 gauss). 
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(4) Particles with energies in excess of 15 Bev and probably 20—30 Bev, 
were produced at the time of the flare. This result is based on the large increases 
in intensity at the geomagnetic equator (Huaucayo, Peru) where the minimum 
energy for arrival of protons from the vertical is 15 Bev. Presumably, the small 
change in the horizontal component of the Earth’s magnetic field could not 
have greatly modified this cutoff valve. 

(5) Primary neutrons are excluded as the main component since the flare 
increase was observed in full intensity on the night side of the Earth. Also there 
was no maximum near 12 hours which is an argument against neutral particles. 

(6) The greatest contribution, by far, to the flare increases observed at 
Chicago (52°), Climax (48°) and Wellington (— 45°) arises from a primary proton 
component in the flare particle spectrum. 


Proton Flux Calculations 


According to PARKER [10], the minimum total energy of the flare of February 
23, 1956 was at least 2- 10°? ergs. The energy radiated in H, light was at least 
0.6 - 10°? ergs. KIEPENHEUER /10] estimates that the first four of the five known 
solar cosmic ray flares each had total energies in the vicinity of 103 to 1034 ergs. 
Since the flare of February 23, 1956 was the fifth and largest of the group, the 
total energy may be close to 1084 ergs. KIEPENHEUER also estimates the ejected 
proton rest mass to be in the vicinity of 101% grams. This is about equivalent to 
the complete ejection of a segment of the corona over the flare volume. 

The number of protons corresponding to this mass is given by 

1018 
N — =, = 6-10 (18) 
1.67 - 10-4 

At the Earth’s distance from the Sun, one astronomical unit (AU), this is 
equivalent to 2.66- 101° protons/cm?/steradian. The corresponding radiation 
dose ranges from 824 rep/steradian to about 2750 rep/steradian since the energy 
lost per gram of tissue, averaged over the body, ranges from about 1.8 Mev for 
high energy protons to about 6 Mev for low energy protons. Even if the RBE 
is taken as unity, the indicated dose is lethal (a lethal dose is about 400 to 600 rem). 
Furthermore, this does not include the diffused component which may remain 
high and omnidirectional for many hours. 

The magnitude of the additional contribution from diffusion in the solar 
system can be obtained by integrating the time dependence, ¢~**, ¢ in hours, 
over an indefinitely large time. Thus, the accumulated particle flux, 7, over 
the decay period is found from 


2 I, p/cm? (19) 


Therefore, if the intensity starts dropping off at the indicated rate, the 
additional contribution is equal to a two hour accumulation at the hourly rate, 
I,, existing at the time of decay. 

We shall first assume that the cutoff particle energy was near 30 Mev. This 
would correspond to protons with velocities greater than 0.25 c, where c is the 
velocity of light. The slowest proton then reaches the Earth in about 32 minutes. 
Since the flare lasted less than 30 minutes, the hourly rate is given approximately 
by 2.7- 101° protons/cm?/hr/steradian. Hence the total dose is estimated to be 
8- 101° protons/cm?/steradian, corresponding to 10° to 104 rem/steradian, for 
an RBE of unity. 


0 
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Now returning to the estimates based on measured data, we can write 
2 87 1033 
2.25 - 1026 


K = 4.6- 10° 


4.4 - 10® part/cm?/steradian, 


Therefore over some range of rigidity not yet known, 
N(> R) = 4.6- 109/R* part/cm?/steradian (20 
where FR is measured in By. 
If we use the rigidity dependence in Eq. (20) and assume K constant down to 
30 Mev, we require 2- 104° protons to be ejected by the Sun, corresponding to 
a rest mass of about 1.7- 10! grams. This is probably two orders of magnitude 
higher than we can justify from KIEPENHEUER’s estimate, even for this excep 
tionally large flare. Let us ask then, where should the lower energy cutoff be 
if the mass lost to the Sun is limited to 101° grams? Since this corresponds to 
2.66 - 101° protons/cm?/steradian we can write 
2.66 - 1019 = 4.6- 10®- R-* 
Then 
4.6 + 10° 173 
Lie 
2.66 - 101° 
and 
R = 0.778 Bv (21) 
A rigidity of 0.778 corresponds to particle energies of about 275 mev. If the 
low energy cutoff was this high the ejected mass would be about 101% grams 
Unfortunately very little is known about the spectrum below energies of one 
or two Bev. From studies of more recent flares such as the sizable flare of 
May 10, 1959, there is evidence to suggest that the integral rigidity spectrum 
had the same slope over a range of rigidities from 0.24 Bv < R 1.0 By. The 
corresponding energy range extends from 30 mev < E < 500 mev or higher. 
If this applies to the flare under consideration, the ejected mass is much greatet 
than previously believed. According to P. MEYER of the University of Chicago, 
more recent flare data suggests that the spectra may flatten on the low energy 
end (private communication). This would keep the solar mass loss down to 
1014 or 10 grams. 


Magmtude of Shteld Weight 


We may not need to know very much about the low energy end of the spectrum 
to calculate a shield weight since a very thick shield would be needed anyway 
to cut down the high energy particles. For example, if each high energy proton 
released 2 mev/gram of tissue, how thick would a carbon shield have to 
keep the proton radiation dose below 25 rem? The number of particles is obtained 
from Eq. (20) and then multiplied by three to account for the diffuse component, 
and then multiplied again by 4z to take omnidirectionality into account. Hence 
Eq. (20) can be rewritten 

N(> R) = 1.73 - 1014/R* protons/cm? 
25 rem - 93 ergs/rep 
2 mev/proton - 1.6 - 10~® erg/mev/ - 1.0 rem/rep 


7.3 + 10° protons 
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Therefore 


a 1.73 - 101! 
cae = 927 
ee a 
R = 2.18 Bv (23) 
and 
E 1.44 Bev 


This requires about 580 g/cm? of carbon, which implies a shield about 
2.6 meters thick. A spherical shield with an inside radius of 90 cm (3 ft) would 
weigh about 379 metric tons, or approximately 834,000 pounds. This does not 
include a possible dose from secondary neutrons and mesons. Also the RBE may 
be greater than unity which was used in the above calculation. Incidentally, 
the calculated radiation dose would not vary by more than about one percent 
if all particles above 2.2 Bev were absent. This is because of the steep spectrum. 
Thus the assumed time dependence need only be valid in this range of energy. 


IV. Radiation Dose Rates 


The roentgen unit (7) was adopted in 1928 as the unit of X-ray (gamma ray) 
dosage. It can be defined in various ways. Commonly, a roentgen is the quantity 
of X-ray or gamma, radiation required to produce one electrostatic unit of ion 
pairs in 0.001 293 grams of air. A cubic centimeter of air at standard temperature 
and pressure weighs 0.001 293 grams. This amounts to 2.083. 10% ion pairs per 
0.001 293 g or air, or 83 ergs absorbed per g of air. 

When considering protons or heavier particles, the roentgen equivalent 
physical, rep, can be used which will be defined here as the amount of ionizing 
radiation which will result in the absorption of 93 ergs per gram in tissue. 
However, the biological damage, in general, is different for particles of different 
types regardless of whether identical amounts of energies are absorbed. For 
this reason the relative biological effectiveness (RBE) is needed. The radiation 
damage in rep when multiplied by the RBE yields the roentgen equivalent man 
(vem), which is the quantity of any type of ionizing radiation which when absorbed 
by man produces an effect equivalent to the absorption by man of one roentgen 
of X-ray or gamma radiation (400 KV). At this time, complete data for the RBE 
of protons and alpha particles is not available. Topas! suggests that for protons 
up to 40 Mev, RBE x 2, while for greater energies the RBE x 1. Some workers 
use RBE x 10 for protons and 20 for alpha particles without regard to energy 
because of the unknown effects on the brain, eyes and pelvis. 

If the distribution of neutron energy is known, the following table can be 
used (AEC). 





Number of neutrons per square centimeter 


Neutron Energy , : 
equivalent to a dose of one rem 








Thermal 960 - 108 
0.000 01 Mev 480- 108 
0.01 Mev 480 - 108 
0.1 Mev 96- 108 
0.5 Mev 38- 108 
l Mev 29 - 108 
2 Mev 19- 108 
3 Mev and higher 14- 108 


1 Dr. Cornetius Tosias, U.C.R.L., Berkeley (private communication). 
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Neutrons have an indirect effect on tissue, largely attributable to elastic 
scattering, which produces ionizing recoil protons. When neutrons are captured 
they may emit less energetic neutrons (inelastic scattering) or gamma rays. 

The hydrogen and nitrogen in the human body make up a large capture 
target area for thermal neutrons [11]. The hydrogen atom produces a 2.18 Mev 
gamma photon when a thermal neutron is captured, whereas the nitrogen atom 
produces a 0.6 Mev proton which is more hazardous. Much of the gamma radiation 
will pass out of the body whereas practically all of the proton energy will be 
absorbed. It can be concluded therefore that damage from thermal neutrons is 
greatly enhanced by the nitrogen content in tissue. 

Effective Dose Various Dose Rates to Man! 


Estimate of and Lethality of 





Estimated 
percent 
Deaths in 30 days 


Estimated Mean 
Survival Time 
(Days) 


Effective 
Accumulated 
Dose (r 


Accumulated 
Dose Tr) 





200 
600 


1 Based on 


tions, e.g 


1000 
2000 


100 
300 
500 
1000 


50 
150 
250 
500 


750 


250 kvp X-rays. 
1000 kvp x-or gamma radiation would have a relative biological effec- 
of 250 kvp X-rays 


tiveness of approximately 70% 


Estimated 


Doses ] 


200 
542 


30 
60 


819 
1326 


100 
271 
409 
663 


50 

135 
204 30 
330 30 
395 30 


Corrections should be made for higher energy radia- 


4 


Varying Degrees. of Injury to Man} 





\ccumulated 
Dose r 


or Dose Rate 


Period of Time 





r/day 
r/day 


r/day 


r/day 
r/day 
r/day 
r day 


2 days 
Until Death 


10 days 


10 days 

365 days 
Few months 
Many months 


Mortality close to 100°; 

Mean survival time approximately fifteen days. 
100°, mortality in 30 days 

Morbidity and mortality high with crippling 
disabilities 

Disability, moderate 

Some deaths 

No drop in efficiency 

No large scale drop in life span 


1 Based on 250 kvp X-rays. Corrections should be made for higher energy radia- 


tions, e.g. 


1000 kvp x-or gamma radiation would have a relative biological effec- 


tiveness of approximately 70° of 250 kvp X-rays. 
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Probable Early Effects of Acute Radiation Doses over Whole Body to Man? 





Acute Doses Probable Effect 





0—25 r No obvious injury (possible cataracts 
25—50 r 
50— 100 r 
100— 200 r 


Possible blood changes but no serious injury 
Blood-cell changes, some injury, no disability 
Injury, possible disability 


200— 400 r Injury and disability certain, death possible 
400 r Fatal to 50 per cent 
600 or more r Fatal 


9 


2 ,,The Effects of Atomic Weapons’’, U.S. Government Printing Office, 1950 
The preceding data was taken from the Radiological Health Handbook | 12 
to give a rough idea of the effects of large doses on human beings. It is evident 
that a person who receives a lethal radiation dose may still live for a few weeks 


Summary 


One of several large solar flares, which occurred in 1959, was studied to 
determine the possible hazard to man in space. It was found that an unshielded 
man, at the Earth’s distance, would receive a radiation does of at least 4000 rem. 
This is based on a RBE of one for protons, which is the most optimistic estimate. 
Since a dose of 400 to 600 rem is believed to be lethal to man, a shield is required 
for flares of this type. 

Carbon was selected for a shielding material for several reasons 

1. It has a very short range for protons, compared to most other elements, 
which implies a low shield weight. 

2. Carbon is not a lucrative source of secondary neutrons 

3. It has a low atomic number, which tends to minimize the production of 
bremsstrahlung. 

4. The thermal properties of carbon make it an excellent heat sink and 
ablation material. It might therefore be used as a re-entry nosecone, effectively 
serving a dual purpose. 

A carbon shield with an inside radius of 90 cm and a thickness of 22 cm 
decreases the radiation dose for the flare to about 14 rem, eight of which are 
from secondary neutrons. An RBE of ten was used in calculating the proton dose. 

A shield of this size weighs over 14,000 pounds. However, it would allow a 
departure through the VAN ALLEN belts, and enable the occupants to remain 
in space during one or two class 3+ flares of an intensity comparable to the 
flare of May 10, 1959. 

There are only five cases of high energy, solar cosmic ray flares on record. 
The flare of February 23, 1956 is believed to be the largest. It also represents 
the worst case from the viewpoint of radiation shield weight for man in space. 
This is attributed to the large number of particles in the Bev range. 

On the basis of an estimated 101% grams ejected by the Sun over a solid angle 
of one steradian, the radiation dose to an unshielded man at the Earth’s distance 
appears to be about 10% to 104 rem per steradian. This has to be multiplied 
by 42 if the influx is omnidirectional (because of scattering and corkscrewing 
from magnetic fields in space). 

The weight of a spherical shield of carbon with a hollow cavity having a 
90 cm radius, and a wall thickness sufficient to reduce the proton dose to 25 rem 
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was found to be about 834,000 pounds. The relative biological effectiveness 
was assumed to be one. Actually it would be higher than this because many of 
the protons which pass through the shield into the cavity will have low energies 
where the RBE approaches ten or twenty. 

If an RBE of 10 is assumed for a safety factor the shield weight increases 
to several million pounds. Even without the safety factor the wall thickness 
of the shield is about 260 cm (about 8.5 feet) thick. 

The additional radiation dose from secondary neutrons and mesons has not 
been included. However, an inside lining of lithium hydride or a good neutron 
moderator might also be required. 

Nuclear reactions were not included in the range calculation although they 
would be expected to just about wipe out the protons with 2.6 meters of carbon. 
However, the neutron dose might still be comparable. Just how much the shield 
thickness can be reduced, taking neutrons and nuclear reactions into account, 
is now under study. It may be 50 percent or more. 

It is concluded that for space voyages lasting for periods of two or three 
years, during which the probability of a solar cosmic ray flare is high, shields 
against protons in the one or two Bev range may be required. 
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Abstract Zusammenfassung Résumé 


Theorem of Image Trajectories in the Earth-Moon Space. The motion of a small 
vehicle in the Earth-Moon space is considered using the mathematical model « 


restricted three-body problem. Two theorems associated with this motion are 





established: the Irreversibility Theorem and the Theorem of Image Trajectories 
The Irreversibility Theorem states that, if a trajectory is physically possible in the 
Earth-Moon space, the reverse trajectory is not physically possible. The Theorem of 
Image Trajectories states that, if a trajectory is physically possible in the Earth-Moon 
space, three image trajectories are also physically possible: (a) the image with respect 
to the plane which contains the Earth-Moon axis and is perpendicular to the axis 
of rotation of the Earth-Moon system; (b) the image with respect to the plane which 
contains the Earth-Moon axis and the axis of rotation of the Earth-Moon system; 
and (c) the image with respect to the Earth-Moon axis. The first of these image 
trajectories must be flown in the same sense as that of the basic trajectory, while 
the other two must be flown in the opposite sense. As a conclusion, the time required 
for the parametric study of lunar trajectories is reduced considerably, since, once a 
basic set of trajectories is calculated, three additional sets can be obtained by simpl 
transformations of coordinates. 








Das Theorem der Bildbahnen im Raum Erde-Mond. Die Bewegung eines Raum- 
fahrzeuges im Erde-Mond-Raum ist ein Fall des restringierten DreikOrperproblems. 
In Verbindung damit gibt es zwei weitere Theoreme: Das Irreversibilitatsproblem 
und das Theorem der Bildbahnen. Das Ivreversibilitdtstheorem sagt aus, daB, wenn 
eine Bahn physikalisch méglich ist, die umgekehrt durchlaufene Bahn physikalisch 
unmoglich ist. Das Theorem der Bildbahnen sagt aus, daB, wenn eine Bahn (z. B. im 
Erde-Mond-Raum) méglich ist, drei Bildbahnen (Spiegelung einer Bahn an_be- 
stimmten Ebenen bzw. Achsen) ebenfalls physikalisch méglich sind. Namlich folgende: 
a) Die Bildbahn, bezogen auf die Ebene, die die Verbindungsgerade Erde-Mond ent- 
halt und ferner senkrecht zur Rotationsachse des Systemes Erde-Mond steht 
b) die Bildbahn, die die Verbindungsgerade Erde-Mond und die Rotationsachse des 
Systems Erde-Mond enthalt; c) die Bildbahn, gespiegelt an der Verbindungsgeraden 
Erde-Mond. Bildbahnen Richtung durchlaufen 


Die erste dieser muB in derselben 




















1 The author is indebted to Dr. WALTER F. HILTNER, Lunar Systems Manager, 
Aero-Space Division, Boeing Airplane Company, for suggesting the topic and for 
stimulating discussions. 

* Paper presented at the XIth International Astronautical Congress, Stockholm, 
Sweden, August 15—20, 1960. 

3 ARS, AAS, AIR; Director of Astrodynamics and Flight Mechanics, Boeing 
Scientific Research Laboratories, Seattle 24, Washington, U.S.A 
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werden wie die Grundbahn, wahrend die beiden anderen in entgegengesetzter Rich- 
tung durchlaufen werden miissen. Auf diese Weise wird die Zeit, die ben6étigt wird, 
um Bahnen von der Erde zum Mond und zuriick zu bestimmen, wesentlich herab- 
gesetzt, da, wenn eine Bahn, die Basisbahn, bestimmt ist, sofort mittels Trans- 
formation drei weitere Bahnen gewonnen werden k6énnen, von denen zwei Riickflug- 


bahnen sind. 


Le théoréme des trajectoires images dans Vespace Terre-Lune,. Deux théorémes 
du probleme restreint des trois corps, applicables au mouvement d’un véhicule 
de masse faible dans l’espace Terre-Lune, sont établis. Le théoréme d’irréver- 
sibilité affirme qu’une trajectoire physiquement possible ne peut étre parcourue 
dans le sens rétrograde. Le théoréme des trajectoives images établit l’existence de 
trois trajectoires physiquement possibles associées a une trajectoire de base: (a) son 
image par rapport a un plan contenant l’axe Terre-Lune et perpendiculaire a l’axe 
de rotation du systeme Terre-Lune; (b) son image par rapport a un plan contenant 
ces deux axes; (c) son image par rapport a l’axe Terre-Lune. La premiere trajec- 
toire image doit étre parcourue dans le méme sens que la trajectoire de base, les deux 
autres dans le sens opposé. Le temps requis pour une étude paramétrique des 
trajectoires lunaires s’en trouve réduit du fait qu’une trajectoire de base permet d’en 
déduire trois autres par simple transformations de coordonnées. 


List of Symbols 


> 


\bsolute acceleration (ft sec~?) X, Y,Z Inertial coordinates (ft) 
Distance between the center ] Vector joining the center of 
of the Earth and the center of mass of the Earth-Moon system 
the Moon (ft with either the Earth or the 
Dimensionless constants Moon (ft) 

Gravitational constant 
(lb—1 ft* sec—4 

Mass (lb ft! sec? 

Vector joining the center of 
mass of the Earth-Moon system 
with the vehicle (ft 


Transformed position vector 
({t) 

Transformed time (sec) 
Transformed coordinates (ft) 
Angular velocity of the Earth- 
Moon system with respect to 


Time (sec a ’ 
the Fixed Stars (sec?) 


Rotating coordinates (ft) 


Subscripts 
Earth 0 Center of mass of the Earth- 
Moon Moon system 


I. Introduction 


This paper contains an analytical study of certain general properties of lunar 
trajectories and presents a derivation of two basic theorems: the Irreversibility 
Theorem and the Theorem of Image Trajectories. The mathematical model 
considered is that of the restricted three-body problem which has been used in 
both recent and past investigations (see [1| through [14]). In this model the 
Earth, the Moon, and the vehicle are considered to form an isolated system}. 
The mass of the vehicle is conceived to be so small that the motion of the Earth 
and the Moon is undisturbed by that of the vehicle. Thus, the center of gravity O 
of the Earth-Moon system travels with constant velocity V7, with respect to the 
Fixed Stars. 


1 This is equivalent to neglecting the differential effects of the Sun’s attraction 
on the Earth, the Moon, and the vehicle. 
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In addition to these hypotheses, the mathematical model of the restricted 
three-body problem is to be completed by the following supplementary assump- 
tions: 

(a) The Earth-Moon axis is rotating with constant angular velocity © with 
respect to the Fixed Stars}. 

(b) The gravitational fields of the Earth and the Moon are central and obey 
the inverse square law. 









Il. Equations of Motion 






In order to investigate the motion of the vehicle in the Earth-Moon space, 
it is appropriate to define two reference systems: an inertial reference system 
OXYZ and a rotating reference system Oxyz (Fig. 1). In the latter, the x-axis 













Fig. 1. The rotating coordinate system O 








is identical to the Earth-Moon axis and is directed toward the Moon; the z-axis 
is parallel to and has the same positive sense as the angular velocity © of the 
Earth-Moon system with respect to the Fixed Stars; and the y-axis is such that 
the trihedral Oxyz is right-handed. Furthermore, the following terminology is 
used: absolute motion is the motion of any point with respect to OX YZ, relative 
motion is the motion with respect to Oxyz, and transport motion is the rigid motion 
of the Oxyz-space with respect to the OX YZ-space. 

In the light of the hypotheses, the absolute motion of the vehicle is described 
by the following vectorial equation 








k y " ie i: 7 
a GM, = =13 GM, = =a ( | ) 
Ah Ft: Am Baer : 






where d is the absolute acceleration of the vehicle, G the gravitational constant, 
M, the mass of the Earth, M,, the mass of the Moon, and 7, /,, Z,, are vectors 
joining the origin of the rotating coordinate system with the vehicle, the center 
of the Earth, and the center of the Moon, respectively. 
The theorem of composition of accelerations is now applied, leading to 
dy ies ay ; = 
peo ea Cl MO X (Ww V) 
dt? dt 
where the derivatives of the position vector 7 with respect to time are calculated 
assuming that the unit vectors 7,7, (associated with the rotating coordinate 







a (2) 














1 This implies that the Earth-Moon distance d is a constant 
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system) are constant. Notice that the first term on the right-hand side of Eq. (2) 
is the relative acceleration; the second is the Coriolis acceleration; and the third 
constitutes the transport acceleration. 

Finally, Eqs. (1) and (2) are combined to give 

ay a dy 

dt® dt 
which is the vectorial equation that governs the relative motion of the vehicle 
with respect to the rotating coordinate system Oxyz. The quantities G, M,, M,, 
are scalar constants, while the quantities , J, Am are vectorial constants. Solution 
of this equation yields the function 7(t). In turn, the position vector and the 
Cartesian coordinates are related by 


y= x(t)i+ y7+ 2(f)k (4) 


Am 
"=0 (3) 
Am'\* 


If. Irreversibility Theorem 
A trajectory is said to be the reverse of another if it has identical geometry 
but is flown in the opposite sense. To investigate the possible existence of such 
trajectories, it is convenient to rewrite Eq. (3) in the form 
dr 
dt* 


where 


Clearly, Eqs. (3) and (5) are not identical, because the sign of the Coriolis term 
is changed. This means that, if 
F (t) 

is a particular solution of Eq. (3), then 

7 = F(t) 
is not a particular solution of Eq. (5). Implied in this result is the Jrreversibility 
Theorem which is stated as follows: “If trajectory is physically possible in the 
vy2t-space, the reverse trajectory is not physically possible.” 


IV. Theorem of Image Trajectories 


A trajectory is said to be the geometric image of another with respect to a 
reference plane if it can be obtained from the former by changing the sign of the 
coordinate perpendicular to the reference plane. Analogously, a trajectory is 
said to be the geometric image of another with respect to a reference axis if it 
can be obtained from the former by changing the sign of the two coordinates 
perpendicular to the reference axis. Finally, a trajectory is said to be the ge- 
ometric image of another with respect to the origin of the coordinate system if 
it can be obtained from the former by changing the sign of the three Cartesian 
coordinates x, y, Z. 

Clearly, for each given trajectory, there exist three geometric images with 
respect to the reference planes, three geometric images with respect to the 
reference axes, and one geometric image with respect to the origin. Since the 
sense along which these images may be traveled is not known a priori, both direct 
and reverse images (a total of fourteen trajectories) must be investigated. 
Consequently, the problem is to determine which of these trajectories, if any, are 
consistent with the equations of motion. 





2OQ 
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In order to do this, it is appropriate to define, first, a transformed position 
vector 
H(t) 7 ACER (6) 
where 


are the transformed coordinates and 
T Dt (S) 


is the transformed time. Then, the following question is posed: ‘What sets of 
unit constants A, B, C, D transform Eq. (3) into the expression 
a*o - do : ro | 
-+ 2 C=. 0) +GM,— 
ar at ; 
which is formally identical to Eq. (8) ?” 
The analysis, omitted for the sake of brevity, shows that the transformation 


€ 


leading from Eq. (3) to Eq. (9) is possible if, and only if, 
A= 1, eae td Pong 
Since this system is solved by any of the 
a | 
D 


\ 


D | (13) 


the following principle is inferred: For each particular solution of the form 

F (t) (14) 
there is another particular solution of the form 

F'(r) (15) 


provided the transformation constants are supplied by any of the sets (11), (12), 
or (13). 
If Eq. (15) is transformed back into the 7, ¢ system, it is concluded that, if 
*7=F,(t)i+ F,(t)7 + Ft) k (16) 
is a solution of Eq. (3), then 
F(t)t 
F.(—ti—F j+FA(—tk (17) 
F(—t)i 
are also solutions. Thus, the Theorem of Image Trajectories is stated as follows: 
“Tf a trajectory is physically possible in the xyzt-space, the following image 
trajectories are also physically possible: 
(1) the image with respect to the xy-plane, flown in the same sense as the 
original trajectory ; 
(2) the image with respect to the xz-plane, flown in the opposite sense; 
(3) the image with respect to the x-axis, flown in the opposite sense.”’ 
This theorem is of considerable interest in the parametric study of lunar 
trajectories, since, once a basic set of trajectories is calculated, three additional 
sets can be obtained by simple transformation of coordinates. For example, if 
the fundamental set refers to Earth-Moon trajectories, then one of the image 
sets refers to Earth-Moon trajectories, and the other two, to Moon-Earth 
trajectories (Fig. 2). 
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Incidentally, for the particular case of two-dimensional motion (z = 0), one 
of the image trajectories becomes identical to the original trajectory, while the 


Image ,xz-plane 


Basic Trajectory 





z 
f 
i 
< 
hs | 
Ne | 
ee 
a 
br 0 Image ,x—oxis 
Nace 5 x 
df Image ,xy-plane 
Fig. 2. Example of three-dimensional image trajectories in the rotating coordinate system = 
Vc 
other two become identical to one another (Fig. 3). The transformation leading 1¢ 
~ 





to this solution was known to HiLL [7] and BrrkHorF [8] and was employed in 
their papers on paths which are two-dimensional, symmetric, periodic, and 
generated by a gravitational field such that one of the two attracting masses is 
infinitely large with respect to the other. 
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Fig. 3. Example of a two-dimensional image Fig. 4. Example of a two-dimensional image 







» rotating coordinate system trajectory in the inertial coordinate system 





VY. Lagrangian Approach 





In the previous sections the Newtonian formulation of the equations of 
motion was used. However, the same results can be obtained by using the 
Lagrangian formulation. More specifically, the Irreversibility Theorem is due to 
the fact that, in the rotating coordinate system, the Lagrangian function is not 
invariant with respect to the transformation ¢ — — ¢ [10]. Furthermore, the 
existence of image trajectories is equivalent to the existence of those sets of 
constants A, B, C, D which leave the Lagrangian invariant with respect to the 
transformation xyzt + é9fr. It can be shown that these sets are given by 
Eqs. (11), (12), and (13). 
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VI. Remark 


It is of interest to determine the form of the image trajectories in the inertial 
reference system OX YZ. After simple trigonometric transformations, the following 
conclusion is reached: If a trajectory is the image of another in the rotating 

» 


coordinate system, it is still an image in the inertial coordinate system (Figs. 3 
and 4). 


VII. Alternate Proof of the Image Theorem 


The main characteristic of the approach followed in this article is that, since 
the motion of the spaceship alone is considered, the gravitational forces appear 
in the form of external forces. Consequently, the Lagrangian of the spaceship 
is time-dependent and, in addition, is of a quadratic function of the coordinates 
and the velocity components. 

An elegant alternate approach was presented at the XIth International 


Astronautical Congress by Professor R. M. L. BAKER, JR., Department of 


Astronomy, University of California, and consists of considering the motion of 
the spaceship, the Earth, and the Moon simultaneously. Since the gravitational 
forces appear in the form of internal forces, the Lagrangian of the system in 
inertial coordinates is independent of time and is a quadratic function of the 
coordinate differences and the velocity components. Thus, it is possible for 
Professor BAKER to make use of the reversibility principle and the reflectivity 
principle, which have been employed in Statistical Mechanics with reference 
to the motion of an ensemble of 2 molecules [15 

The reversibility principle states that,.if the motion of  — 1 molecules is 
reversed, then the motion of the remaining molecule is also reversed. Analogously, 
the reflectivity principle states that, if the motion of 7 — 1 molecules is reflected 
in any arbitrary direction, then the motion of the remaining molecule is also 
reflected in the same direction. 

While each of these two principles yields a physically possible situation in 
the dynamics of gases, they generally yield physically impossible situations in 
the dynamics of a spaceship, owing to the fact that the motion of the planets 
cannot be reversed and can seldom be reflected. Nevertheless, by combining 
two physically impossible but mathematically possible situations, one can arrive 
at a final situation which is physically possible. As an example, if the X Y-plane 
is chosen identical to the plane of the Moon’s orbit around the Earth, the second 
image trajectory can be obtained by applying first the reversibility principle 
and then the reflectivity principle in the Y-direction. While h of these two 
partial transformations is physically impossible, the final Is 


r¢ sponds tO 


a physically possible trajectory. 
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Abstract Zusammentassung Résumé 
Satellite Librations in the Vicinity of Equilibrium Solutions. The planar motior 
of an oblong rigid body in a central gravitational field is treated under the assump 
Vol. tion that the body can be idealized as a system of two particles with constant mutual 


distance. The equilibrium solutions are determined, and the behavior of this dynami 


system in the vicinity of the steady states is investigated 


1960 








Satellitenlibrationen in der Nihe yon Gleichgewichtslésungen. Die ebene Be 
wegung eines langlich geformten Korpers in einem zentralen Gravitationsfeld wird 
behandelt unter der Annahme, daB der Ko6rper idealisiert werden kann als ein Systen 
von zwei Massenpunkten, deren gegenseitiger Abstand konstant ist Die Gleich 
gewichtsl6sungen werden bestimmt, und das Verhalten dieses dynamischen Systems 
in der Nahe der Gleichgewichtszustande wird untersucht 

























Librations d’un satellite au voisinage des solutions d’équilibre. 
plan de deux particules dans un champ de gravitation central est traité de fagor 
générale sous la condition que leur distance relative demeure invariabl Les solu 
tions d’équilibre sont déterminées et le comportement dynamique de ce system«¢ 


dans le voisinage de ces solutions est analys¢ 


I. Introduction 





The results to be found in literature on the librations of a dumbbell-shaped 
satellite are based entirely on the assumption that the center of masses travels 
in an exact circular or slightly elliptical orbit. It is clear that these librations 
are accompanied by small deviations of the c.m. from such an orbit. The purpos« 
of the present investigations is to treat the satellite libration problem from a 
standpoint which takes these deviations also into account 





If. The Equations of Motion 


Let (7,q) be the polar coordinates of the center of masses MW; the excursion 
angle between the radius vector 7 and the line connecting the two particles m, 
and m, be y (Fig. 1). 

In the following discussions it does not make an essential difference whethet 
the two particles have different masses or not. We thus assume for convenience 
that their masses are equal, namely m, and that their distance from M is « 
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We introduce further the canonical variables (9,, 7s, 93, )1, Pe, P3) defined by 


ay, 
2m [rg + er + ) (1) 


e>(p + p) 


ap; 

bp; at 

where the Hamiltonian function H is given by 
| 


A (94, 92193 Pr» Pe» 4m Py 


2 (9,° ys Ze Jy COS Ys) 2 (3) 
Here 7 and U stand for the total 
kinetic and potential energy, respec- 
tively, and mw is a constant. 

Since the variables ¢ and g, are 
ignorable, we obtain immediately 
the two classical integrals 


um (g,° e: 2 € gy COS Ys) 


H =a, = constant (4 a) 
po = % = constant (4 b) 


4, represents the total energy, and 
4, the total angular momentum of 
> the dynamical system. 

The equations of motion (2) 
could be reduced from the 6th 
to the 2nd order, by making use 
of these integrals. Elimination of 
the variable ~, from the second 
system thus obtained leads to an ordinary differential equation for g, 








Illustration of the coordinate system 


function of qy 


a*q. ad. 
13 j (0, q. | (5) 


dq,” “ dq, 


rhis means that the excursion angle g, = y can be expressed by the distance 
vy only. As the function / is not required in the following, it will not be given 


Gy 


in detail here 
Itt. The Equilibrium Solutions 
Reducing the equations of motion (2) from the 6th to the 4th order, by making 
use of the integral (4 b) only, one obtains 
ap; ok 
ads 0g; 


where 


U(%) 93) 
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The algebraic solutions of the four simultaneous equations 


ok ok 
0, ), 1 Ls (8 
0g; op 
furnish two sets of values (a, a3, ,, 53) for the variables (4, g3, /,, ps); and 


each of these sets of values corresponds to a form of equilibrium or steady motion 
of the dynamical system. 


Due to the two different solutions g, = a, = 0 and g, = a, = 1/2 we have 
to distinguish between Case J and Case /T/. 
Case I: 


qj a4,=0 


93 ag = 0 


/ (( 
py 4 0 Ya 
2m e* 5 > 
ps be = = | olor é*) 
0(o- e*) 


o has to be determined from the energy equation 


Vol. -U E 2 at ) 2m u | 5 e - | oF Xb 
6 0” i 
1960 Case IT: 





—) 
~ 
~ 
= 
= 


O é 


qy 





G3 
py 

2m e* = = 
Ps = Sy | e 0 Ee" 


(o” Gra 


o has to be determined from the energy equation 


; : u 0 | 
r+ m * = 2mm | | om (LO b 
9 9 2 9 
0 | o- a | 0" a 


For given a, < 0 (“elliptical orbits’) equations (9 b) and (10 b) are uniquely 
soluble for o. 

The two equilibrium solutions are characterized by the fact that the cente1 
of masses M travels in a circular orbit of radius 9. The velocity is in the first Case 










and in the second Case 


Comparing the velocity of M with that of a satellite in the same circular orl 
namely 


it is found that vy, is greater in Case J and smaller in Case // than 
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IV. The Vibrational Problem 
lake the new variables (Q,, Q3, P,, P,) defined by 
O; == 9 aj, P; = p; — 5,, L L3 
the equations of motion (6) become 
dQ, ok aP, ok 
dgs oP, aqo oV 
and for sufficient small values of the new variables the function AK can 
expressed as a multiple of power series in the form 


K=K,+4,+ 4,+43,4+... (16) 





where A,, denotes terms homogeneous of the #-th degree in the variables 
(Q,, Vs, P;, P;). As the equations of motion are satisfied when (Q,, Q3, Py, Ps) 
are permanently zero, the term A, should vanish identically. If the terms 
Ks, Ky... were neglected in comparison with K,, the dynamical problem is 
said to be reduced to a vibrational problem. 

For small values of (?,, Qs, P;, P3), that is, in the vicinity of the equilibrium 
solutions, this neglection of higher terms is justified. We thus investigate the 


dynamical system given by Vo. 
dQ; aK* dP, ae ie md 
’ Ae i 
dds oP dq» a0) 


where 
K* = K,+ Ke (18) 
Since the variable g, does not occur explicitly in A, it does not occur in K* 
either. Hence, 


k* (a + Aa.) = constant (19) 
is an integral of the equations of motion (17); Ky = % denotes the total 
angular momentum of the dynamical system in case of equilibrium, and 

Ky lx, the excess of total angular momentum (apart from the contribu- 


tions of the terms higher than K,). 


\. Solution of the Vibrational Problem 

In both cases of equilibrium the term A, has the form 
' ' j , ; 
Ky = =, (7Q,? + 280, Ps + y Qs? + 6 P,? + € Ps? (20) 

where 

3 2me? d°U(q, s) 


‘de bs 0g,” : a 
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The equations of motion are 


dQ, Sp 
dds : 
dQ, — , 
dq BQ, ee, 
iP - 
os a pHs 
aP, 
: Aes 
dqy age 


For the proper choice of the initial conditions we recall that satellite librations 
are generated by releasing the system of the two masses for free oscillation from 
an initial constellation 7 = 7%, p = Yo, Y = Yo: ly = 0. We 
want to investigate the behavior of the present dynamical system, if the initial 
excursion angle yy differs from that in case of equilibrium, but the energy constant 
a, and the initial position coordinates ry and gy remain unchanged. In agreement 
with the equations of motion (22) that dQ,/dq. — 0 for gg = qy we choose 


This requires that y 














The solutions of (22) satisfying these initial conditions are 





ae Pie 
1 (o) 7 sinh A1(%2 Jo) + 7 sinh As(qp Jo (24 a) 


“] “3 






"cosh Ay (G2 — qo) 
ee ‘ . 







; . A, ; 
"1 cosh A,(¢o — Yo) + — cosh As(Yo — Ye (24 








sinh A,(G2 — 92) — <73-3— —~ Sinh Ag (qo — Yo 


where 





(As? + y €) (Wo — 43) —2mB OF, 


A ae BE 
; B(A,? — A,”) 







(A,2 + ye) (Wp — 43) —2mBOr ,, 5 ' 
As ne (Ag? + ye (25b) - 
: B(A,° — Ag°*) 


and 4,, 4, are two different roots of the characteristic equation 






Att (ad+yeja vy O(ae— B?) = 0 (26) 


with A,? ~ A,?. 
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Equations (24a) and (24b) represent the orbit described by the particles. 
Expressing the canonical variables Q,, Qs and g, in terms of the original variables 7, 
y and q, respectively, one obtains 


- ene 
- Go) 4 7 “sinh Ag(p — Po) 
‘3 


: Ali, 
cosh AG q 0) ese: 


: cosh Aa(« ( 
ye Ag? + ye 34 Po) 


(27 b) 
where for obvious reasons we have replaced a, = 0 by 7%. 

The behavior of the present vibrational system in the vicinity of the equilib- 
rium solutions depends essentially on the roots of the characteristic equation (26). 
We have to distinguish between Case J and Case JJ. 

Case J: An elementary calculation leads to the quantities 


» (y 2 
LLVo\%o 


3 ef) 
e”) (7,* 


° 9 A 
(7° — €°) | [LV o(%o~ 
9 


») y c Y. 
2M U\%o" + & 


2) | , (y 2 
e~) LV o\"o 


» ee 3 
=m Me ‘9 


For sufficient small ratio e/7) the roots 4, and A, are purely imaginary. The 
orbit equations can be written as 
a Oe Ay . , 
r(p) = % + yy) SiN |Ay| (P — Yo) + 77 SIN |Ag] ( — Fo) (29 a) 
/ }. 
] “¢ 


P COS A, (g Yo) { - 3 COS |As (¢ Po) (29 b) 


v(P) = 35 
Ay? +) A,* + ye 


The first of these equations describes the motion of the center of masses M; 
the second equation represents the libration of the dynamical system, which 
consists of a pure oscillation about the first attitude of equilibrium. 

The period t, of the perturbation term affecting 7(q~) is given by the first 
positive root of the transcendental equation 

Oy ois A, 1, ‘ 
sin |A,| T, + 7,7, Sin |Ag| T, = 0 (30 a) 
Ay Ag 
The corresponding period t, of the excursion angle w(m) is equal to the first 
mn Ty on Fu | 
positive root of the equation 


COS Ay Ty a ee > —* COS Ag Ty Wo (30 b) 
VE h. 7 é 
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If e? is neglected compared with 7,2, the orbit equations become 


Prk f 
, SES Senne ‘ 
r(@) a) SIN (¢ Yo) (31 a) 
| Uo 
4.7% Pe . 
Ge 0r a... 00 , , 
WP) COS (P — Po) 71 (v0 | cos 3 (p — go) 31 b) 
| i Vo | U1o 
For 7, 0 the period t, is 
0 
% »)) 
/3 


which has been found already by {1}. In the “elliptical” case (74 ~ 0) a period 
t, can be performed which is exactly the same as the period 7,, namely equal 


to 22. The condition for that is 


Case IJ: In this Case we obtain 





» , 2 
am | | ‘o 


2m e717," 


roots of the characteristic equation are 


and the crbit equations become 


A 


he / (2R a) 
7 sinh 4,(¢@ — Y) + A3sin (Py — Po) (36 a) 










TT BA | pp Ag 22 1 
y(@) 2 > 2 ies cosh AW\Y V9) ~—— COS \¢ Yo) {v0 D 
Z Ay" + Yyeé l+ye 


The occurrance of the hyperbolic functions shows that the dynamical system 
tends to a behavior where the excursion angle y is monotonically increased o1 
decreased. Only in the case when 


) 


ELF m 
(1 — ye) 1 Wo + 2m por, 0) 37) 


the motion consists of a pure oscillation about the second attitude of equilibrium 
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Neglecting e? compared with 7)”, the orbit equations become 


Fen 
7 
0. 

sin (p — 9) 
| [LLY 


"9 
3(P — Po) 


Condition (37) takes the form 


(v 


This equation shows that a pure oscillation about the second attitude of equilib- 
rium is only possible in the “‘elliptical’’ case (7%) #0). If the initial point 7%, q@ 
lies on the ascending branch of the “‘ellipse’”’ (7) > 0), then the initial excursion 
angle has to be chosen in the interval 0 < y,)< 2/2; for the descending branch 
(74 < 0) we obtain correspondingly 2/2 < wy< a. The periods 1, and t, are 
then the same, namely equal to 2 z. 

The different behavior of the dynamical system in the vicinity of the two 
equilibrium solutions suggests itself to consider Case I as a stable and Case II 
as a non-stable attitude of equilibrium. 
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Abstract — Zusammenfassung Résumé 


Temperatures in a Cylindrical Satellite. Formulas are derived for temperatures 


inside a cylindrical instrument package in which heat from power-dissipating compo 
Vol. nents must be conducted through a bulkhead to the skin and radiated hermal 
design considerations are discussed for such a package with constant skin temperature 

L960 and periodically varying skin temperature. 
Temperaturen in einem zylindrischen Satelliten. [Es werden Gleichungen fiir die 
Temperaturen innerhalb eines zylindrischen Instrumentenpaketes angegebet Hier 


bei wird angenommen, daB die durch Dissipation in den eit 





werdende Warme durch die inneren Abteilungswande zur Aufenl 
wo sie dann in Form von Strahlung abgegeben wird. Es werden der ] 
stanter und der mit zeitlich periodischer Hauttemperatur diskutiert 


Températures dans un satellite cylindrique. Se dérivent formul 
températures dans un paquet cylindrique d’instruments dans lequel il faut qu 
chaud des éléments dissapateurs soit conduit par une cloison au surface ou s« 





Se discutent les considérations thermales du dessin pour un tel paquet avec ten 





pérature de la surface constant et avec température de la surface peri 





variable. 






Introduction 






It has been shown [1) to be possible in principle to refrigerate thermally 
insulated satellite-borne electronic components passively to temperatures below 
250°K if they dissipate negligible amounts of power. Heat-generating compo 
nents must have a relatively low thermal resistance to the skin if they are to be 
kept below their maximum permissible temperatures. The general problem of 
heat transfer in an orbiting cylindrical package will be considered her 









Consider a heat-dissipating component extending from 7 = 0 to r = 7% 
the center of a bulkhead of thickness / in a cylindrical equipment package as 
shown in Fig. 1. Heat generated by this central source will flow ra 
through the bulkhead, and the difference between the rate of flow of heat into 
an annular element and the rate of flow of heat out of the element is equal to the 
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product of the thermal capacity of the element and its rate of change of tem- 
perature. Therefore, the relationship between temperature and radial flow of 
heat is 
Gy — Uo +a = 2ardrb oc 
qdZz- 
from which 
Gr — Yr+dr 0d, 


dr or 











2arbocTl, 














where 9 is the density of 
the bulkhead material, ¢ 1s 
its specific heat, and T, is 
the temperature at a distance 
y from the center. Now the 
radial rate of flow of heat is 
given by 

Q,= —2arbk 7 : 

or 

where k is the thermal con- 
ductivity of the bulkhead 
material. Substituting this 
value for g, gives 


] =I 


Y ov 


Heat-dissipating component of radius 7 at 


(1) 


the center of a bulkhead of radius R 


Constant Skin Temperature 
Let us consider first the simple steady state in which T, does not vary with 
time, so that 7, = 0 and equation (1) becomes 
iT, i #7, 
dr* yr ar 


= 


whose solution is 

P In (R/r) 
2akb 

where Tp is the temperature at the junction between the skin and bulkhead, 

P is the power dissipated by the heat source, and R is the radius of the bulkhead. 

(In an electrical analogy, y is the thermal resistance.) 


he Tr = Tr- P y (2) 


If there is good contact between the bulkhead and skin, heat conducted to the 
junction by the bulkhead is conducted away from the junction in the + z direc- 
tions by the skin, and each element of skin of area 2a” Rdz radiates energy 
at the rate dW =2aRdzeoaT, where « is the emissivity of the outer surface 
of the skin (assumed to be large compared to the emissivity of the inner surface 
of the skin and surfaces of the bulkhead), o is the STEFAN-BOLTZMANN constant 
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and T, is the absolute temperature of the skin at a distance z from th 
skin-bulkhead junction. In a derivation similar to that of equation (1), we 
obtain 


a°T, e060 


a: 

az? aise” 
for the equation of heat flow along the skin in the axial direction. We need not 
concern ourselves with the solution of this equation; it can easily be manipulated 
to yield an expression for d7,,/dz, and substitution of reasonable values of th 


pertinent parameters into this expression shows that the z-gradient of 7, is 
small and the skin temperature can be considered ind 
minimum permissible axial spacing of bulkheads is 


y 


P 
29 pel e 
2xReoa tree I t) 
where P is the power dissipated on each bulkhead, Tp», is the maximum 
permissible skin temperature [which must be below tl] bl 
temperature T;, ax for the component as determined by equation (2 ind 7 
is the solar radiation equilibrium skin temperature. 

It is seen from inspection of equation (2) that by moving the heat sources 
away from the center a higher skin temperature can be permitted, making 


le naximi 1) 
I LIlAALIIIUITL 4 











possible a greater number of bulkheads per unit length of thi linder, and 
greater power dissipation within a cylinder of a given size. Obviously the greatest 






power dissipation possible for a given package results if the heat sources ar¢ 
mounted directly on the skin, and if the skin temperature is constant or if the 
temperature of the components can be permitted to vary, this would be the best 








} 


practice. However, if the skin temperature is subject to periodic variations an 
the electronic components require a stable temperature, they must be mounted 
on the bulkhead away from the skin. 










Periodically Varying Skin Temperature 


Temperature Variations Due to Sat 





If a cylindrical satellite spins at a relatively high rate about its longitudinal 
axis its surface is uniformly exposed to solar radiation. If it also tumbles at a 
lower frequency about another axis, it is to be expected that its skin temperature 
will be a periodic function of time. We shall now consider the effect of periodically 
varying skin temperature on the stability of temperatures on the bulkhead. 
This requires a general solution of equation (1) subject to the boundary condition 










Tr = T,e’. (For simplicity we shall contrive a temperature scale whose zero 
is the average of the skin temperature.) Let 7, = u(r) /(t) where w is a function 






of y only and f is a function of ¢ only. Substituting uw / for 7, in equation (1 


ojves 
gives 







Dividing by wf, 
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Since /// depends only on ¢ and w/w + u’/wr is a function of ry alone, B must 
be a constant, and separate equations can be obtained for u and /. Considering u 
first, the separated differential equation is 


u’ oc B 
u - - 


whose solution is 


The equation for / is 


and the complete solution of equation (1) is 


rae ock 
T= Co (|/25 


Applying the boundary condition, 


re=¢ 1] 


so it is seen that 


Thus the temperature as a function of ¢ and 


] | = 1 OCW | 7 ; OCW 
= y er y =- 4 Del = Y 

J0 

- k " k k 

ons I R 


10CM 0C@ hs 0oc@M 
Jo(| = R | ber | = R + 12 bei | = R 


T= Ty (5) 


k k 4 4 


\ 
We are not overly concerned with the phase of the time variation of 7,, and 
need only consider the amplitude, 


| Pe OCW 
a er = y 
‘i k 

OCW 


= (6) 
I R OCW = 
= R-+ bei? R 


R k 


ber? 
Examination of this quantity shows that as 7/R decreases the amplitude falls off, 
and the decrease with decreasing r/R is more rapid for large w. For reference, 
the function | ber? x + bei* x is plotted in Fig. 2. For large x the function is 
very nearly (1 2x x) exp (x/|/2) which becomes linear in the semilog plot: for 
i> S- 
Let us consider a cylindrical aluminum chassis with R = 16cm subject to 
a skin temperature variation of 1 minute period. Here 
» 


22 io 
0.105 sec} 
60 sec 
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0.348 cm7! 
k 0.49 cal sec-1 cm-! °C-1 


Then, with x (| ocam/k) R (0.348 cm~!) (16 cm) 5.56, the corresponding 


| 0c@ | (2.7 gm cm~?) (0.21 cal gm~! °C—!) (0.105 sec?) 


value of | ber? x + bei? x in Fig. 2 is 8.8. It is seen that from 4 0 to 4 L, 


corresponding to the central area of the bulkhead from r = 0 to 7 = 2.875 cm, 


ber? x + bei? x remains very nearly 1, so the amplitude of temperature varia- 
tion throughout this central zone is 1/8.8 = 0.114 of the amplitude of skin tem 
perature variation. If the temperature amplitude is to be reduced to 0.01 of 


the skin temperature amplitude, | ber? x + bei® x must be 100, and it 
by extending the linear portion of Fig. 2 that « must be 9.4, so R would 
to be increased to 27 cm. 





1O 
8 


6 






































ber®x + bei2x 





The functi 


Temperature Variations Due to Orbital Motion 


As the satellite passes in and out of the earth’s shadow, w is so small that the 
amplitude of temperature variation at the center of a bulkhead is reduced very 
little below the amplitude of orbital skin temperature variation. GOLDMAN and 
SINGER [2] and Hass, DRUMMETER and ScHaAcH [3] have found the orbital 
range of skin temperature variation to be approximately 30° 

Let us generalize equation (2) to include the effect of temperature variati 
If the component of radius 7, has a mass m and specific heat c, the heat flow 
equation becomes 


Trp—wP wmc 
; : : dt 

where 7, is the temperature of the component and the thermal resistance y 
between the component and the skin does not necessarily have the same value it 


1 


had in equation (2). Although the skin temperature variation on entering the 
earth’s shadow is actually not so severe, it is instructive to consider the case 
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where 7 changes instantaneously from Tp; to Treo at the time f= 0. With 
this condition, the solution of equation (7) is 


T,, —Tre—yl exp| = es 


VR : DR ym Cc 


Thus, it is seen that the variation of 7, will be decreased if w is increased by 
insulation between the component and the bulkhead or between the bulkhead 
and the skin. The maximum permissible value of w is, of course, determined by 
( eee ‘ee y P, where T,,may 18 the maximum permissible temperature 


for the component and 7’ »,., is the maximum skin temperature to be encountered. 


Conelusions 


Heat-dissipating electronic components in a satellite package can be cooled 
by conduction of excess heat through the chassis to the skin, where it is radiated. 
To minimize the amplitude of orbital variation oi the temperature of a compo- 
nent, the thermal resistance between it and the skin should be as large as possible. 
The rate of heat dissipation by the component, its maximum permissible tem- 
perature, and the solar radiation equilibrium skin temperature of the satellite 
determine the maximum permissible value of this thermal resistance. Tem- 
perature stabilization of the entire package might be achieved by techniques 
such as HANEL’s (4) thermally controlled baffles to vary the effective emissivity 
of the skin. However, it is feasible in many cases to provide temperature 
compensation to ensure proper performance of the electronic circuitry over the 
anticipated temperature range. 
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Abstract Zusammenfassung Résumé 


Requirements of Interstellar Flight. A hypotheti 
sidered. A flight plan is assumed in which a constant thr 


decele 


space ship to some intermediate point; the thrust is then 

ship so that its velocity vanishes again at -«-Centauri ree propu 
were investigated: (1) A powerplant in which U?* or Pu?#® is used as fission fuel 
and Cs or Rb is used as propellant; (2) the fission products from thi 
used as propellant; and (3) an ultimate powerplant which converts 
energy according to E mc*, and energy to momentum accordi 
Scheme (1) is unacceptable for interstellar flight. By using scheme 
to «-Centauri would be at least 500 years. In order to complete tl 

100 years, we would need an annihilation reactor which converts 


into radiant energy, a reflector and collimator which convert all 


| 
i] 
lsion schemes 


re 


unidirectional thrust, and furthermore, the entire equipment must 
more than 0.1 gram per kw of power in the photon jet. 


a-Centaurl angenommen. Dabei wird konstanter Schub vorausgesetzt, 
das Fahrzeug bis zu einem Zwischenpunkt der Flugstrecke beschleunig 


Erfordernisse fiir den Interstellarflug. Es wird ein hypothetischet 


KA i¢ 


digkeit Null im System «-Centauri ankommt. Drei Antriebsarten 


durch Umkehr der Schubrichtung verzé6gert wird, so daB es mit der 


1. Eine Anlage, in der U?%5 oder Pu?39 Energie mittels Kernspaltung li 


wiederum Cs oder Rb als Sttitzmasse ausgestoBen wird. 2. Die direkte 
der Spaltungsprodukte eines Reaktors zum Antrieb. 

Energieanlage, die Materie vollkommen in Energie (E£ m c?) und 
umwandelt. Vorschlag 1 ist fiir den Interstellarflug unannehmbat 

art 2 wiirde die Flugeigenzeit 500 Jahre betragen. Soll die Flugeigenzeit 
100 Jahre sein, dann ist ein ,,Vernichtungsreaktor‘ erforderlich, der Mat 
und vollstandig in Strahlung verwandelt. Hierbei werden ein flekto1 
Kollimator benotigt, um die Energie in eine Richtung zu lenken. Weiters 
Masse eines solchen Fahrzeuges, bezogen auf die Leistung im Photonenstt1 


erdBer als 0,1 g je kw Leistung im Photonenstrahl sein 


Spécifications requises pour un vol interstellaire. Une liaison 
envisagée avec « du Centaure. Le plan de vol considéré comport 


constante, accélérant l’astronef jusqu’en un point intermédiaire ot elle « 


pour annuler la vitesse au point de destination. Trois systemes propuls 
M. A. Sc., Sc. D., Advisory Engineer, Mechanics Depart 
house Research Laboratories, Pittsburgh 35, Pennsylvania, U.S.A 
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analvsés: (1) Un réacteur ot U2%5 ou Pu23® sont utilisés comme matériaux fissiles et 


Cs ou Rb comme masses d’éjection; (2) Les produits de fission sont utilisés comme 
masse d’éjection 3) Un réacteur idéal transformant la matiere en énergie selon 
E mc? et l’énergie en quantité de mouvement selon p Ej/c. La premiere 


proposition est inacceptable pour le vol interstellaire. Dans la seconde le temps de 
vol jusqu’a « du Centaure est au moins 500 ans. Pour le réduire a 100 ans il faut un 
réacteur convertissant intégralement la matiere en énergie rayonnante avec un 
réflecteur et collimateur qui transforment intégralement cette énergie en poussée 
dirigée. De plus l’équipement ne peut avoir une masse supérieure a 0.1 gramme par kw 


de puissance dans le jet photonique. 


Symbols 


, acceleration m mas of space ship; mass 
velocity of light 2 1019 cm/sec m dm/dt: time derivative of m; fuel or 
E energy propellant consumption rate 
fission energy released by a unit P power in propellant jet 









mass of nuclear fuel p momentum 
I: thrust ] g a constant 
/ constant I total time of flight 
g a constant i he time of flight to thrust reversal 
j a constant point Ve 
; specific powerplant mass (mass of | ¢ time E 
powerplant per unit jet power velocity 
l distance between sun and «@- 1) conversion efficiency; efficiency of 
Centauri; distance conversion from fission energy to 
In natural logarithm kinetic energy of propellant jet 











celerating perio maximum 
1 lecelerating period of flight p powerplant 
initial l thrust reversal point 






propellant 














““Now that is the 
to hitch his wagon to a star.’ 





wisdom of a man... 





Emerson. 






I. Introduction 






If we tried to put EMERsoN’s words into action literally, what would we have 
to do? How long would it take to reach a star? What would be the propulsion 
requirements? It is the purpose of this paper to answer questions such as these. 
Let us consider a hypothetical flight to «-Centauri, which is 4.10 x 10!8 cm or 
25.5 x 101% miles away. For comparison, we note that sun light takes 8.3 minutes 
to reach earth, and 4.3 years to reach x-Centauri. In order to go to a star it is 
necessary to escape the solar system first. To do so from earth’s orbit, a minimum 
velocity of 26.2 miles per second relative to the sun is needed. If a space ship 
were given an impulse to attain this velocity, but not propelled afterwards, it 
would be in ballistic flight. This type of flight is theoretically possible, but the 
initial aiming must be extremely accurate and the time of flight would be 
exceedingly long. Knowing the masses of sun and «-Centauri, one can set up 
the equation of motion from which the time of flight can be calculated. The 
answer is, in round figures, six million years! It is of course possible to shorten 
this time by increasing the initial velocity. But it seems obvious at this point 
that ballistic flight is no way to reach stars. 
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Il. Powered Flight 


We next consider powered flights, by which we mean that the ship is propelled 
during the entire journey. We assume a flight plan such as that shown in Fig. 1 





~ 
| 
| 
| 
i 
Sun L if a - Centaur! 
! \ i 
Scll _ a r _ 
=a q 
nr 
“, 
™~ 
\ 
Fig. 1. Sketch showing accelerations and velo 
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A constant thrust is applied to accelerate the ship until it reaches a distance L, 


from the sun. At that point the thrust is reversed to decelerate the ship, such 
that its velocity becomes zero again at «-Centauri. The mass of the sip is assumed 
to decrease linearly with time due to consumption of fuel and propellant, but 
the variation of acceleration and velocity is non-linear either with time or with 
distance. We shall here neglect the effect of gravity, because, exc 
ship is within a few thousand million miles of the sun or «-Centauri (which is a1 
insignificant fraction of the total distance), the gravitational accelerations ar 
negligibly small compared to the thrust-produced acceleration. There are of 
course other flight plans that could be considered, but the one we have assumed 
seems to be simple and reasonable. 

The preponderant problem in interstellar flight is the time required to mak« 
the trip!. It is also important to realize that during tl 
amount of energy would be expended?. If we use nuclear fission or fusion as the 
source of energy, the mass of nuclear fuel consumed | | 
The mass consumption is relatively small only if we were able to convert m 


le thent 1 tremendous 


into energy completely according to the relativistic relation / m c* 
Several schemes of power and thrust generation were studied. For brevit 


all of them will not be discussed in detail in this paper. The schemes considered 
are: 

1. A nuclear powerplant in which a fissionable material, such U3 o1 
Pu?39 is used as fuel: another material of high mass number and low ionization 
potential, such as Cs or Rb, is used as propellant. The fission products ar 
continuously removed and discarded overboard but contribute nothing to thi 
thrust. 





1 As we shall see, the maximum attainable ship velocity is only a sn 


of the velocity of ight. Hence it does not make much difference whether 
measured by a clock on earth or by a clock aboard ship 
2 By comparison the amount of energy required to escape the s 


insignificant. 


rst 


2. This system is similar to the previous one except that the fission products 


are used as the propellant. A flow diagram is sketched in Fig. 2. Most fission 
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products fall in the mass number range 80 to 155 with ionization potentials no 
more than 10 or 12 volts. These products are therefore suitable as propellant, 
although the technology of handling a radioactive, multi-component, propellant 
is yet nonexistent. This system is at least theoretically feasible and would result 
in flight times shorter than that of the first scheme unless the powerplant is 
very heavy!. If the powerplant is very heavy, the flight time of scheme I, although 
somewhat shorter than that of scheme 2, would be unacceptably long anyway. 
lherefore, we will not refer to scheme 1] any further, but will analyze scheme 2 
in more detail later. Another scheme in which the propellant consists of the 
fission products supplemented by an inert material has been considered by 
SHEPHERD |]. SHEPHERD’s scheme is a combination of schemes | and 2 described 
here. However, instead of minimizing the flight time, SHEPHERD chose to 
minimize the fuel quantity. 

A hypothetical powerplant which converts matter to energy according 
to E = mc?, and energy to momentum according to p = E/c. This system is 
quite futuristic; there is yet no indication that it can ever be realized on a scale 
suitable for space ship propulsion. But it is useful to consider this system as an 


ivy powerplant the additional propellant weight becomes unimportant, 
yet a separate propellant permits optimized operation at a “‘best’’ jet velocity to 


minimize the flight time 
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upper limit: Something that man could ever hope to do if he stretched his 
] 


imagination to the utmost. For this reason, this system will also be analyzed 
in some detail. 


If]. Analysis of Fission Reactor 


Fission products are continuously removed from the reactor (Fig. 2) at a 
constant rate # and fed into the thrust chamber, from which they are ejected 
at a constant velocity v;. The thrust / and jet power P are, respectively 


F MY | 
P 1 1 v;2 (2 


If the energy released by fission is converted into kinetic energy of the propellant 


jet at an efficiency 7, then 

P. mM ey (3) } 
where e is the energy released by fission of a unit mass of fuel. From eqs. (2 
and (3), it follows 

v;" 2e7 (4) 


i 





At any time ¢, the mass of the space ship is 
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m mM; mt (5 








where m; is the initial mass. Its acceleration is 





During the accelerating period while the space ship travels the distance 
its velocity is 






m 
Ua | ade i in (1 T — ‘ ‘ 
m } 


« 
0 















As mentioned earlier, the effect of gravity is neglected. At distance L,, the 
velocity reaches its maximum value ?,,: 


i, 
Uy vIn (1 r; | Ss 


m 





where 7, is the time required to travel the distance L,. Between L, and L, the 
ship decelerates; and its velocity is 








l (m/m;) ¢ 
v4 = 0 a dt v; In — (9 
] (m/m;) 14° 
ry 







If 7 is the time required to reach g-Centauri, then, according to our assumed 
flight plan, v, 0 when ¢ T. Hence 






| Strictly speaking, the m in eqs. {1) and (2) should be 0.9991 times the 






eq. (3), since 0.09 per cent of the initial mass is converted into energy during the 





fission process. 





Ly 
After the integrations are carried out, using eq. (10) and simplifying, we find 


(11) 


At time 7, the ship will have reached «-Centauri; all the fuel (or propellant) 
will have been consumed. What is left is the bare powerplant plus the payload. 
We shall here assume that the payload mass is negligibly small compared to the 
powerplant. In other words, we are interested in the limiting case where the 
carries little or no payload, and wish to find out whether an interstellar 
ld be accomplished under this condition. If the powerplant mass is mp», 


ship 
flight cou 
then from eq. (5), 

m, m+mI=kP kmey (12) 
where & is the specific powerplant mass (powerplant mass per unit jet power). 
It follows that 

: 13 
m keyn+1 ie 
Wi eliminate #/m, and T, from eqs. (10), (11), and (13) to obtain, after 


now 1 
simplification, 
1 
L U;, Fe ¢ 1) | (14) 
k €? 
Substituting from eq. (4) into eq. (14), and solving the resultant equation for 7, 
we obtain 


l | Zt" (ee ios “ 
; @en)'2 l | ; (2e%) (15) 
[his equation expresses the flight time 7 as a function of the distance L, the 
the fission energy e per unit mass of fuel, and the 


specific powerplant mass k, 
conversion efficiency 7 

At this point we pause to observe that the specific powerplant mass & and the 
conversion efficiency 7 are interdependent. For each unit of kinetic energy in 
the propellant jet, the nuclear reactor must supply 1/7 units of heat and the 
radiator must dissipate (1 — »)/7 units. Therefore, it is not illogical to assume 
that, within reasonable limits, the reactor specific mass is //7 and the radiator 
if 7)/7, Where f and g are proportionality constants. The 


specific mass is g (1 
heat-to-electricity converter and the thrust chamber is not 


specific mass of the 
expected to vary greatly with conversion efficiency. It may be assumed to be a 


constant 4 for a reasonable capacity range. The specific mass k of the entire 

powerplant is therefore 
h (16) 

f 

Since we are talking about advanced powerplants of unconventional design, 
it would be unrealistic to assign numerical values to the constants f/f, g, and h. 
However, a perusal of the literature [2), [3), (4) leads one to believe that if we 
use a light-weight, direct converter, such as a plasma thermocouple or a thermionic 


device, the constants g and # may not be greatly different for large power ratings. 





] + 
11g] 
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As a first approximation, we shall assume g = h. This means that if 7 
the radiator is three times heavier than the converter plus thrust chamber 
7 = 0.5, the radiator mass is equal 
to that of converter and thrust 
chamber. Using this assumption in 
eq. (16), we obtain 

ee ee (17) 

!] 1] 

where s = f + g is a new constant. 
Substituting eq. (17) into eq. (15), 
we obtain 

z | 

L (2 en)! “ 

(18) 
This equation shows that for given 
values of L, e, and s, the flight time 
IT increases monotonically as the 
efficiency » decreases. 

In the ideal but impossible 
case where 7 Y and -s 0, 
eq. (18) vields JT L/(2 e)*/. 
Substituting L 4.1 «x 1018 cm 
and e 8.2 x 10! ergs/gm _ (for 
fission of U235), we find that the 
flight time in this limiting case is 
101.5 years. More realistic results 
are given in Fig. 3, where two 
curves are shown for s = 0.1 and 
1 kege/kw. The circle in Fig. 3 
represents approximately existing 
technology: 7 OZ, s 1 ke/kw, 
and k = 5kg/kw. The correspond- 
ing jet velocity is v; = 0.019 ¢ 
and the maximum ship velocity 
is Um = 0.0049 c. The square rep- 
resents about the best that we can reasonably hope for in the future 
s = 0.1 kg/kw, and k = 0.167 kg/kw. The corresponding is 0.033 
is 0.018 c. By using this scheme of propulsion, it appears (Fig. 3) that 
time would be at least 500 vears! 





IV. Analysis of Total Converter 


We now turn to the total conversion scheme where the fundamental 


are E = mc* and p=E/C. Although this scheme has been stt 
authors [1], [5], [6], [7], they have not sufficiently emphasized the 
powerplant mass. It appears appropriate to recognize the fact that the ] 
however ingeniously devised, must have some mass 
It follows from the fundamental relations that the thrust / and jet power P 
are, respectively, 
(19 


20 





su: 


Following a procedure similar to that used for the fission powerplant, we find 
that the expression for flight time becomes in this case: 


| p k c 


[-* =e -" 


The ideal but impossible case is obtained by taking k = 0, for which eq. (21) 
reduces to T = L/c. This means that the average ship velocity isc. If the average 
velocity is c, the maximum velocity would exceed c, since the initial and final 
velocities of the ship are zero. The reason for this implausible result is because 
we have not included relativistic effects in our dynamical equations. The equa- 
tions are of course valid in the non-relativistic regime, which is our main concern 
here. 














For values of k greater than zero, we obtain the results shown in Fig. 4. 
As k is reduced from 10~! to 10~-° kg/kw, the flight time T decreases from 2230 to 
26.6 years, and the maximum ship speed v,, increases from 0.0039 c to 0.33 c. 
The maximum deceleration, attained at the end of the flight and not shown in 
Fig. 4, increases from 0.00333 to 33.3 cm/sec*. If the flight time is to be less 
than 100 years, the specific powerplant mass must be on the order of 10-4 kg/kw, 
and the maximum ship speed would be on the order of 0.1 c. 

We thus arrive at the conclusion that in order to reach x-Centauri in less than 
100 years, we would need a reactor which converts matter completely into radiant 
energy, a reflector and collimator which convert all of this energy into unidire 
tional thrust, and furthermore, the entire equipment must have a mass less than 
10-4 kg per kw of power in the photon jet. 


VY. Coneluding Remarks 
From the above discussion it should be clear that interstellar flights are ver 
difficult indeed. ““To touch the stars” will remain a dream until a series of majo 
break-throughs in the technology of space propulsion is achieved. 
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Abstract Zusammenfassung Résumé 


Optimum Orbital Transter by Several Impulses. The transfer from a given orbit 
nother of given geometry by several impulses along trajectories which deviate 
combinations of HOHMANN-type trajectories is studied. It is shown that, 
combinations of the orbital geometries, the total impulse may or 
by using three impulses instead of two. The total impulse can 

‘1 by employing more than three impulses. 


(Uber die Anwendung yon Einzelimpulsen fiir optimale Ubergiinge zwischen zwei 
Flugbahnen. Der Ubergang von einer gegebenen Bahn zu einer anderen, deren geome- 
I wird behandelt. Die Verbindungsbahn, die 
1 Korrekturimpulsen durchflogen wird, soll hierbei nur 
r Kombination mehrerer HOHMANN-Bahnen abweichen. Es wird ge- 
in Abhangigkeit von diesen Bahnkombinationen der benotigte Gesamt- 
luziert oder auch nicht reduziert werden kann, wenn man drei Impulse an 
n zwei Impulsen verwendet. Durch Anwendung von mehr als drei Impulsen 
ler Gesamtimpuls fiir die Korrektur nicht weiter verringert werden 


Transfert optimum d’orbite a orbite par plusieurs impulsions. Le — transfert 
ly ntre orl ‘trie donnée comporte plusieurs impulsions et se fait 


ysé entre orbites 
écartent que faiblement des combinaisons de HOHMANN. 

trique l’impulsion totale peut dans certains cas étre 

impulsions au lieu de deux. Elle ne saurait étre réduite 


us de trois impulsions 


I. Introduction 

In a previous report (1. the transfer from a given orbit to another of given 
geometry by two impulses was studied. It was shown that the total impulse 
would be a minimum provided that the two orbits and the transfer trajectory 
were coplanar, with the same major axis and orientated in the same sense; and 
that the apogee of the transfer trajectory coincided with that of one of the orbits 
with longer apogee distance, while the perigee of the transfer trajectory coincided 
with that of the other orbit. It represents the generalization of the HOHMANN 


transfer between two circular orbits [2 


1 This research was supported by the Army Ballistic Missile Agency, U. 5. Army 

1ance Missile Command, Redstone Arsenal, Alabama, Contract No. DA-30-069- 

D-2639, under the supervision of Professor ANTONIO FERRI, to whom the author 
is indebted for his invaluable discussions. 

2 Research Associate Professor of Aeronautical Engineering, Polytechnic Institute 
of Brooklyn, Brooklyn 2, New York, U.S.A. 
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L. Tinc: Optimum Orbital Transfer by Several Impulses 


In the analysis of {1}, the solution was shown to be the optimum among all 
transfer trajectories which deviated slightly from the HOHMANN-type transfe1 
that is, it is the optimum solution among all “‘nearly HOHMANN-type’’ transfers 
It remains to be shown that it is the optimum solution among all possible transfe1 
trajectories. If this can be proved or accepted as a conjecture, then the optimum 
considerations for more than two impulses in the present paper is not only valid 
for the limited “‘nearly HOHMANN-type’”’ transfers but also for the general cases 

SHTERNFELD [3| and HOELKER and SILBER (4) have shown a bi-elliptical 
transfer with three impulses can be more economical than the HOHMANN transfe1 
by two impulses if the radius of one circular orbit is more than 11.9 times the 
radius of the other. As a generalization of their investigations, the optimum 
transfer between two elliptical orbits by three impulses or more are studied in 
the present report. The quantities associated with the initial and the final orbits 
will be designated by the subscripts 1 and 2, respectively. Without losing any 
generalities, orbits 1 and 2 are so designated that the radial distance of the 


apogee of orbit 2 is greater than that of orbit 1; 1.e., (%7a)y > (72), 
Il. Transfer by Three Impulses — The Intermediate Impulse Applied at a 


Radial Distance Less Than (r,), 


If A,B,C designate respectively the 


\oO 





ellipse 3 to 2 is accomplished by impulses 

C coincides with the apogee of orbit 2 and é 

B with the perigee of ellipse 3 in agreement 

with the restriction of BF < CF or (ra)y C.B A 
where F is the common focus. Furthermore, 

points C and B are the apogee and the <a> 
perigee of ellipse 4 as shown in Fig. 1 0. 


points at which the three impulses are | —_» 
applied and points A and C lie on orbits | a Ce 
and 2, the trajectories AB and BC are Fw, 
arcs of ellipses 3 and 4 (Fig. 1 a). 
For a given impulse at point 4, the 
ellipse 3 is defined. The transfer from 4 
. P 
applied at points C and B. If (ra)3 > (Va)o, 
the total impulse | is a minimum when 
point B coincides with the apogee of 
ellipse 3 and point C with the perigee of 
orbit 2. The intermediate impulse is applied 
at a radial distance greater than (7,)). This 
type of three impulse transfer will be 
discussed in the next section. If (72), < (%a)o 
the total impulse is a minimum when point 
Now the impulse at C will be fixed i 
so that the ellipse 4 is defined. Since 
(Ya)4 = (Ya)g > (Ya)y, the transfer from ellipse 
4 to 1 by impulses at B and A will be 
an optimum if B coincides with the apogee 
of ellipse 2 (point C) and A coincides with 
the perigee of orbit 1 as shown in Fig. 1c. When points C and B coincide, 
the three-impulse transfer degenerates to the optimum two-impulse transfe1 
of [1]. Thus it is shown that any three-impulse transfer with the intermediat 


} 


Fig. | rransfer by three impulses 
BP <(¢ahes a Transfer trajectory 
b) Optimum transfer from ellipse 3 


to orbit 2 Degenerated case 
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L. Tine: 


impulse applied at a radial distance less than (7a)y; ie., BF < (7a)g, 18 less 
economical than either the corresponding three-impulse transfer with intermediate 
impulse applied at a radial distance greater than (72), or the optimum two- 
impulse transfer of (1). This conclusion is valid regardless of the ratio of BF 
to (7,),, so long as orbit 2 is so designated that (7a)y> (7a); as stated in the 


introduction. 


lif. Transfer by Three Impulses — The Intermediate Impulse Applied 
at a Radial Distance Greater Than (r,), 


With BF > (r,)) > (va),, the argument of the preceding section can be employed 
to show that the sum of the three impulses will be a minimum, provided that 
point B is the apogee of ellipses 3 and 4, while points A and C are the perigee 
of orbits 1 and 2, respectively. The total impulse or change of velocity is 


1V 2 3 2 1 + ey | tr €5 


lin . (1) 
Ve Ves Vin VA OV 
where e and f denote the eccentric- 
. ° ity and semi-latus rectum. Eq. (1) 


is derived with the assumption that Ve 
(7p) > (Fp); 



















It remains valid for the case 
(rp), > (%p)g if the definitions of 
ellipses 3 and 4 are interchanged 


ie (Figs. 2a and 2). 
The geometries of ellipses 3 and 


B A 4 are related by the equations 








1 + €2 1 + ey 





a 





Fig. 2. Transfer by three impulses, BF Vx 
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Elimination of es, ~, and p, from Eqs. (1), (2), and (3) yields 
| (A, — A) 

: Vin : a 
2 J4,+ )2 A, 2 Pe 








and 


The sign of d/dA (A,;;) depends on the sign of the numerator or that of 


f(a) = (A, + A)® — (8.4, + A)2(A + A) 


Ay? (Ay — 9 de) — 6A, A(dy + Ag) — A® (Ap + 3 Ay) 
A-) 
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where 
. 4 4 | » 4 4 . 4 *) 4 
{4 3A, (Ay + A.) 2A, VA, [3 A, — 2A, a 
d = - . eh 
3A, + A, 
Note that A~< 0, and A* is positive if A, > 9 A, or (7p), > 9(7p),. Since 
d 
(Ay11) - 0) for A>A {dS a) 
aA 
and 
d 
(Azz) > 0 for 0<A<A (8 b) 
aA 
Ij, is amaximum at A = A~ for all values of 0< A < A, 1/(ra)o. The case 
A > Ag or BF < (rq)y has been investigated in the preceding section. 


Eqs. (2) to (7) are derived for the case (7p). > (7p)1. Tf (%p)o< (7p) OF Ag > Ay, 
Eqs. (4) to (7) should be modified by interchanging the subscripts 1 and 2 

For A,>A*, Ay, will be minimum either at A = 0 with BF co or at 
A = Ay, while the three-impulse transfer degenerates to the optimum two- 
impulse transfer. The condition that any three-impulse transfer is less economical 
than the optimum two-impulse transfer with total impulse 47; is 

(Ari) Bat + 177. (9) 

On the other hand, the condition that any three-impulse transfer with 0 << A < A, 
1960 will be more economical is 





a Se (10) 
due to Eq. (8b). 
The conditions on the combinations of the geometries of orbits 1 and 2, sub- 
jected to the condition of Eqs. (9) or (10), can be formulated if the combinations 
are subdivided into two groups: 


Group 1. (p)o> (7p), and (7a)o > (Va), 


The total impulse required for an optimum two-impulse transfer is |] 


AV ye és | 2) l ey 
(A171) . (11) 
| lu | Ps | Ps | py 
and the total impulse for a three-impulse transfer is (Fig. 2 a) 
ve 2 | é l ls 
(Arrt) « 2 (12) 


bs Vie VA Vos 


with 


The difference of Eqs. (12) and (11) yields 


ane I + e,) (1 €5) 1+ é Geul €5 
|? (Arr) — (Ar) . 9 “a uty. | ; a ne 


Eq. (9) holds if 
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Since X 
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X? is defined as (] 


L.. 


és)/(1 


X —K>(X2—1)///X 


> 1 > K, the inequality of Eq. (14) holds if both sides are squared, 


and the result is 


g(X) has one root X* > 1. 


where 


o(X) 2K X34 (K2 


TING: 


| 3) X2 — 











X*)2 vs e, for Vp)9 Yp) 1: Ya)ol(r¢4 


3-impulse transfer, not economical 


24, VA, (34, - 


2YV/V(3Y 





X*2, 


a 2 Ag) — 3 A (A, ia i Ay) ‘ 


2K X —(1 
Since g(X) changes sign from negative to positive as XY varies from 
The other two roots which lie between 1 and 0 and 


- és), the inequality is valid if 


41. (14) 


-K)>0. (15) 


coo to l, 


between O and — oo are 
of no. significance because 


of the requirement X 

(l + es) (1 es) > I. The 
root X* can be obtained eas- 
ily by the following iteration 
formula: 


| 
X* 
2K 
2K 1 — Kk? 
3+ Kk? 
‘ ye (X*)2 
(16) 
with (3 + K?*)/(2 K) as the 
first approximation. <Accord- 


ing to the definition of X 
and e, it is evident that 
(Talel(rp), = X*. (17) 

The inequality of Eq. (9) 
is fulfilled for the combina- 
tions of the geometries of 
orbits 1 and 2 subjected to 
the condition 

(Ya)o (%p)4 % Bee 

X*, which is defined by 
Eq. (16), is a function of K 
or é, only. The dependence 
of (X*)* on ey is shown in 
Fig. 3. 

From the definition of A 
by Eq. (7), the inequality of 
Eq. (10) is equivalent to 


(BA, + A) Ay 
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By squaring both sides ¢ 


9 (] 25) 42 —6e," _. 
R(Y) =3 Y4 2] =o ly: a. 
l + ey (1 €y)* 
9 ee 2 
12 (1 e2) yy (; *) dap ™ 
] 1 Cy | C5 


For A+ > 0, Y > 9, Eq. ( 
root Y* which is obtained | 


os 238 _3( a 


3 eraps 
14 —2¢,?] 1 

| (1 + &,)? Ee 
4(1—e) 1 
te (¥#) 

l f ss) I 
3\1+e,) (Y*)3 


(20) 
with the first term as the 
starting value. 

The inequality of Eq. (10) 
is fulfilled if the combina- 
tions of geometries of orbits 
1 and 2 fulfill the condition 

(‘p)o/ (7p) > Y*. (21) 


The dependence of Y* on 


€; 1.e., Eq. (20), is shown 
in Fig. 4. 

For é, Oo YF 15.58 
and (X*)? 11.94. They 


agreed with the correspond- 
ing values obtained for the 
special case of two circular 
orbits for which both Y* 
and (X*)? reduce to the 
ratio of the two radii. 


Group 2. 


The total impulse required 
is [1 


Ii 


Its difference from the tot 
and 4 (Fig. 2) is 


(4111) 0 — (An) 
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und rearranging terms, Eq. (18) becomes 


19) can be written as k(Y) and has only one positive 
»y the iteration formula 


























Fig. 4. Y* vs é. tol Vile V+ } Bat . ¥* 
3-impulse transfer with A, | 0 
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Eq. (9) holds if 


] C5 


Similar to the preceding case, X? is defined as (1 + e,), 5). The inequal- 


kK | 
ity is equivalent to 


(ra)o/(7p)y > (1 — K)?/4K2. (24) 


Fig. 5 shows the dependence of [(1 
- K?)/2 kK)? on eg. 
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: . economical 
yulse transfer, not economical 


With the proper modification of the definition of A+, Eq. (10) becomes 
: ; : : : ail os 
$78 —27 —80+43>04+23) : 
‘1-4 5 
where Z ‘pel (%p)y < 1/9 for A* > 0. This inequality leads to the condition 
(7), > 90 
where Z* can be determined easily and with accuracy by the iteration formula 


Z* = {— 6+ 6e, + 3,2 — [2 + €]?Z**3/[14 + 10¢, + Ze,’ (26) 


i 


Plé 


(7p)o/ (tp) < Z* and (7p)o 


The dependence of Z* on e, is shown in Fig. 6. 
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IV. Transfer by More Than Three Impulses 





The transfer between orbits 1 and 2 by four impulses, applied at four distinct 
points, will be considered first. The transfer trajectory is composed of three 
elliptic arcs 3, 4 and 5 as shown in Fig. 7 a. By keeping the first two or the last 
two impulses fixed, the geometry of ellipse 4 is fixed. The problem then reduces 
respectively to that of optimum transfer from orbit 2 or orbit 1 to ellipse 4 by 
two impulses. Hence, ellipse 4 and orbits 1 and 2 possess the same major axis 
and lie in the same sense. The elliptic arcs 3 and 5 will be decided on the value 
of the radial distance of the apogee of ellipse 4, (7,),, relative to those of orbits | 


and 2. 
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Four impulses transfer. a) Transfer trajectory 3 f 5; b) (ra), *)e Yq) 
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Case 1. (ra)g> (Yala> (Ya), [Fig. 70 

According to [1), both the apogees of ellipses 3 and 5 should coincide with 
that of ellipse 3, while their perigees coincide with those of orbits 1 and 2, 
respectively. The second and third impulses are applied at the same point 
therefore, the four-impulse transfer degenerates to a three-impulse transfe1 
which may or may not be more economical than the two-impulse transfer as 
shown in the preceding section. 
















Case 2. (Ya)lo> (ta)g> (7a), (Fig. 7 « 

The elliptic arcs 5 and 8 are, respectively, from the apogee of orbit 2 to the 
perigee of ellipse 4 and from the apogee of ellipse 4 to the perigee of orbit 1. If 
the impulse applied at the apogee of orbit 2 remains fixed, the geometry of 
ellipse 5 is fixed. The transfer from ellipse 5 to orbit 1 is now accomplished by 
three impulses with the intermediate impulse applied at a radial distance (7,)4, 
which is less than (7,4). According to the investigation of the preceding section, 
such a three-impulse transfer is most economical when it degenerates to the 
transfer by two impulses at the apogee of ellipse 5 and perigee of orbit 1, respec- 
tively. Since the apogee of ellipse 5 coincides with that of orbit 2, the four- 
impulse transfer is most economical when it degenerates to the optimum two- 
impulse transfer. 












Case 3. (ta)o> (Ya)y> (alg [Fig. 7d 
With the first and last impulses applied at the apogees of orbits 1 and 2, 
respectively, and two intermediate impulses applied at the perigee of ellipse 4, 
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the four impulses degenerate to three impulses which according to the argument 
of the preceding case, is again less economical than the optimum two-impulse 
transfer. 

Thus, it has been shown that for any non-degenerated four-impulse transfer, 
there exists either a two-impulse or a three-impulse transfer which is more 
economical. 

For a non-degenerated five-impulse transfer, the transfer trajectory will be 
composed of four elliptic arcs, 3, 4, 5 and 6. If the first impulse remains fixed, 
the geometry of ellipse 3 is fixed and the transfer from ellipse 3 to orbit 2 is 
accomplished by four non-degenerated impulses, which is less economical than 
an optimum two- or three-impulse transfer. Therefore, the five-impulse transfer 
is less economical than an optimum four- or three-impulse transfer and is also 
less economical than an optimum three- or two-impulse transfer. 

It is now evident that a 2-impulse transfer with 2 > 4 will be more economical 
when it degenerates to an optimum ( — 1)-impulse transfer until it degenerates 
to an optimum three- or two-impulse transfer. 


V. Conclusion 


The transfer from a given orbit to another of given geometry by several 
impulses, along trajectories which deviate slightly from combinations of Hon- 
MANN-type trajectories, is studied. It is shown that depending on the combina- 
tions of the orbital geometries, the total impulse may or may not be reduced by 
using three impulses instead of two. The total impulse can never be further 
reduced by employing more than three impulses. For the case where the total 
impulse of a three-impulse transfer is less than that of the two-impulse transfer, 


the intermediate impulse should be applied at a point with radial distance greater 
than the apogee of either orbit. The sum of these impulses will approach a 
minimum as the point moves to infinity. For certain combinations of geometries 
of the two orbits, it is shown that the three-impulse transfer, with intermediate 
impulse applied at any point and with radial distance greater than the apogee 
of either orbit, is more economical than the two-impulse transfer. There are also 
combinations for which the three-impulse transfer is always less economical. 
These results represent a generalization of those obtained by SHTERNFELD and 
HOELKER and SILBER for orbital transfer between two circular orbits. 

The optimum solution of transfer discussed in the present paper will be the 
optimum among all possible trajectories instead of among the ‘“‘nearly HOHMANN- 
type’ trajectories, if it could be conjectured that the optimum two-impulse 
transfer of 1) is the true optimum among all the possible two-impulse transfers 
instead of only among the “nearly HOHMANN-type,” as shown in [1). All the 
available numerical results agree with this conjecture. Recently, HORNER [5 
extended the work by Munick, McGILL and TAyLor (6) and verified this conjec- 
ture for non-intersecting orbits. Mathematical proof of the conjecture for intersect- 
ing orbits would bring the problem of optimum transfer between two elliptical 
orbits by impulses to a close. 
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Anregung fiir Satellitenbeobachtungen mit einfaehen 
elektronischen Geraten 


(Kurze Mitteilung) 
Von 
G. Schiffner! 


kingegangen am 19. August 1969 


Da ich die Absicht hatte, Beobachtungen der Signale von Erdsatelliten und 
Raumsonden vorzunehmen, muBte ich vor allem feststellen, welcher Aufwand 
an Apparaten und Instrumenten dazu notwendig war. Sicher ist es nur bedingt 
méglich, Rundfunkempfanger dafiir zu verwenden, da mit ihnen bestenfalls der 
Bereich um 20 MHz abgehért werden kann. Auch ist die Empfindlichkeit und 
Bandbreite solcher Gerate zu schlecht und auBerdem gibt es keine Méglichkeit, 
die Hauptfrequenz der Amerikaner, 108 MHz, abzuhoren. 

Ein durchschnittlicher Satellitensender hat eine Leistung von rund 30 mW. 
Die mit der wirksamen Antennenflache A empfangene Leistung betragt: 

P-A 
p " (1) 
47°27 
y = Entfernung, P = Sendeleistung. 

Die thermische Rauschleistung eines idealen Empfangers auf der Temperatur 7 
ist : 

(2) 
138+ 10°23 VAserad—!, die BoL_tzMANNsche Konstante, 
1f = Bandbreite. 

Die wirksame Flache eines Dipols ist: 

3 i? , 
Ties (3) 
S27 

Fir y= 1000 km, Af=5kHz und 4=2,78m_ betragt daher das Signal- 

Rauschverhaltnis bei Verwendung eines einfachen Dipols als Empfangsantenne 


aus {1). (2) and {3) 


P 
L10, 
nN 


ein sehr giinstiges Ergebnis. Dabei wurde das kosmische Rauschen vernach- 
lassigt. Mit den handelsiiblichen Elektronenréhren kann man die Rauschzahl 
eines Empfangers leicht auf 3 kT, bringen, was vollig ausreichend ist. Die emp- 
fangene Leistung kann auBerdem durch eine VergréBerung der wirksamen 
Antennenflache (Richtantennen) erhoéht werden. 


1 Stud. techn.: DreisteinstraBe 38, Hinterbriih] bei Médling, NO., Osterreich. 
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Schwierig liegen die Verhaltnisse bei Mondraketen. Hier ben6dtigt man ein 
sehr groBes A, um eine geniigende Leistung fiir den Empfanger zu bekommen. 
Aus Gl. (3) ist zu ersehen, daB diese Forderung mit einem einzelnen Dipol bei 
eroBen Wellenlangen viel leichter zu erfiillen ist. Aus ihr ergibt sich fiir 


A 26,9 m2 


0,92 m? 
A= 0,795 m A 0,075 m? 

Um also z. B. bei der vom Pioneer 5 beniitzten Wellenlange von 4 = 0,795 m 
mit einem Dipol eine ebenso groBe wirksame Flache zu erhalten, wie bei der vom 
Lunik II verwendeten von / 15m, mii®Bte entweder eine gr6Bere Anzahl von 
Dipolen zusammen geschaltet werden oder ein entsprechend groBer Parabol- 
reflektor benutzt werden. Beide Lésungen erfordern einen hohen Kostenaufwand, 
besonders dann, wenn noch gréBere Antennenflachen realisiert werden sollen. 
Die Erfahrung hat jedenfalls gezeigt, daf mit einem Dipol und den bei den 
russischen Luniks verwendeten Sendeleistungen bei / 15m ein Empfang bis 
auf Mondentfernung leicht méglich ist. 

Wird ein Satellit gestartet, so erfolgt die Bekanntgabe des Abschusses meist 
schon zwei Stunden spater durch die Rundfunksender des betreffenden Landes. 
Doch auch durch den 6sterreichischen Rundfunk erhalt man oft ebenso schnell 
eine Meldung. Leider ist diesen Berichten sehr wenig Konkretes zu entnehmen. 
Um doch die Signale abh6ren zu k6nnen, ist es zweckmabig, an den folgenden 
Tagen den Empfanger etwa zu der Tageszeit des Abschusses einzuschalten, zu 
der Zeit also, die der Ortszeit des AbschuBplatzes entspricht. Wie einfache Uber- 
legungen ergeben, schneidet dann die Bahnebene gerade den Breitenkreis des 
AbschuBortes auf der Lange des Empfangsortes. Dieser Punkt war meist schon 
geniigend nahe, um einen Empfang zu ermdglichen. 

Amerikanische Satelliten beniitzen meist Sender mit den Frequenzen 108,00, 
108,03 oder 108,09 MHz. Die Russen dagegen bevorzugen den Bereich zwischen 
19,990 und 20,005 MHz. Sucht man nun die betreffenden Frequenzen wahrend 
einer einem Umlauf entsprechenden Zeitspanne ab, so gelingt es oft, die Signale 
zu empfangen. Stehen genaue Bahndaten zur Verfiigung, so bedeutet dies eine 
eroBe Erleichterung fiir das Auffinden. 

Wahrend der nachsten Tage kann man die Zeiten der besten Hoérbarkeit det 
Durchgange feststellen. Bei einer langer andauernden Beobachtung duBert 
sich die Verschiebung der Knoten in einer Anderung der Zeiten der besten Hor- 
barkeit. Diese Anderung betragt etwa minus 15 bis 25 Min pro Tag. Weiters 
wurde festgestellt, daB die Zeiten zwischen aufeinanderfolgenden Durchgangen in- 
folge der Drehung der Erde um ihre Achse durchschnittlich um 3 bis 5 Min gr6éBer 
als die Umlaufszeit werden. Zur ungefahren Feststellung der synodischen Umlaufs- 
zeit verwendet man daher besser die Zeiten der Durchgange von aufeinander 
folgenden Tagen. Man stellt dabei fest, um wieviele Minuten die Signale an einem 
einer Beobachtung folgenden Tag friiher oder spater hérbar werden. Die bei det 
Berechnung auftretenden Mehrdeutigkeiten kann man meist durch die Messung 
der Zeit zwischen aufeinanderfolgenden Durchgangen beseitigen. Durch eine 
mehrmalige Anwendung dieses Verfahrens laBt sich leicht der Betrag der Ab- 
nahme der Umlaufszeit ermitteln. 

Mit einem selbst hergestellten Empfanger konnten bisher auf 20 und 108 MHz 


viele Raumsonden empfangen werden. Die Ergebnisse sind in Tab. 1 kurz zu 


sammengestellt. 
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Bei allen Satelliten konnte der DoprpLer-Effekt sehr gut beobachtet werden, 
doch ist fiir genauere Messungen ein extrem stabiler Empfanger und ein gr6Berer 
apparativer Aufwand ndtig. 

Die Satelliten des Discoverer-Programms konnten nicht gehért werden, da 
deren Frequenz geheimgehalten wird. Mit geeigneten Registrierempfangern, die 
automatisch den in Frage kommenden Frequenzbereich absuchen, kénnte dieses 
Geheimnis geliiftet werden. Eine gewisse Hilfe bilden dabei Photos von den dafiir 
vorgesehenen Antennen, die ganz grob auf die Wellenlange schlieBen lassen. 

Bei gréBeren Satelliten ist mitunter eine gleichzeitige visuelle Beobachtung 
moglich, doch erfordert dies ohne genaue Kenntnis des Fahrplanes sehr viel 
Geduld. Satelliten mit kleinen Umlaufzeiten bewegen sich sehr rasch iiber den 

limmel und grobe Instrumente kénnen nicht schnell genug nachgefiihrt werden. 

Man ist daher in erster Linie auf das freie Auge angewiesen. In dieser Hinsicht 
ist der am 12. August 1960 gestartete Satellit Echo-1, ein Ballon mit 30 m Durch- 
messer, ein ideales Objekt. 


Tabelle 1 





Frequenz 





















Name Beobachtungszeitraum MHz Art der Signale 
wert Ve 
Sputnik | 6. 10. 1957 10. 10. 1957 20,005 0,35 s Impulse, A, C 
Sputnik II] 16. 5. 1958 L7. 11. 1969 20,005 ahnlich Morse-L, A, 
Explorer IV 3. 8. 1958 30. 8. 1958 108,00 AM, Tone verschiedener 
108,03 Frequenz 
Lunik | 4. 1.1959 19,993 Impulse von einigen s 
Lange, A, 
Lunik I] 13. 9.1959 bis Aufschlag 19,993 Impulse von einigen s 
Lange, A, 
Vanguard III 23. 9. 1959 9. 12. 1959 108,00 PM Impulsmodulation 
Explorer VII 15. 10. 1959 12. 11. 1959 108,00 AM, ftinf verschiedene 
To6ne nacheinander 
Vanguard | 1. 2. 1960 9. 3. 1960 108,03 langsame Anderungen der 
Tragerfrequenz 
Tiros 2. 4. 1960 108,00 kurze Tone in 2 bis 15s 
108,03 Abstand, AM 
Transit Ib 14. 4. 1959 15. 4. 1959 108,03 periodische Trager- 
frequenz-Anderungen 
Sputnik IV 15. 5. 1960 2. 7. 1960 19,995 komplizierte Impuls- 
folge, A, 
Transit 2a 23. 6. 1960 LO8,005 schwache AM, ver 









schiedene T6ne 


AM 













1960 107,94 





. Amplitudenmodulation 
PM...Phasenmodulation 
.tonlose Telegraphie 






PIB Symposium on Electromagnetics and 
Fluid Dynamies of Gaseous Plasma 


The eleventh annual international Polytechnic Institute of Brooklyn 
scheduled for April 4—6, 1961 in New York City, be devoted to 
magnetics and Fluid Dynamics of Gaseous Plasma”’ » area of interest covers 
collective electromagnetic and fluid dynamic phenomena and their self-consistent 
analytical description in the temperature range characteristic of the transition between 
partially and fully ionized gaseous plasmas 

Correspondence should be addressed to: Symposium Committee, Polytechni 
Institute of Brooklyn, 55 Johnson Street, Brooklyn 1, New York, U.S.A 


Kritische Bemerkungen — Comments — Commentaires 


Die Schriftleitung plant die Einfiihrung einer Rubrik Kyritische B 
Die Leser werden hiermit eingeladen, kurze kritische oder erganzende¢ 
zu Arbeiten, die in den Astronautica Acta erschienen sind, an di¢ 
c/o Springer-Verlag, Wien I, Mélkerbastei 5, Osterreich) einzusenden. 

The Astronautica Acta plan to start a section of Comments. Readers are invite 
to send to the Editorial Office (c/o Springer-Verlag, Mé6lkerbastei 5, Vienna 
\ustria) short critical or supplementary comments on the papers published in the 
Journal 


Les Astronautica Acta désirent ouvrir une section de Commentaires. Les lecteurs 


sont invités a envoyer a |’Editeur (c/o Springer-Verlag, Mélkerbastei 5, Vienne | 


Autriche) de courtes remarques ou critiques sur les articles publiés dans le Journal 


Herausgeber, Eigentiimer und Verleger: Springer-Verlag, Wien I, Mé!kerbastei 5. — Fur d 
Dipl.-Ing. Dr. techn. Walter Peschka, Wien IV, Karlsplatz 13. — Fir den Anzeigente r 


Wien III, Paracelsusgasse 8. — Druck: Berger & Schwarz, Zwettl, NO 



















Power Supplies for Space Vehicles! 
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Abstract Zusammenfassung Résumé 


Power Supplies for Space Vehicles. It is becoming more apparent as space vehicles 
are developed for a variety of missions that a major limitation will be the availability 





of long life electric power sources. This dissertation discusses many of the problems 


Vol. associated with the development of such power sources 
1960 Energieversorgung von Raumfahrzeugen. Es zeigt sich, daB derzeit die Aktions- 


dauer von Raumfahrzeugen, die fiir die verschiedensten Aufgaben entwickelt werden, 
im wesentlichen von der Lebensdauer der verwendeten elektrischen Energiequellen 






abhangt. Vorliegende Arbeit er6értert einige Probleme, die im Zusammenhang mit 





derartigen Energiequellen auftreten 










Sources d’énergie pour les astronefs. Le développement d’engins destinés a 
remplir une variété de missions rend de plus en plus apparente la limitation con 





stituée par la disponibilité de sources d’énergie électrique de grande capacité 
| I 





L’article met en discussion un grand nombre de problémes posés par le développement 
I I PI 


de 







telles sources. 








I. Introduction 





/. Missions in Space 





It is becoming more apparent as space vehicles are developed for a variety 
of missions that a major limitation will be the availability of long life electric 
power sources. This dissertation discusses many of the problems associated with 
the development of such power sources and they are utilized in two different 
purposes. One is power for propulsion, and the other is electric power for devices 
which are used in communications packages, probes, navigation, weather surveil- 
lance, space, moon or planet stations, instrumentation, guidance and control, 
scientific observation packages, and devices for manned vehicles and an assortment 
of various servomachinery powered by electricity. An immediate observation 
concedes that reliability of the power system should be at least as good as the 
various electrical devices to be operated. A power system which will operate for 
several years is a goal to be sought. In terms of specific requirements, the power 




















1 Invited lecture at the XIth International Astronautical Congress, Stockholm, 
Sweden, August 15— 20, 1960. 
2 Chairman, Power Sources and Energy Conversion Panel, Institute for Defense 







Analyses, Research and Engineering Support Group (RESG) and Scientific Advisor 
for Advanced Research Projects Agency; 1825 Connecticut Avenue, N.W 
Washington 9, D.C., U.S.A. 
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system should be no better, or perhaps a bit better, than the electrical devices 
to be driven. Throughout this paper an attempt will be made to indicate the 
role of reliability in space power. The subject of reliability has been dealt with 
rather extensively in the field of electronics because a vast array of equipment 
lepends on it. If power systems for space are developed with a reliability such 
that the systems can be operated for a year or two, one may find that the elec- 
tronics in space vehicles are not quite as reliable. At the present time, solar cells 
coupled with nickel-cadmium batteries are the only power systems being 
currently used in U.S. space vehicles. Other types, however, are in development 
stages. Although there is experimental evidence to indicate that the solar cells 
with proper protection against radiation will have lifetimes (1 to 5 years), there 
is some pessimism regarding the reliability of sealed nickel-cadmium batteries. 
The thousands of cycles that this compact battery must be subject to and the 
normally slow but sure degradation that generally occurs at the electrodes and 
in the membranes has resulted in a present estimate of mean life to failure of 
four months where a low orbit vehicle is involved. However, if a space vehicle 
is in an orbit containing large amounts of high energy protons (1500 to S000 
miles altitude), little can be done to protect the solar cell for long periods of time. 

Communications. A satellite for communications purposes can either acquire 
information and store it, or acquire information and immediately relay it back 
to earth or to another satellite and then back to earth. Power requirements 
for such a system will vary greatly depending on the number of bands and signal- 
to-noise ratio desired. For military purposes, communications between the 
various armed forces and the various communications centers throughout the 
world in an almost instantaneous fashion will prove very useful. Intelligence 
involving messages by both speech and pictures can be sent. Anti-jamming 
will involve a great deal more power than would be expected where jamming 
problems do not exist. The use of communications satellites for public radio 
and television should also become a reality and may require large amounts of 
power. This power requirement depends on a variety of parameters such as the 
size and directional character of transmission antennae, wave length, distance 
to earth, size of receiver antennae on earth (are pictures to be relayed to big 
dishes first (100 ft. in diameter! and then distributed or should signals be 
transmitted directly to the variety of small antennae over the surface of the earth.) 
For a highly directional satellite antenna and a large dish on the earth’s surface, 
one watt of power only may be needed for the transmitter. For a small antenna 
on the earth’s surface (1 square meter), the power would rise to one kilowatt 
considering use of a highly directional beam from the satellite. For a relatively 
non directional antenna on the satellite, the power could rise to 500° or 
1000 kilowatts. 

Navigation. A satellite can send signals toward the earth and a doppler 
technique can be used for position determination. The accurate pre-determina- 
tion of the navigation satellite with respect to time and place will make it possible 
for both military and civilian vehicles to determine their place on the surface 
of the earth under all conditions of weather. Power will be required to drive 
telemetry equipment 

Cloud Cover. Photo cells sensitive to both visible and infrared radiation can 
be used to determine the character of cloud formation over the surface of the 
earth. Use of highly discriminatory equipment and a scanning technique together 
with a means of telemetry to the earth will require a modest power system. 
The Tiros vehicle has already accomplished a first mission in this respect with 
a solar cell nickel-cadmium battery power plant which has an output of 18 watts. 
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Space Stations. As the technology on satellites develops, it will be necessary 
to consider the use of space stations for economic purposes. A space station 
can be used as a depot for storing both equipment and supplies of importance 
to various satellites in flight as well as to maneuverable vehicles. The development 


of a scientific and engineering laboratory operated directly by men would be of 
immense value in the development of certain equipment for the future. The 
use of the space station to launch different kinds of vehicles should prove of 
great value. One can visualize a landing field for military, scientific and 
exploratory vehicles, interstation buses, trucks, and tankers. The space station 
can be used as an intermediary step toward landing manned vehicles and stations 
on the moon and, at the least, on Venus and Mars in the future. Such a space 
station would require power for the operation of equipment for maintaining 
life in the space station and equipment to maintain satisfactory temperature 
levels in the various parts of the space station and additional power for operating 
chemical plants. Certain materials transformed by such chemical plants could 
be more easily transported to space stations from the earth while in a safer and 
more convenient form. Power should be available to recharge various kinds of 
batteries useful for certain types of equipment in the space station. Power would 
be required for the various communications systems between the space station, 
other satellites, and Earth, Moon, Venus or Mars. Estimates on power require 
ments per man vary drastically depending on his time of stay, orbital position, 
methods of life support apparatus, and his duties. Five to fifteen kilowatts per 
man have been estimated. 

Moon and Other Planet Stations. Now there are only three extra-terrestrial 
bodies that appear feasibly explorable in the immediate future. They are the 
Moon, Mars and Venus. ‘The process of gaining information regarding these 
particular bodies will involve use of various kinds of vehicles before a station 
can be developed. First, some means of flying around these solar system bodies 
will have to be developed with appropriate information-gathering equipment 
Telemetry to the earth can be accomplished directly from thes« plan ts or by 
storing information on tapes and then relaying the information to the earth when 
a particular satellite is closer to the earth. The telemetry of information from 
Mars, for instance, will require approximately 25,000 times as much power as 
compared to acceptable telemetry from the moon, and this only when Mars 
is at 1ts closest approach to the earth (which is about 40 million miles). A continual 


supply of information from Mars would require even greater power. The kinds 

of power sources that could be possibly placed on these bodies would depend 

on the method of landing. A much more rugged system is required for hard 
] } rt ly 


landings. Ruggedness may involve increased weight as well as shorter lifetim 


in the equipment. Use of radioisotopes or a nuclear fission reactor may impail 
possible scientific measurements. Power for manned stations on the Moon, 
Mars or Venus will be similar in magnitudes as for the case of flying space 
stations. As added features, the heat and cooling loads on a planet with an 
atmosphere, such as found on Venus and Mars, and the requirements of powet 

1] | 


for conversion of chemicals found on these planets, as well as the moon, into 
useful ingredients such as food and water or propellants, will require large 


amounts of power. A manned operation on the moon may require a minimum 
of 100 kilowatts for say 3 to 5 men 
Propulsion. The economies in propellants accompanied by using a high 


specific impulse system for inter-planetary trips makes the use of electri 
propulsion attractive. Also, electric propulsion for attitude control of satellites 
where large perturbations occur, or where final positioning of a satellite is needed 
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(such as in a 24-hour orbit), appears much more economical in propellant use 
than do chemical or compressed gas propulsion. In all cases, it would be desirable 
to provide a power plant which could be converted to the use of either propulsion 
or station operation. Many systems are limited in adaptability. High voltages 
are required for the cases of ion propulsion, so that development of a high voltage 
(up to 50,000) static electricity generator might be desirable because of its lower 
weight-per-unit power output as compared to a magnetic field generator. 
Maneuverability of a space vehicle, deep space probes or trips, and transportation 
of heavy loads from low to high orbits or from earth orbits to extra-terrestrial 
orbits will become more economical with low weight electric power systems. 
One to five Ilb/kw. may be the best that can be achieved. For a specific impulse 
of 10,000 sec. in an ion engine, the power requirement is approximately 200 kilo- 
watts per pound of thrust. Long life capabilities required of this system in view 
of the complexity of the process of ejecting ions and neutralizing them will 
necessitate several more years of research before success. Dr. ERNST STUHLINGER 
in another lecture has discussed the problems in greater detail. 


2. Power Requirements for Space 

Depending on the particular missions in space and the kinds of equipment 
required to operate a space vehicle or satellite, the requirements of power and 
consequent kind of power system will vary widely. The following is a list showing 
several missions, the power possibly to be required, and the length of time required 
for operation. In the latter two columns a series of magnitudes is given to 
indicate possible requirements for a variety of units. The length of time can 
apply to any or all of the power magnitudes shown. 


Item Power Plant Sizes Lifetimes Needed 


Communications 100 w, 300 w, Il kw., 5kw., 
10 kw., 30 kw., 100 kw., 
300 kw. 
2. Navigation 100 w, 500 ; 10 kw., 
30 kw. 
Cloud Cover and 100 w, 500 w, 3 kw., 10 kw.., 
Weather Surveillance 3 kw., 10 kw., 30 kw. 
Space Stations 3 kw., 10 kw., 300 kw., 2 vears, 5 vears, 10 vears 
2 mw., 20 mw 
Moon Stations and 500 w, 5 kw., 30 kw., 2 vears, 5 years, 10 vears 
Other Planet Stations 100 kw., 500 kw., 1 mw. 
20 mw. 
Scientific Instru 50 w, 100 w, 500 w, 1 kw., Several hours, 30 days, 
6 months, 1 to 5 years 


mentation 5 kw. 
Propulsion 1 kw., 5kw., 10 kw., 30 kw., 6 months to 2 vears 
100 kw., 300 kw., 2 mw 


20 mw. 


Manned Satellites or 500 w, 5 kw., 10 kw.,, Several hours, 
5 


Maneuverable Vehicles 100 kw.., 00 kw., 2 mw., several days, 30 days, 


20 mw 6 months, | vear 


3. Types of Power Systems 
A variety of power systems can be described on the basis of several kinds of 
energy sources and power converters. Permutations and combinations involving 
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these two mayor classifications and other classifications such as individual 
components, fluids, and methods of arrangement in the whole system could 
involve several thousand types. In this instance and in this particular paper, 
only certain major systems will be treated although a more academic treatis« 
would include all varieties of problems and design parameters. It should be 
understood that only a relatively few types of power systems can be developed 
in order to prevent dissipating ones effort over too many exotic and probably 
impractical systems. Research on advanced ideas in energy conversion can b¢ 
widespread but development of flyable systems must be for a few well chosen 
types. Listed below are the ranges of power and lifetime possible with various 
types of power systems although it should be understood that certain of these 
lifetimes and power capabilities have not been demonstrated but are goals to be 
attained. The present literature, in certain cases, has been pessimistic regarding 
particular capabilities primarily because such writers were less enthusiasti 
about a particular system as compared to systems they would propose. We art 
in a position to encourage all parties to develop the various kinds of systems 
No particular system appears to have a major lead when considering the variety 
of parameters involved in the design and integration into a space vehicle. Several 
such parameters are cost, size, weight, launch forces, safety, reliability, materials, 
space, environment, storage of energy, etc. Under comparison, each system has 
advantages as well as disadvantages but some have a considerable lead in devel- 
opment. Advantages and disadvantages which have been quoted are not sub- 
stantiated, in many cases, by thorough research and development of a practical 
unit. The following are several of the systems which have appeared feasible 
depending on the task or viewpoint: 


a) Solar-Photovoltaic. Range of power from 0 to 5 kw. Lifetime 2 to 
5 years, cost $3 to $7 at present for a |] 2 cm. cell (available at thermal 


efficiencies from 6°, to 14°) plus labor, materials, and special assembly equip- 
ment which may be more expensive than the cell. The future may not bring 
higher efficiency cells than 14°, to 15°, but may bring a lower cost of production 
There are problems attendant in assembly for launching, unfolding in space, 
orientation to the sun and extra equipment for storage of energy when thx 
system is in the shadow of the earth. The greatest weakness at the present time 
is the reliability of the nickel-cadmium battery for storage of electrical energy 
Much research is needed here. Appendix I presents a brief review of some of the 
salient facts regarding parameters in the design of solar cell power systems fol 
space vehicles. 

b) Solar-Thermoelectric and Solar-Thermioni These systems are still 
untried, either as breadboard models on the ground or as a flying unit. In both 
cases a solar energy concentrator will be needed to concentrate energy on the 
hot side of the thermoelectric couple or thermionic cathode by means of a cavity 
absorber. The cold side of both converter devices will need to radiate heat to 
space and should be maintained at a relatively high temperature (at least in the 
range of 500° to 700°K) to keep the radiator surface area small. A rule of thumb 
is that a heat engine in space is optimized weightwise by maintaining the sink 
temperature 75°, of the source temperature on the absolute scale. For a sourc: 
temperature of 1000°C (possible with lightweight space mirrors), the radiatot 
temperature should be approximately 675°C. The range of electrical power undet 
consideration is 100 watts to 25 kw. Basic research in both thermoelectricit\ 
and thermionics should be vigorously pursued. Lifetime of such units should br 
six months to two years or more, depending upon the rate of deterioration of 
the materials. Lead telluride units used in gas heater controls have lasted as 
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long as 7 years. For high temperatures, thermoelectric materials other than 
lead telluride will be needed. Many research projects are pursuing this goal. 
Recent results have shown that off-stoichiometric mixtures with such compounds 
as cerium sulphide, samarium sulphide, thorium sulphide and gadolinium selenide 
have proven to be stable (with respect to non-diffusion of lattice vacancies which 
are centers for the production of holes and electrons with thermal energy) and 
have shown SEEBECK coefficients as high as 300 wv/°C in the range of tem- 
peratures from 800°C to 1200°C. More details can be found in NRL memorandum 
Report L037. In order to provide heat during the period when the device is 
in the shadow of the earth, a heat capacitor can be placed between the solar 
collector and the energy converter. The heat of fusion of lithium hydride, 
aluminum, silicon, beryllium or other chemicals can be used. Because of the 
high heat of fusion of LiH, a lighter weight unit can be built even though it has a 
lower thermal conductivity than aluminum. Storage of energy on the electrical 
side of the energy converter is more inefficient than with heat storage on heat 
input side. If energy is to be stored electrically, a solar cell-battery system would 
be more advantageous because the overall efficiency would be as good or better, 
and orientation of solar cell panels is relatively simple. The development of 
large size energy collectors and their alignment with respect to the heat absorber, 
as well as the orientation of the solar energy collection system to the sun presents 
major and almost insurmountable problems. 

c) Solar-Dynamic Engine Svstem. In this case the energy converter using 
heat from a solar energy concentrator can be either a turboelectric system or 
reciprocating engine electric system. Lifetime of operation for such moving- 
parts systems presents a problem when one considers requirements of operation 
of a year or two. The requirements of space power are causing a vigorous devel- 
opment of research programs in these relatively mature fields. Even though many 
vears of experience have been accumulated utilizing turboelectric engine systems, 
the high speeds, small sizes, high temperatures and liquid metal vapors encountered 
and sealing against a high vacuum presents new problems. Power below one 
kilowatt a to be impractical because of the size of the equipment in 
comparison with the power output. There is a limit below which parts must be 
made yjewlers techniques, a factor requiring expensive production methods. 
Reci hehe engines are f{ asib le to approximately 30 kw. A hot radiator in 
space with cana of liquid metals in a gravitationless field presents many 
problems to be overcome 

ad) Solar-Photoemission Systems. The development of this system is 
relatively new, involving the catching of the electrons ejected from a surface 
being irradiated by solar energy. Because of the similicity and low cost of a 
possible device based upon this principle, success could mean a major break- 
through. Power to several kw. is possible with lifetimes of 6 months to 1 year 
with large flexible blankets. Research thus far is embrionic and inconclusive. 

e) Solar Regenerative Fuel Cells. In this device solar energy is used to 
dissociate chemicals by means of photons or heat. The dissociated chemicals 
recombine in a fuel cell to produce electric power. Much research is required to 
find or synthesize chemicals which will perform efficiently. The power range for 
such a device would be from 50 watts to several kw. The lifetime should be 
6; months to 2 years, depending upon the compatibility of the a. with the 
material of the fuel cell system. Concentrating enough solar energy in the system 
will involve thermal problems as well as that of deve loping a solar energy collector. 
Also there must be a consideration of a gravity-free field in a liquid vapor system. 
The present research shows that the complex apparatus used will not provide a 
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better electrical energy storage capacity than nickel-cadmium batteries (as 
ciated with solar cells) and with much less reliability. Use with solar eners 
does not appear feasible at this time. 

/) Nuclear-Thermoelectric. Rapid development of thermoelectri 


and increased studies involving the utilization of thermoelectric material 
well as the state of the art of nuclear reactors, will make it possible to operat 
system involving nuclear heat and a static converter (thermoelectric devic 
for a power system. Much is to be accomplished in the utiliz 
electric materials with regard to compatibility in a nuclear reactor systen 
Thermoelectric materials integral with the fuel elements, or thermoel 
materials external to the core are methods of application. The external techniqu 
can involve encasing the materials against a hot, solid core or passing a corte 
heated fluid over the hot junction. Lifetime of such a system should be tims 
burnup of the fuel; however, careful study is needed to compare this factor 
the fast and thermal reactors. A major limitation on lifetimes is the temperatur 
maintained in the fuel elements. For a long life operation present technology 
does not allow temperatures much above 1200° to 1500°F at the surface of fur 
elements. Recent advances in the United States domestic power plant progran 


t 
utilizing ceramic fuel elements, and a concerted push by the AEC in the direc 
tion of developing high fuel element temperature technology should allow highet 
temperature operation in the future. Because the heat sink in the system must 


be maintained at a relatively high temperature in order to keep the heat dissipating 
radiator at a reasonable size, the hot side of the thermoelectric element should 
be raised to at least 1200°C to vield reasonable thermal efficiencies. The noxious 
character of radiation from a reactor presents problems with respect to operation 
of nearby electronic equipment or of a manned vehicl Much technology has 
been developed in reactor safety measures and, with proper precautions, such a 


i 


problem can be overcome. There are no trick methods of protecting against 
gamma rays. Distance or high-mass density materials must be used. Becausé 
of the non-scattering character of space, only shadow shields need be employed 

offering considerable savings in weight Orbit start on nuclear reactors will 
eliminate a complex ground handling and launch problem, but, in turn, introduce 
a complex remote startup problem. The range of power for such systems 1s 


difficult to predict because of the lack of technology in the use of thermoelectr 
materials with nuclear reactors; several hundred watts to approximately 100 kw 
should be possible. Recent research, however, has shown that a thermoelectn 
element under operation in a nuclear reactor is hardly effected by the radiatio1 
fields. The thermal and electrical conductivity and SEEBECK coefficients remained 
relatively constant after irradiation under dynamic conditions 

gv) Nuclear-Thermionic Systems Although the technology is somewhat 


different in the thermionic device as compared to thermoelectric device, in 
essence they belong to the same family in applied physics. The vacuum diode 


is the simplest device involving a hot cathode with a work function 
the anode and optimized for maximum power or efficiency as the case may be 
Because of the close spacing required (6 to 10) and the low efficiency possibl 
as compared to the vapor diode, little work is proceeding in this direction. At 
ionized vapor (cesium is in current use because of its low ionization potential 
of 3.9 ev)'is used to eliminate space charge, thus enabling diode spacing whicl 
can be easily constructed. Current densities above that for vacuum diodes with 
values of 10 to 20 amps/cm? have been mentioned. Although papers from Los 
Alamos named the device used there as a thermocouple in the usual sense, I would 
classify this device as thermionic. A dense plasma of ionized cesium vapor wit! 
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a temperature gradient acts like a leg of a solid thermocouple without the solid 
structure but with a similar electron density distribution. Here the mean free 
path of the electron is less than the diode spacing. Scattering and recombination 
of electrons by the cesium presents an additional power loss. With the high 
temperatures required at the cathode, heat radiation losses could be excessive. 
By maintaining the anode at as high a temperature as possible without causing 
back emission of electrons, the factor can be kept at a minimum. In the cesium 
vapor diode, the cesium condenses on the anode to provide a low work function 
as well as low emissivity. Cesium ions are produced at the hot cathode and have 
been noted to partially coat it as single atoms. The power range for a battery of 
such devices, external to or integral in a nuclear reactor, should extend from 
several hundred watts to many mw. A weight saving may result in using an 
integral thermoionic diodereactor over other systems under development. Recent 
studies, however, show that if the thermionic device is incorporated within the 
reactor involving a fuel element cathode and a liquid metal cooled anode, the 
reactor size may increase such that greater shield weights would eliminate the 
advantages of having the energy converter inside the reactor. Reliability, not 
weight, may be the most important factor. A high temperature liquid metal 
cooled reactor (fast spectrum) is very compact. There are several papers 
discussing this issue available in Energy Conversion for Space Power (Vol. 3) 
and Space Power Systems (Vol. 4) of the American Rocket Society Astro- 
nautics and Rocketry Series edited by the author and_ published by 
Academic Press. Electric propulsion systems will be more attractive if 
thermionics can be more effective in reducing weights or increasing reliability 
than now contemplated. The lifetime of such a unit will depend upon the 
deterioration of the thermionic system and in particular the lifetime of high 
temperature fuel elements. Six months to two years should be possible for mean 
life to failure, eventually. Most imperative is research on high temperature fuel 
elements. Many plausible ideas for compact, lightweight, efficient nuclear reactors 
will not come to fruitation without the availability of long life, high temperature 
fuel elements. Materials problems continually plague progress in this field. 

h) Nuclear-Turboelectric. This is a system which can be developed on the 
present state-of-the-art of both nuclear reactors and turboelectric equipment. 
The turboelectric equipment would be somewhat new because more stringent 
requirements on weight and size would be made. Lubrication problems for high- 
speed machinery required to operate for long periods of time in a radiation field 
are a challenge to those concerned with research and development of such 
equipment. The use of gases throughout the reactor and turbo system does not 
appear feasible because of the increased size of the radiator and heat exchange 
equipment. A RANKINE vapor cycle offers many more advantages for a space 
power system. Fluids for use in such a system can be listed among the liquid 
metals or certain liquid non-metals. The reactor coolant fluid and the power 
system fluid can be separated in a double loop. However, a single loop is possible 
involving the boiling of a fluid in the reactor. Such fluids as liquid sodium, Nak, 
rubidium, cesium, lithium, phosphorus, sulphur, water and mercury, are all 
relatively radiation damage-free. More information regarding the compatibility 
of these fluids with the various materials in the system, as well as their individual 
properties, must be obtained. Lifetimes of this system appear to be limited by 
the development of the turbomachinery rather than by the nuclear reactor only 
if the reactor is operated at reasonably low temperatures (1200°—1500°F). At 
higher temperatures one encounters increasing difficulties with both components. 
At the present time, there are several liquid metal systems under development. 
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At higher powers (300 to 1000 kw.), higher temperature liquid metals are used in 
order to prevent excess radiator areas. If one uses a rubidium system with 
condensation in the radiator, the surface area for a 300 kw. system radiator will 
be no larger than for a 3 kw. mercury vapor system at approximately 100 ft? 
Systems operating from six months to three years should be possible 

1) Nuclear-Reciprocating Engine System. Similar comments can be made in 
regard to this system as have been made in Item 4. However, the reciprocating 
system can be of two types. One is the steam engine type which operates in a 
closed cycle with a single piston and an attached boiler and condenser. The 
other is the STIRLING engine type which operates in a closed cycle with the 
fluid completely sealed in the engine proper. It has two pistons and operates 
with a gas such as helium and includes a regenerative heat exchanger. This 
latter engine appears attractive with recent developments indicating the 
possibility of a vibration-free system, high thermal efficiencies, low-speed moving 
parts. Specific problems on lubrication exist, though, for which a technology 
can be developed so that the engine can be made compatible with nuclear radiation 
and long life operation. Lifetimes to be expected in such a system should be 
from six months to three years. Powers should range from 3 kw. to 30 kw. 

k) Chemical-Turboelectric System. A relatively reliable system can_ be 
developed in the near future to provide a fair amount of power of the order of 
several hundred watts to several kw. The fuel to be carried poses the major 
problem. Observing reliability, and using known technology, non-radiative 
sources, and not too long a lifetime requirement, this system may provide a 
relatively low-cost device. Use of liquid hydrogen and oxygen taken into space 
should not pose difficulties in view of the large hydrogen-oxygen propulsion 
system now being developed. A hydrogen-oxygen system provides the lowest 
weight-to-energy storage ratio compared to other fuel systems. Lifetimes to be 
expected should be in the range of several hours to 30 days. The use of space 
stations where tankage can be provided may make such a system highly desirable 
in maneuverable flights which do not require more than several hours or days 
of operation. The range of powers for such a system would extend from several 
hundred watts to several kw. 

1) Radiotsotope-Thermionic or Thermoelectric or Dynamic Engine Systems 
The use of radioisotopes as a heat source is attractive in terms of a steady source 
for a reasonable length of time. One should qualify “‘steady’’ by saying that 
radioisotope’s decay can be compensated by providing an excess at the beginning 
of operation and just enough near the end of operation. This adds a problem of 
dissipating excess energy for a considerable period of its operation. Reliability 
of the heat source is evident. For radioisotopes with gamma radiation, a shielding 
problem exists when considering use of amounts as high as a mega curie. Use of 
alpha emitters with very weak or no gammas appears more attractive for many 
applications (as discussed under “‘Sources of Energy’’). Lifetimes depend on the 
halflives of the isotopes. A rule of thumb is that the operational power required 
would be just furnished when the radioisotope system is one half-life old. Power 
can be provided over a range from several watts to several hundred watts. At the 
present time, the only isotope that can be obtained in large quantities and still 
be useful as a heat source is Cerium 144. Because of the hard gamma emitted by 
its daughter Protactinium 144, a mega curie required for say a 100 watt system 
poses a serious radiation problem at launch. A shield weight of approximatel\ 
8000 pounds would be needed to protect personnel at the launch but would have 
to be removed before takeoff because such a deadweight is prohibitive in terms 
of launch capabilities and costs. 
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An isotope-thermoelectric system as has been demonstrated by the Snap II] 
developed by the AEC (with Martin Aircraft Co.) can be now used for space 
vehicles with more inherent reliability than the solar cell nickel-cadmium battery 
system (when a reliable battery is developed the picture will change markedly). 
The usefulness of such a system would be attractive by use of long life isotopes 
such as Strontium 90 and Plutonium 238, a beta and alpha particle emitter 
respectively. Power sources of the order of 10 to 30 watts can only be con- 
templated and this depends on isotope production capabilities. 


/. Weight Considerations of Space Power Systems 


Weight requirements can be divided into two classifications, one being for 
power station purposes and the other for propulsion purposes. The major dif- 
ference is that certain power stations can be heavier because of the lower orbit 
and the essentially stable characteristics of the orbit wherein the power plant is 
not required to move from one orbit to another. Propulsion units with high 
/,, and low thrust are more economical for space operations such as transfer 
from low to high orbits and travel to the moon or to other planets. High J/,, 
units are made possible by are plasma, charged particle and ion engines requiring 
large amounts of electric power. A low thrust-to-weight ratio makes certain 
maneuverability problems near the earth somewhat difficult. Large energies 
are required to change from one orbit to another and for a given low thrust the 
time required to move from one orbit to another is affected strongly by the 
weight of the power plant. Many facts and figures have been presented in the 
literature involving estimates of weight versus power, or weight-per-unit power 
versus time of operation, or energy storage per pound versus time of operation. 
Certain areas have been delineated to indicate the kinds of power plants to be 
used when a certain weight requirement and time of operation is specified. It is 
felt that certain inaccuracies exist in the specifications as presented primarily 
because unsubstantiated estimates have been made from existing state-of-the-art 
developments in small portable power plants. In some cases the weights are 
based upon building a power system using present technology. In other cases 
the amount of power to be developed is based upon what can be accomplished 
with present structural experience in space technology. Tor instance, it appears 
somewhat difficult, at the present time, to extend solar energy devices above 
| kw. because of the low energy density of radiation provided by the sun at o1 
near the earth’s surface. Larger power systems would require large surface areas 
or large solar collectors. It is true that much is still to be accomplished in 
developing this technology and determining the feasibility of such systems. It 
would be remiss not to try for the higher power ranges, at least to several kw., 
but with a goal of 25 to 30 kw. for the immediate future and a goal of 100 kw. 
if there is a success in the lower power ranges. Solar energy 1s continuously 
available, although at a low power density; solar energy does have relatively 
innocuous radiation as compared to nuclear energy sources. In the region below 
approximately | kw. the weight-to-power ratio should vary between 100 to 
1,000 Ib/kw. In the range between 2 to 5 kw. this ratio becomes 30 to 300 lb/kw. ; 
20 to 150 lb/kw. ratio applies at 10 kw.; 10 to 50 lb/kw. applies at 100 kw., and 
5 to 10 Ib/kw. at 2 mw. and up — all based on present estimates and technology. 
A futuristic goal to be pursued is a power plant at 1/10 lb/kw. but certain basi 
pieces of equipment are always required in heat engines and nuclear reactors 
(such as radiators and shields) so that the lowest value to be visualized is 
1 —5|b/kw. 101b/kw. appears to be as low as can be built in the high power ranges. 
l‘or the present, 20 to 100 Ibs. per kw. in a reliable system should be satisfactory. 
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Higher power range systems are generally needed for propulsion although certain 
quasistationary satellites will require relatively high powers, i.e., above 100 kw 
for station operation. 


). Relation of Ground Power Systems with Space Power Systems 


Portable power systems on the ground are now being developed, utilizing 
much the same type of energy sources and power converters as for space systems 
but subjected to an entirely different environment when compared to the space 
power systems. Space environment imposes certain restrictions and requirements 
Here, several will be named with corresponding relation to the ‘“‘ground”’ systems 

a) Radiative Heat Sink Only. (Cooling water or air is used as a heat sink for 
earth systems.) 

Meteoric Bombardment. (No high speed meteoric particles impinge upon 


earth systems.) 
c) Very High Vacuum. (Materials and containers on earth are not subject to 
high vacuum. Evaporation, leakage, strength of materials become new problems 


In space.) 

ad) Cosmic Radiation and Radiation Belt. (Equipment on earth is subjected to 
a relatively low radiation level: however, little information is available on the 
effect of radiation in space on the operation of power systems since extensive 
engineering tests in space have not been made as yet. Forty to ninety mevy 
protons, that have been reported as abundant, may effect certain special surfaces 
detrimentally. Electrons as well as protons can cause serious degradation of 
solar cells.) (This is discussed in Appendix I.) 

e) Gravitationless Field. (Gravitation is used on the earth’s surface to separate 
vapors and liquids in boiling and condensing processes. Gravitation can be 
utilized to aid in the movement of certain component parts in a vertical direction 
and provide a body force for free convection in heat transfer.) 

f) Inaccessilnlity and Long-Life Trouble-Free Operation. (Earth systems are 
easily accessible by humans and other auxiliary devices for maintenance.) 

2) Weight Restrictions. (Portable ground units can be ruggedized with the 
penalty on weight not being exceedingly serious. Movement of space systems 
from one orbit to another, for instance, requires a large expenditure of propulsion 
energy per unit weight. Increases in weight for special devices reflect on the 
initial cost of launching including all extra and necessary equipment in the 
vehicle as well as on the ground for handling such as shielding and hot cells for 
nuclear systems.) 

h) Launch Conditions. (Certain portable ground systems may require transport 
by air. However, various component parts can be transported in separatt 
packages and assembled to make a complete unit at the required site. Such 
packages are generally not subjected to the accelerations as found with space 
boosters. Assembly of power systems in space must be completely automati 
for most cases. Systems on earth can be assembled by teams of men. Some 
future space power plants can be assembled by men who work out of special 
space stations. We shall not know this too well for 15 to 20 years.) 

1) Kinetic Perturbations. (Moving parts on earth systems, although developing 
certain unbalanced forces, do not contribute a problem since these forces are 
counteracted by the structure which is fastened to a foundation solidly connected 
to the earth, or to an aircraft frame that can counteract these forces easil\ 
Because of moving parts, space systems will generally change attitude. Care 
must be taken to counteract forces by added space vehicle complexities 





N. W. SNYDER 


Il. Sources of Energy 


1. Chemical 


a) For operation of thermoelectric, thermionic, or thermomechanical engines, 
tanks of fuel can provide heat through an appropriate combustion device. The 
energy contained per unit weight of fuel makes this type of system prohibitive 
for long-life operation. “‘Long-life’’ means more than several days depending 
on the rate of power to be developed. Liquid oxygen plus a variety of oxidizable 
chemicals provides an attractive fuel. Most attractive in terms of energy content 
per unit weight is the hydrogen-oxygen system 

bh) Regenerative Chemicals. In this case chemicals would be used in fuel 
cells in a cyclic process wherein regeneration occurs by radiation from the sun 
in either a photo dissociation or a thermal dissociation. The use of nuclear radia- 
tion can also be made possible; however, the large amounts of radioactive 
substances in the attendant intense gamma radiation makes this method 
unattractive. At present, these systems appear. complex and unwieldy and 
deserve attention in the research phase only. 

) Galvanic Cell Batteries These power sources, although limited in energy 
content, are attractive because of their general reliability as compared to other 
means of electrical energy storage, provided extremes of temperature and opera- 
tion are not encountered. At present, they are the only means of energy storage 
for satellite systems. The nickel-cadmium cell is the only one which has been 
sealed and used for space vehicles as a chargeable battery. One test indicates 
that even those that have been supposedly sealed, leak in the high vacuum of 
space. This is not the serious problem with them and progress has been made to 
overcome this fault. Use of a sealed silver-cadmium battery is possible but is 
only in the development stage. The silver-zinc battery has potentials for high 
storage of energy per unit weight (70—80 watt hr/Ib) but is not sealable because 
of gas release and pressure buildup. It is used extensively as a primary or single 
discharge battery. Failures which have occurred in Ni-Cd batteries are separator 
membrane failure at high temperature (> 40°C), open welds, copper contamina- 
tion, internal shorts due to abrasive degradation of the separator membrane from 
cycling over short periods of time (low orbits of space vehicles involves a complete 
cvcle every 90 minutes), distortion of cells, structural failures, electrode degrada- 
tion where the anodic corrosion of the nickel electrode is the ultimate reason 
for failure if all other problems are solved. Research is required on separator 
materials, recombination of gases, assembly techniques, test procedures, non- 
magnetic cells, packaging of sets of batteries for better heat dissipation, diffusion 
of gases, reaction mechanisms, electrode development, sealed silver-cadmium 
and zinc systems, cell redesign. The more stringent requirements of space should 
inspire more research and may unlock the door to galvanic cells which have long- 
cvcle lifetime with high rates of power charge or discharge capabilities. The 
battery industry has had little benefit from the use of capable scientists and has 
therefore been more of an art. The stringent requirement for space vehicles 
needs more than artistry in assembling a complex array of chemical solutions, 


membranes, electrodes and containers for reliable long life (several years) opera- 


tion 
2. Nuclear 


a) Radioisotopes (Heat). Vhe radioisotope is a reliable source of heat but may 
be somewhat dangerous to handle. The danger is increased when the particular 
nuclide is a gamma emitter. Because of short-range radiation in solids or liquids, 
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alpha and beta emitters are the only types desirable. Some types have been 
receiving attention, one being Cerium 144 which emits a beta and a gamma on a 
260 day half-life, decaying to Protactinium 144 which emits a beta and a gamma 
(0.2, 1.2 mev gamma) with a 17 minute half-life, finally decaying to Neo 
dymium 144 which is stable. Cerium 144 is a fission product (6.1°, yield) and 
not exceedingly difficult to separate from used fuel elements. Promethium 147 
has a 2.6 vear half-life being a beta emitter with no gamma and decaying to 
stable Samarium 147. Because of its longer half-life, a great deal more of this 
material ‘is required for a given power level. Promethium 147 is available as a 
fission product (2.6%, yield) in used fuel elements but is difficult to separatt 
from other gamma emitting isotopes. Large quantities will not be available 
Polonium 210 has a 138-day half-life (somewhat short), and is an alpha emitter 
and a gamma (0.77 mev) emitter. It decays to stable Lead 206. Large quantities 
of polonium are difficult to obtain, being produced from Bi 209 cooked in a nucleat 
reactor with a low thermal cross section of 0.02 b. It is biologically mor« 
hazardous than the previous isotopes named. Also attractive but also biologically 
more hazardous is Strontium 90 (5.9°,, vield in fission) with a 28-year half-life 
and producing betas only. Two isotopes having some attractiveness are 
Curium 242 and Plutonium 238; both must be obtained from the chain of rea: 

tions which occur in natural or enriched uranium reactors. Cm 242 from the 
U 238 chain and Pu 238 from either the U 235 or U 238 chain. The amounts of 
Cm 242 obtainable are small but that of Pu 288 can be quite large by use of the 
U 235 chain in enriched reactors. Both emit weak gammas at approximately) 
0.05 mev with an «, ” reaction occurring from Cm 242 supplying a field of fast 
neutrons. Curium 242 with a half-life of 162 days decays to Plutonium 238 
which emits a 6 mev alpha. If a sufficient amount of Curium 242 is used, there will 
be too little of the daughter Plutonium 238 to subsequently provide heat by the 
ratio of the half-lives (approximately 0.05). Plutonium 238 has a half-life of 
90 years, emitting a 6 mev alpha. A large volume would be needed to provide 
sufficient heat for high power operation but it is attractive for long life, low power 
(several watts) systems. The handling problem of gamma-active radioisotopes 
in the launching procedures for a satellite is a major disadvantage. In Appendix II 
are some data on radioisotopes gathered by the research staff at Martin Aircraft 
Company for the AEC. 

b) Radioisotopes (Ionization). Application in this area has been limited to 
providing an extremely small current at a high voltage to charge a capacitot1 
or battery. There has been no practical development as vet in a substantial powe1 
device for satisfying satellite needs. 

c) Nuclear Fission (Heat). Three kinds of reactors can be constructed involving 
the characteristic fast, epithermal and thermal reactors. Epithermal and thermal 
reactors contain lower inventories of fissionable material. An epithermal reactor 
does not require as much moderator as the thermal reactor and can be optimized 
as the lightest reactor of the three types per unit power output. However, long 
life and large power outputs would seem to favor a fast reactor because of its 
higher inventory of fissionable material, but a variety of factors now being 
studied may favor the epithermal reactor. In the ranges of power above 100 kw 
where high temperature systems are needed, the fast reactor becomes highly 
attractive particularly where the materials needed are good absorbers of thermal] 
neutrons. 

d) Nuclear Fission (Ionization). It seems unfortunate that the energy of 
fission fragments and beta particles cannot be used more effectively. A reacto! 
built on the principles of energy conversion by ionization could use more of the 
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energy of the fission fragments in direct conversion to electric power. A goal for 
the future will be the discovery and development of such techniques. There 
would still be the requirement of a shield and a cooling system (radiator). 
SAFONOV of the Rand Corporation, Los Angeles has been experimenting with 
some techniques. He has also made several reactor design calculations based on 
this method of energy conversion. 

e) Nuclear Fission (Plasma Magnetohvdrodynamic Coupling). A paper 
presented by STERLING COLGATE and R. L. AAMopT in Nucleonics (15, 50 (1957) 
explains a device involving the traversing of shock waves in a fissionable gas 
which becomes critical at either end of a closed pipe. The electric coupling of 
the high temperature plasma (thus developed) with a metal coil presents an 
interesting technique for developing electric power. Much of the same type of 
idea has been discussed for the utilization of fusion energy. Lack of knowledge of 
the nucleonics, fluid dynamics, and thermodynamics, as well as the coupling of 
the plasma fields with the wire coils, in such a periodically transient system, will 
require a great deal of basic research and development if such a system is to be 
successful. Much information involving certain phases of this idea will be derived 
from certain work in the SHERWOOD project as well as from the general contribu- 
tions in the field of magnetohydrodynamics. 

f) Nuclear Fusion (Heat). It would be best to say here that even if fusion Ve 
could be successfully controlled in an experiment in the near future, the attendant 
engineering problems to develop the usefulness of such a system (even on the 
ground) are quite enormous. The primary effort that need be made, and which is 
being made by the AEC at present, concerns a study of the physics of various 
processes especially those causing the fusion. Little in the near future can be 
hoped for regarding the utilization of fusion for space application. Another ten 
vears may be required before we learn whether enough basic information will be 
available to take more directive steps. Novel ideas, one of which has been pre- 
sented by CHRISTOFILOS at Livermore involving the use of a high energy electron 
shell surrounding the plasma, may provide giant steps in the development of a 
workable machine. Experiments are now being performed at Livermore on 
this and several other projects. A great effort is being made on the figure eight 
configuration technique at Princeton. Other groups at Oak Ridge, Los Alamos, 
Naval Research Laboratories, and elsewhere in the United States, as well as 
groups in England and Russia, are pursuing this subject vigorously. All the 
various experiments have attractive features but they are primarily designed 
to develop a more complete physical understanding of the process; these involve 
the development and maintenance of the temperature of several hundred million 
degrees required in an effective fusion process. 

g) Nuclear Fusion (Plasma Magnetohvdrodynamic Coupling). Much is to be 
learned about the coupling of the fields from plasmas with electric coils. As has 
been stated above, the general subject of the physics of controlled fusion appears 
to be the only one of importance at the present time. 





















3. Solay Energy 





a) Thermal. In this case the solar spectrum of radiant energy is absorbed 
by a surface with a high absoptance. Solar energy in the form of heat is thus 
utilized in driving various kinds of thermal engines. These include devices depend- 
ent upon thermoelectricity, thermionics, turbines, piston engines and thermally 
regenerative fuel cells. Practical temperatures of 1,000°C can be obtained with 
solar mirrors of the type feasible for space involving a relatively lightweight 
structure. To develop much higher temperatures would require a great deal of 
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precision in the optics of the collector system and does not appear to be 
feasible. 

b) Photons. Here the quantum energy of photons in the solar spectrum 
is utilized to eject electrons in atomic structures resulting in photovoltaic, photo 
emissive and other photoelectric phenomena. Photon quantum energies can also 
be utilized to provide dissociation of chemicals for fuel cell work or in a direct 
photoelectrochemical couple. In the photo-regenerative systems area, the 
major effort has been spent in establishing feasibility with regard to the use 
of the photoreduction of dyes as the basis of a regenerative power system. Many 
dye-reducing agent combinations have been studied A scheme for photo 
regeneration has been evolved. Short-circuit currents up to 500 milliamperes 
have been obtained and continuous currents have been delivered for periods 
exceeding 15 hours. It was also demonstrated that current would flow in the 
reverse direction in the dark. Many problems still exist and must be explored 
These include: concentration polarization of the anode dye which is attributed 
to low solubility of the dye (this may be solved by the synthesizing or uncovering 
of dyes with high solubility or the use of non-aqueous electrolytes, either pure 
or mixed with water); finding of dyes with higher potentials (it will be necessary 
to carry out redox potential measurements); reversibility problem or the slow 
rate of the dark reaction between the reduced dye and the oxidized form of the 
reducing agent in solution with the dye (this will require a study of the factors 





1 influencing this reaction and a search for other reducing agents); and _ the 
960 determination of the photochemical quantum efficiency and the overall efficiency 





It is planned to continue investigations of the factors affecting the rate of 
the dark reaction. This will include a search for other reducing agents, a study 
of the effect of physical parameters such as temperature and rate of flow, 
determination of the effect of solution composition, an investigation into the 
purity of dyes and methods for purification, and a study of photo-electro- 
chemical phenomena 








If]. Conversion of Energy 






1. Thermal 






a) Thermoelectricity A vigorous program of research is being pursued in 
the United States because of the attractive possibilities for the use of thermo 
electricity both in commercial applications as well as in military applications 
For applications in refrigeration a major drive has been made using’ the PELTIER 
effect. A well-planned attack on the problem of utilizing thermoelectricity in 
power devices has been spearheaded in the Department of Defense by the Navy 
At the present time, a wide range of research is being performed on new materials 
as well as the development of several power plant systems. Dissipation of heat to 
space by radiation, wherein the size of the radiator varies as the surface tem 
perature to the fourth power requires that the cold junction of the thermocouple 
be maintained at relatively high temperatures, say 500° to 600°K. Materials 
must be developed, therefore, to perform satisfactorily in the range of 700° to 
1200°C. Research and development in this field is being strongly supported and 
the next year or two will show significant advances 

hb) Thermionics. Research and development in this field has really just 
begun, being somewhat behind that of thermoelectricity. The simplicity of 
thermionic device and its relative lightweight structure make it particularly 
attractive for research programs in space technology. An operational model and 
a nuclear reactor application have already been demonstrated. General Atomics 
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Atomics International, Westinghouse, Thermoelectron Engine Co., Lockheed, 
Martin Company, Livermore, RCA, Los Alamos and General Electric have 
recently contributed to the field. Great strides have occured over the past 
2 years for this class of energy converters since WILSON of General Electric 
demonstrated feasibility in 1958. The plasma diode operating with a 
high cathode (reactor fuel element) temperature could cause a sharp change in 
reactor technology if the high temperature fuel element were sufficiently improved. 
RCA’s HERNQUIST has recently shown that a third electrode with a high work 
function for purposes of vapor ionization can be used in a cesium vapor triode 
to make it possible to operate the cathode at a low work function with a tem- 
perature of 1100°C rather than 1800°C as with the case for the vapor diode. 

c) Dynamic Heat Engines. Turbines and piston engines can be operated 
either in an open-cycle or closed-cycle system. The open-cycle type requires 
a tank of working fluid, or better than that, a tank of chemical fuel which, in 
turn, provides, after combustion, the hot gases necessary to drive the engine. 
Depletion of this fluid occurs in a short time. A closed-cycle system requires a 
sealed fluid system with an external source of heat. This heat is supplied by 
either solar energy or nuclear energy for long term operation. 

d) Pyro-Electric Effects — Pyro-Magnetic Effects — Galvano-Magnetic Effect. 
These are some of the other phenomena that have not been exploited or are not 
as vet feasible. An interesting effect is the thermoelectric effect of ion diffusion 
between the hot and cold electrodes of a galvanic or fuel cell. 


2. Photons 


a) Photovoltaic Cells. The solar cell now in use is $ millimeter thick with 
a boron doped 1 « P-layer on top and an arsenic doped layer for the remaining 
thickness. Such cells are sensitive to a small region of the solar spectrum (0.4 to 
1 «) and convert solar energy at a maximum possible efficiency of 19°% based 
upon the total solar spectrum. At present practical solar cells are laboriously 
manufactured with an efficiency of approximately 7°, to 10°. Recent work 
at Hoffman Electronics has produced a cell at 14°, using grids on the P-layer 
to reduce series resistance loses. It is possible to develop individual cells with 
efficiencies higher than this but the only cells worthy of discussion are those which 
can be mass-produced. From a research and development standpoint, one 
wonders why some cells have been made to provide as high as 18%, over-all 
efficiency but cannot generally be reproduced in mass production. One can also 
demonstrate higher efficiencies spuriously in laboratory testing of solar cells 
by merely using a test lamp of proper spectral characteristics. Some work is 
necessary to establish proper standards in this field. 

In a new variation the x — # solar cell using a silicon-phosphorous ‘‘n’’ layer 
on top has been recently investigated at the Signal Corp Laboratories (USASRDL) 
by CHERRY and colleagues. The most significant result has been that the “n”’ 
exposed layer is much less sensitive to electron radiation (> 140 kev) damage 
than a ‘‘p” exposed layer. 

Although silicon has been used primarily in the development of solar cells 
because of its availability and because of the progress made in silicon transistors, 
there are other semiconductors which supposedly have higher theoretical effi- 
ciencies as well as respond to different portions of the solar spectrum. Cells made 
from these materials have exhibited lower efficiencies than silicon. In fact, it 
is not particularly worthwhile to develop new materials in view of the relatively 
high efficiencies attained with silicon. Some of these materials are Indium 
Phosphide, Galium Arsenide, Cadmium Telluride, and Cadmium Sulphide. An 
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intriguing possibility is the combination of several such materials in an array 
which responds to a wider portion of the solar spectrum. Assuming that a feasible 
system of this sort can be developed, efficiencies as high as 35°, were estimated 
as possible. Recent research has been somewhat disappointing in this direction. 
Other techniques involve the use of very thin layers of semiconductors which 
can be made into a lower weight system and may possess better electrical prop- 
erties. One is intrigued by the thought that a large sheet of photovoltaic cells 
can be rolled up for launching procedures and then unfurled when in space and 
layed out on the moon. 

b) Photoelectric Emission. Recent developments have been made with a 
device which provides a substantial current and voltage from the simple process 
of having electrons ejecting from a surface by solar photons, and catching them 
in an anode screen a short distance away. Possible methods of construction and 
low cost of the material, as well as the simplicity of the massproduction technique, 
indicate a possible device that could be a thousand fold less costly than the 
present photovoltaic cells, as well as being more easily placed into space 
Research in the past year has not produced any significant progress. 

3. Chemical 

a) Galvanic Cell Batteries. Much has been written and presented on this 
subject. The nickel-cadmium battery is attractive from a long-cycle life stand- 
point but must be operated at low discharge and even lower charged rates. On 
the other hand, silver oxide batteries have high discharge rate capabilities but 
poor cycle life properties. Batteries are needed with both capabilities 

b) Fuel Cell Batteries. The use of fuel cells in space is possible either in 
terms of a once-through fuel system or a regenerative fuel system. The once- 
through fuel system, particularly in the well-developed hydrogen-oxygen cell or 
hydrox cell, provides an apparently reliable system which can give high currents 

but only over a relatively short period of time, depending on the fuel tankage. 
The regenerative system in conjunction with solar cells can be used as an electri 
storage device. A simple means of regeneration concerns the hydrogen-oxygen 
system, wherein the combined water from the fuel cell is electrolyzed by a current 
from the solar cells during a period when the solar cells are being irradiated by 
the sun. During the shadow period the fuel cell can be placed into operation, 
making possible the utilization of the supply of hydrogen and oxygen gas formed 
during the generation period. A difficult problem involved in such a system is 
the separation of a hydrogen and oxygen gas from the liquid in the electrolysis 
device while in a gravitationless field. Using the centrifugal force of a spinning 
system is an obvious method of developing an artificial gravitational field. 
Results of research have shown that the system described will be heavier than 
galvanic batteries and probably much less reliable. Also, the voltage regulation 
between charge and discharge at low temperature is poor, thus resulting in low 
efficiencies. Recent work by General Electric on an ion-exchange membrane 
H,, O, fuel cell has shown that a sealed system can be built which acts as a storage 
battery without moving parts to separate gas from liquid during charge periods. 
The gas collects in pockets on one side of a porous electrode separating liquid 
from gas and during discharge the gas (either H, or O,) diffuses into the electrode. 
Although this system operates at low temperature because of the ion-exchange 
membrane, the charging (electrolysis) voltage must be high (1.7 volts) and the 
efficiency of the cycle is low (because of the discharge voltage of 0.4) at 25%. 
Another interesting feature in both the regenerative fuel cell as well as the 
galvanic cell battery concerns the loss of electricity in the regeneration period. 
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In this situation there is considerably less than one hundred percent efficiency 
of conversion of chemical energy to electrical energy during the discharge period. 
For the case of a satellite in the shadow 50°, of the time, and where the regenera- 
tion efficiency is 70°, and the discharge efficiency is 70°,, the number of solar 
cells required to develop a steady power will be three times that which will be 
required to operate the satellite system during the sunny side only. If the system 
is unoriented, then a factor of four is also used. (See section VI, Item a.) 
/. Fission Fragments 

Direct conversion of fission fragment energy (90 mev_ per fragment) to 
electricity is a goal to be studied more strenuously. Efficient conversion of the 
energy by an lonization technique can prove to be a major breakthrough. Some 
experimental work is now in progress. 


IV. Storage of Energy 
/. Thermal Energ\ 
a) Heat of Fusion. An effective manner of storing thermal energy concerns 
heat of fusion of solids rather than heat of vaporization of a liquid. In this way 
the storage system can be maintained at low pressure, therefore, requiring a 


thin-walled vessel only. For a given temperature, more energy can be stored Vc 
because of the constant temperature properties of materials during a phase € 
change. Storing energy by merely changing temperature and relying upon 1¢ 
specific heat characteristics would involve a very large temperature change and 


a relatively uneconomical system. Two materials with somewhat different 
properties (lithium hydride and aluminum) can be compared. Lithium hydride 
has a higher heat of fusion than aluminum, although it has a much lower thermal 
conductivity. This latter feature can be overcome by interlacing a heat exchange 
system to prevent large temperature drops during the heating and cooling phase 
of operation. Certain studies have already shown that lithium hydride would 
involve less weight per unit of heat stored. Other materials to be considered 
involving different melting point temperatures are silicon and beryllium. 

b) Heat Capacity. Unless materials are found with unusually high heat 
capacities, this system would involve large temperature changes both during 
heating and cooling. Because there are no substances having large heat capacities 
(the heat capacity during heat of fusion being in essence, infinity, and meaningless 
in use in this respect), such systems do not appear feasible. 

c) Dissoctation of Chemicals. Increased research on chemicals usable for 
a fuel cell research may lead to an attractive closed-cycle system. Dissociation 
can be accomplished by photolysis, pyrolysis or electrolysis. In this same category 
are the rechargeable, galvanic cells. Research is needed to increase the cycle 
lifetime and discharge rate characteristics of galvanic cells as well as to decrease 
their weight. Much research is required to find chemicals for a regenerative 
fuel cell which uses a high percentage of the energy supplied for dissociation 
(70°, to 90°,,) and recombines efficiency in a fuel cell. 

d) Excited States in Solids. It is possible to excite solids so the positions 
of the atoms are in a semi-stable form or so electron states are in a semi-stable 
form. No practical system has been demonstrated because energies involved are 
very small. 

2. Photons and Nuclear Particles 


a) Dissociation of Chemicals. — The most promising area concerns the use of 
photons since their energies in the ultraviolet, visible, and infrared regions are 
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of approximately the same order of those energies needed for chemical dissocia- 
tion. The photons from gamma rays, which are available in profusion from 
certain radioisotopes like Cobalt 60, have very high energies (1.25 mev) and can 
dissociate various chemicals into component gases. Because of their high energies, 
the cross sections of interaction with atoms is low and many escape. A low energy 
gamma emitter would be more applicable. One case which has been studied a 
great deal in recent years because of its use in cooling nuclear reactors concerns 
the use of water. The efficiency of such a system is poor. An effective system 
for dissociating water with gammas would require approximately 100,000 curies 
of Co 60. Most of the radiation would not be absorbed, a situation which creates 
a difficult shielding problem. The attendant problems at launch of a space vehicle 
and the radiation to the vehicle make this type of system unattractive. The use 
of alpha and beta particles is more desirable and would require an intimate 
mixing with the chemical in use. This may be entirely possible. This dissociator 
develops a gas which can be separated rather easily by use of an artificial 
gravitational field from a slurry of radioisotopic particles (5 to 20 microns in 
diameter) in the chemical which has been returned from the fuel cell. Neutrons 
as well as fission fragments are both economically produced in a nuclear reacto1 





and can be used in a similar manner. A regenerative chemical for use in an 
Vol. electrochemical couple which shows some promise is the O, — O, system. 


Regeneration is much higher with charged particles from nuclear reactions than 
for water by about 20 times. The system appears complicated and not feasible 
at this time. 

b) Excited States in Solids. It is believed that the ionization produced in 
solids with nuclear particles may be able to improve the characteristics of 
thermoelectric materials considerably above their present capabilities. In general, 
a more thorough understanding of the physics of semiconductors and the solid 
state may lead to interesting and perhaps exciting developments in the area of 
conversion of nuclear particle energy directly to electricity 

c) Charging Capacitor Systems. Commercial devices of this sort are now 
available from the Radiation Corporation but they are used primarily for 
triggering operations in electrical systems rather than as a means for storing 













substantial amounts of energy. Continued research in this area may lead to a 





more effective means of storing electrical energy than that of having high voltages 
with an exceedingly small current. It should be noted that high voltages are 
attractive in some electrical propulsion systems 







3. Mechanical 






Two systems that can be visualized are the use of springs and fly wheels 


Storage of energy in fly wheels has the disadvantage of causing perturbations 
in the attitude of a satellite which may not be desirable where attitude control 
must be accurate. A recent study has shown that an electric motor fly wheel 
system could possibly store energy as well or more reliably in a solar cell system 








as compared to batteries. The use of springs, which involves the storage of 
energy in both tension and compression in a solid, will not cause significant 
kinetic perturbations to a satellite but can be used to store a substantial amount 
of energy for short-term use. For certain special applications (evolved only 
during the design phases of future satellites), the spring can afford a very effective 
and reliable source of power. Storage of energy in the springs during periods 
of non-use can be provided through the general power system of the satellite 

driving a low-power electrical motor through a gear train over a long period of 
time. This system, if regenerative, would be valuable when used for short periods 
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of time, provided there were long intermittent periods between use. Although 
spring technology is quite ancient and much has been developed in the last two 
decades because of the requirements of machine technology, a good hard look 
at the basic mechanism of storing energy in the spring is encouraged. With 
many recent advances in the understanding of solids one may be able to evolve 
new ideas in the storage of energy in solids due to compressions and tensions. 
Such an arrangement is accomplished rather easily in the spring system. Another 
method of storing energy concerns the compression of gases or liquids that boil 
on release of pressure. This idea is now being used in space technology for special 
propulsion needs. The method is somewhat obvious and little more need be said. 
/. Electrical 

a) Capacitance. There are cases where it is desirable to store energy in 
electrical capacitances and utilize this energy over a short period of time. Without 
the use of cumbersome inductances and resulting lack of control during the 
discharge period, applications are generally limited. The thickness of dielectrics 
used are generally ten times greater than theory indicates. Some research could 
possibly reduce this factor. 


h) Electrolysis. The storage of electric energy by the dissociation of a 
liquid into component gases can be highly efficient — depending on temperature 


and pressure of the liquid. The most familiar system now developed is the 
hydrogen-oxygen fuel cell with regeneration of water (by electrolysis) to H, and O, 
in a closed system for space application. Two types are being developed, one 
operating at a low temperature (room) and pressure (1—10 atm), and the other 
at high temperature (500°F) and high pressure (40 atm). The H, and O, formed 
must be separated from liquid H,O in a gravitationless field and stored in tanks 
for later use. An advantage of the high pressure, high temperature fuel cell 
lies in the electrolysis which is more efficient than that attained with low tem- 
perature and pressure. Also included under electrolysis are the familiar galvanic 
cell systems, involving storage of electrical energy in Lead Acid, Ni-Cd and 
Silver Oxide-Cd cells. 


V. Special Problems and Special Components 
/. Dissipation of Energy in Space 

a) Practically all the energy absorbed by a power generation system must 
be dissipated in space by radiation in the visible or infrared regions. Some of 
the energy is dissipated as electromagnetic energy in the wave lengths of the 
order of 1 cm (or greater) as in the case of communications systems. Because 
the sink temperature of space is approximately 0 degrees Kelvin except in the 
direction of nearby planets, or the direction of the sun, radiators dissipate energy 
directly proportional to T,*. For a given amount of energy to be dissipated, 
the surface area of the radiator varies as the temperature to the fourth power. 
Therefore, it is important that the temperature of the radiator be kept as high 
as possible, other factors being constant. 

When considering energy incident upon the radiator from the sun or from a 
nearby planet, the dissipation of energy will be radiated, in essence, according 
to the radiator temperature with an exponential power less than four. This sort 
of rough analysis is inaccurate because the weight of the radiator must be 
optimized, and not merely in terms of just raising its temperature as high as 
possible. It is obvious that the radiator temperature could be raised to that of 
the source of heat. In this case, zero power would be developed. The whole power 
system weight must be optimized in terms of the characteristic features of each 
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component. There is a general rule of thumb that the radiator temperature 
should be approximately 75°, of the source temperature on the absolute scale 
if the system is to have a minimum weight. This rule is not entirely valid for 
a solar mirror system. In a complete system using a solar collector and a heat 
reservoir, one finds that as the sink temperature increases, only the radiator siz 
decreases. All other parts of the system increase in weight because of the reduc 

tion in thermal efficiency of the heat engine for a given source temperature. The 
engine refers to any one of various thermal energy converters; namely, thermo 
electric, thermionic reciprocating pistons and turbo equipment. This simple 
analysis is not particularly valid for a nuclear electric system but can be shown 
to be the case for certain cases utilizing solar mirrors, and a heat reservoir for use 
during shadow period operation. For this solar system, an increased coolant 
temperature or sink temperature causes an increase in weight of the solar 
collector assembly, heat reservoir and heat engine, and the electric generator 
remains constant in weight for a given power output. Various problems art 
associated with radiators and much study is required regarding the use of fluids, 
transmission of heat, sealing, surface treatment and emissivity, structural prob 
lems, weight optimization, materials problems and temperatures associated with 
them. Diffusion of gases through walls can occur; other leaks can develop 
through various joints of the structure when subjected to high vacuum of space 
Impingment of micrometeorites can cause holes in vessels if not deflected by 
special guards. The use of fluids to transfer heat from the engine to the radiator 
involves pumping problems, power requirements thereof, and fluid compat- 
ibility with the radiator. Thermal properties of the fluids will affect the size and 
weight of the radiator system. The study of heat transmission in radiators 
includes the transmission of heat by the fluids, the radiation of heat, development 
of stable high temperature, high emissivity surface treatments that do not 
evaporate, and an understanding of the transfer of heat by condensation of a 
vapor on the internal radiator surfaces, while under the condition of a gravita 

tionless field. In order to remove the liquid from these surfaces, one can think 
of using a sweep gas (the vapor to be condensed) to provide a frictional force on 
the liquid (collecting as a film). The removal of liquid can be accomplished by 
the introduction of an artificial gravitational field wherein the fluid or whol 
system spins. Spinning makes it more difficult to control the satellite attitude 
because of the gyroscopic forces, and the vibrational perturbations caused by 
uneven flow of the liquid (water-hammer or slug-flow effects). Orientation of 
a large solar mirror in such a spinning system would require extra power for the 
seryo-device performing this function as well as adding further problems to the 
general attitude control of the satellite. Using a sweep gas effect in the radiator 
to remove the liquid film presents the unattractiveness of high pressure drops 
occurring in two phase flow. However, thorough studies of the various problems 
involved in the items discussed will place them in their proper perspective, and 
some successes have occurred in designs and tests over the past year. Becaus« 
a nuclear reactor does not require orientation to the sun, any technique involving 
rotation of the system to develop an artificial gravity field will not incur the 
complexity of overcoming gyroscopic forces when trying to orient the whole 
system toward the sun as in the case of solar mirror collectors. Spinning a fluid 
by the use of vanes inside tubes has demonstrated some very interesting facts. 
During boiling, bubbles will form away from the walls because of the pressure 
gradient. Accelerations of the fluids as high as 10,000 g have been experimentally 
tried. More research in this area is contemplated with designs using spinning 
fluids in a tube already being incorporated in certain nuclear reactor designs 
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») Transmission of heat from various electric-consuming devices, such as 
motors and electronic apparatus, will be required to prevent overheating of the 
system. Dissipation of the heat to space must be eventually performed by a 
radiator. The simplest concept consists of an arrangement where these power 
consuming devices radiate their heat directly to space or, if inside a container, 
radiate the heat to the container which, in turn, radiates the heat to space. 
Radiation in this particular instance is considered only on the basis of a gasless 
container. It would help to have a gas in the container, a gas such as helium, 
and one which has good heat transfer properties. Because free convection does 
not exist (gravitationless environment), some means of stirring the gas must be 
provided. If the whole system is spun (providing an artificial gravitational field) 
the problem can be overcome. In all cases where spinning is used, power and 
propulsion must be used to overcome friction developed by the relative movement 
of fluids inside the container. A simple technique is to provide a small fan inside 
the container. If all of the equipment is connected to some heat-conducting base, 
such as aluminum, a great deal of the heat can be transferred to a fluid-cooled 
point, the heat then passing to a large surface area radiator. A major problem 
arises here in that the temperature to be maintained in much of the electronic 
equipment or instrumentation is quite low. However, assuming that the tem- 
perature of the system must be maintained in compatibility with the most 
sensitive part of the whole system, we find that the fluid required to transfer 
this heat must also be maintained at a low temperature. This leads to a relatively 
low radiator temperature or to a very large radiator surface. An optimization 
study may show the feasibility of introducing a heat pump (or refrigerator). 
This arrangement furnishes a cold fluid for the dissipation of heat in_ the 
electronic and electrical systems and provides a high temperature fluid which can 
be cooled in a radiator. It is interesting to note here that developments in 
thermoelectric materials to be used in the PELTIER effect are well advanced and 
a valuable technique appears to be available for cooling the devices just discussed. 

c) Where an over-supply of electrical energy exists, energy dissipation will 
involve some sort of high electric resistance glow ball. Such a ball can be placed 
near the satellite with a good reflector to protect the vehicle and can be allowed 
to heat to temperatures of 3000° to 5000°F, if necessary. Materials are available 
for such service. The best example of such a situation involves the use of radio- 
isotopes. Here the total power supply after a period of approximately one half- 
life is that energy supply required for the system. This means that, for the initial 
decay of one half-life, energy must be dissipated. At the beginning of the opera- 
tion, approximately the same amount of energy as is being supplied the electrical 
system must be dissipated. Another way, of course, is to dissipate some of the 
heat by providing a radiator connected thermally to the isotope heater. If a 
glow ball is used to dissipate extra electrical energy, one must be careful not to 
use a material that emits an abundant supply of electrons to the surrounding 
area — possibly causing disturbances in a communications system or in a sensitive 
instrumentation package. 


?, Space Environment 


Although various items to be listed hereunder have been mentioned in the 
subject material (above), it would be best to gather this material as a summary 
under one heading. To resolve problems associated with placing satellites and 
vehicles and their associated equipment into the peculiar environment of space 
will take some time. Increased efforts are being made both in testing on the 
ground as well as in using engineering laboratories in space. Such space 
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laboratories could be devised for evaluation of component performance. Cleverness 
and ingenuity will prevent too many highly expensive overall testing methods 
which, for the most part, do not provide the detailed information on the basi 
phenomena and individual component reactions, a condition which is necessary 
lor intelligent engineering of future space projects. Certain subjects should be 
thoroughly investigated and are listed here: Micrometeorite densities, sizes and 
velocities, their effects, and the protective methods and materials preventing 
destruction of a satellite or space vehicle’s operational function. High vacuums, 
which prevent the use of many lubricants on exposed bearings, make seals less 
effective, change the surface strength characteristics of materials, increase 
gaseous diffusion through materials, and make heat transfer by radiation tl] 

ill of these conditions 


le 


only possible means of dissipation of energy to space 

being disadvantageous. Concerning advantages, one can say that certain devi 

such as vacuum thermionic diodes, can be designed so that the vacuum between 
1] 


the plates requires no special equipment for producing vacuum in space. No 
a satellite 


es 


corrosion occurs in a high vacuum. The gravitationless field present in 
affects such phenomena as boiling, condensation, heat transfer by convection 
and separation of gases from liquids in electrochemical devices. An advantage 
of the gravitationless field will be the possibility for constructing large-size, 
lightweight structures which need only be designed to provide sufficient strength 
for structural alignment, and integrity. Only minor forces are required fot 
attitude control of the structures and their accelerations are small. If a spinning 
device system is used to provide a gravitational field for such components as 
the radiator, then greater structural strength will be required. Inaccessibility is 
a salient feature in our general space technology. It will be generally more feasibl 
to replace a complete satellite system rather than send a man to repair it when 
certain componential failures occur. Where large, heavy-weight satellite systems 
are placed in operation, the use of space mechanics may become feasible In 
general, satellites will be highly inaccessible and all component parts of the 
system — in this particular instance the power system — will have to be developed 
with long-life capabilities involving lengths of time as specified earlier in the paper 
Thermal radiation is the only means for dissipating heat from a satellite. Ther 
is no atmosphere to absorb certain parts of the solar energy spectrum before 
irradiation of thermally-heated devices or photoelectric devices. Some difficulty 
occurs where systems are subjected to the environment found in the VAN ALLEN 
radiation belts. Space environment is advantageous when using a nuclear reactor 
because gas molecules are not present to scatter gamma radiation on the 
operational part of a satellite, whether manned or unmanned. A nuclear reacto1 
in space need only be designed with a shadow shield 


#7 


3. Launching and Orbiting Forces and Conditions 


a) Ground Preparation. For the case of launching a radioactive heate1 
1 


power system where gamma rays exist, such as obtained with Cerium 144, provi 


vehicle system for launching. Also, provisions must be made fo1 
heat generated by the radioisotope, or if the electric power plant is put 
operation, for dissipating the electrical energy while still on the ground. Such an 


operation is not necessary for the nuclear reactor if it is not to be run or checked 


nucleai 
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li 
1 be 


out while. the space vehicle is on the ground. However, the assembly of a 
the acti 


reactor power system would require some checkout process before 
launch. This could be done just before take-off when all personnel woul 


removed from the area. Then the reactor could be checked on 
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become critical before takeoff. Lightweight structures, such as solar collectors 
or special radiators, may require a folding technique with the appropriate setting 
of various triggers to unfold the structures when the satellite is in its proper 
attitude. All of these special preparations varying in complexity and expense 
should be added to the overall cost of the power system so that a better compar- 
ison can be made between the various power systems. The startup difficulties 
with a nuclear reactor or the unfolding and aligning of a mirror remotely in space 
are conditions which are probably more unreliable than those of operation once 
started. Also included in this original expense is the probability that the launch 
will be unsuccessful because of certain features in the power system that may 
upset the takeoff process as well as the cost involving the reliability of the power 
system becoming operational once it is in space. These are somewhat intangible 
but approximate figures can be developed as an aid in the overall evaluation. 

b) High Acceleration. Systems designed to have delicate features and 
plausibility on the basis of ground tests may not survive the forces of launching 
when a limit of some eight g’s is reached during takeoff accelerations. 

c) Acoustics and Vibrations. Cognizance should be taken regarding sound 
waves and vehicle vibrations which are transmitted to various parts of the power 
system during the launching period. It would be valuable to have information 
available on the sound intensities and frequency spectrum in the nose of the 
launch vehicle in the vicinity of the power system. Also of value would be 
information on intensity and frequency spectrum of mechanical vibrations that 
can be transmitted to the power system during this period. Certain analyses 
should be made regarding the natural frequencies of the various parts of the 
system and provisions made against the breaking of parts or wires which would 
trigger a subsequent malfunction. Shake tests on the ground are easy to perform 
on the ground and have been used to improve the strength of systems. 

d) Failure of Vehicle at Launch Pad or in Flight While in Atmosphere. — Protec- 
tion must be carefully designed for the case of launching a radioisotope power 
system and a nuclear reactor power system. If at the launch pad the vehicle 
fails in a violent explosion, the power packages should be able to withstand the 
forces and temperatures involved. The same can be said of the vehicle which 
fails while going into flight and still in the lower atmosphere. Here exists a 
consequent possibility that the radioisotope or nuclear reactor power system 
would be catapulted back to earth. The use of the nuclear reactor is not considered 
as dangerous as that of the radioisotope for the reason that U-235 (before fis- 
sioning) does not constitute a biological hazard, a condition at take-off. Radio- 
isotopes, however, are most active at take-off. Careful engineering design can 
overcome this hazard. A further conceivable failure would involve the condition 
where the space vehicle comes back into the atmosphere with a partially melted 
power system and strikes the earth in a populated area. A welldesigned system 
which can withstand ground forces can be partially opened during the re-entry 
phase and spill on the ground. The probability of such an occurrence is almost 
nil on the basis that these systems can be designed to burn completely in the 
upper atmosphere. This appears entirely safe and feasible from recent studies. 
Satellites with nuclear reactors can be flown in orbits where the vehicle lifetime is 
greater than one thousand years. Even when falling back towards the earth, they 
will generally strike some unpopulated area and bury themselves rather deep into 
the ground or sink in an ocean. Design for use in long life orbits will lessen the 
problem. 

e) Perturbations of Attitude by Dynamic Energy Converters. This has been 
previously discussed. 
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f) Solar Pressures. The use of large surfaces, such as solar mirrors provides 
an added problem of satellite orbit control, caused by the slight but definite solar 
pressure. An additional provision must be made in the satellite to overcome 
accelerations that will occur. 


/. Solar Concentrators 


A concentration of solar energy can be made by mirrors, lenses and various 
other optical techniques. Evaluation of some of the systems indicates that a 
high accuracy is needed while attaining a relatively high temperature of 1200°C 
at the concentration area. It appears now that parabolic mirrors are the most 
effective. Unfolding methods possible in space are inflatable plastics with 
foamed substrates occurring once in space and possessing aluminum coatings, 
unfolding segments of a foam plastic substrate which was originally formed on 
the ground with a mechanical structure. Studies of the problems have been 
made by Electro-Optical Systems and ABMA (now George Marshall Space 
Flight Laboratory, NASA) under the auspices of ARPA for which there is a 
comprehensive report. A precision mirror with plastic foam backing weighing 
0.2 to 0.3 pounds per square foot has been constructed. General Electric and 
Goodyear have experimented with an inflatable device and Thompson Ramo 
Woolridge, Ryan Aircraft Company, Allison with mechanical devices. Project 
“Sunflower” under auspices of NASA will attempt to build and fly a 3 kw. 
mirror-turbomachinery system in three or four years. Great accuracy is needed 
at the periphery of the mirror because the surface area per unit radius of mirror 
is greatest and because reflected rays travel the furthest and at the narrowest 
angle with respect to the absorber. Accuracies to approximately one half degree 
on the angular position of these surfaces are required. Orientation of the whole 
mirror toward the sun must be approximately one to two degrees. Prospects 
are not optimistic. Although higher temperatures are desirable from the stand- 
point of CARNOT efficiencies, the cost of development may increase rapidly. 
Further, the reliability of successful launch of a solar concentrator (once in 
orbit) decreases rapidly as the size increases. Much research and development is 
required to establish the feasibility of solar concentrators, particularly for power 
plants providing greater than one kw. electrical power. 


). Orientation of Solar Ceils, Collectors and Radiators 


a) First one must provide a sensing device having optical properties and 
scanning intelligence. It would be either thermally sensitive or photosensitive. 
The sensing device should provide a relatively widely varying signal to the servo 
system, depending upon its orientation to the sun. 

b) Servo Devices. There are two types which may be developed, one being 
the electro-mechanical type which involves the use of electric signals and electric 
motors for orientation of the solar cell collectors or radiators in the particulat 
direction for which the sensing system has been instructed to seek. The second 
case is thermo-mechanical; this case simply utilizes the forces that can be devel- 
oped upon heating various substances on the structure of the system. Gas 
pressures and bellows involving a thermally sensitive liquid vapor system, or 
bi-metallic devices could be used. This latter type is relatively limited in scope 
but should be thoroughly investigated before elimination. Of importance is the 
fact that when the solar collector system is oriented, it will be oriented with 
respect to the satellite when a direct electro-mechanical device is used. In turn, 
the satellite must be stabilized by some propulsion technique or fly wheel 
technique to prevent satellite change of attitude because of the forces developed 
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in the orientation of the solar collection devices. Increased cost, supplies and 
equipment involving this feature should be charged against oriented solar systems. 
Orientation of solar cell panels need not be exceedingly accurate because their 
solar response is directly proportional to the cosine of angle between the normal and 
the line of sight to the sun. At a deviation of 10°, the reduction in performance 
is only 2.5°,,. Experiments have shown that there is no great problem in orienting 
solar panels. More discussion will be found in Appendix I. 

c) For proper orientation of solar cells, collectors and radiators, some linkage 
and structural system must be developed so that the forces involved in the 
orientation can be transmitted properly without permanent distortion of the 
solar device. 

d) Bearings and lubrication are specific problems in considering the orienta- 
tion of mirrors and solar cells where the power system position is_ varied 
independently of the satellite package. In this case, some type of bearing must 
be developed. It is entirely possible that bearings may be unnecessary and a 
flexible connection would suffice, provided the orientation of the solar power 
device does not rotate continuously in one direction. A bearing which is exposed 
to the high vacuum of space is difficult to lubricate and the friction which will 
be developed presents a problem when this bearing is exposed to space over a 
period of one to three vears. 


6. Reliability 


a) The operation life-time goal for certain satellites is one to five years. In 
some cases a guarantee of six months will receive happy reception. 
1) Cost of booster vehicle systems and the number used per vear for certain 


operations must enter power systems engineering evaluation. In other words, 


if the goal for one power system is operation for one year without interruption 
and if for other power systems, replacement must occur every three months 
by the launch of a new satellite, then the comparison between the systems involves 
a penalty (on the shorter life system) of the cost of the extra boosters and vehicles 

for this case, three extras. If the cost for placing a space vehicle into orbit 
is $10,000,000 with three needed for operational use and their lifetimes are 
(, months based on the power plants, one would decide to develop a better power 
plant before going operational or support a strong program of research to develop 
a better power plant with a life expectancy of one to two years. Eventual savings 
would be 30 to 90 million dollars. A key factor, then, in justifying a broad research 
program is reliability and one must view projects with this in mind. 

c) Moving parts machinery requires long, expensive development for space 
power systems in order to develop reliability of operation involving one to five 
vears. A variety of machines must be tried. It is not at all clear, at present, 
that so called static systems will be as reliable in, say, the next ten years. 

d) Static devices such as photovoltaic, thermoelectric, thermionic and photo- 
emissive systems appear to be more reliable because of the absence of moving 
parts. However, one must be cautioned along two lines in this regard. First, 
deterioriation of the materials may be more rapid than realized, particularly 
with high temperature operation and nuclear radiation environments. Secondly, 
certain types of systems utilizing static converters still will require moving part 
machinery in order to transfer heated fluids from a heat source (a nuclear reactor) 
to the energy converter. An electromagnetic pump would circumvent this 
problem. If a thermionic diode is constructed integral with a nuclear 
reactor, than an anode must be cooled with the heat being dissipated in 
a radiator. In fact, both thermoelectric and thermionic devices will require a 
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means of transferring heat from the cold side through a radiator to space 
Several designs indicate an integral system involving a heat source on one side 
and a radiator integrally attached on the other with no fluids or pumps required 
Only the periphery of a nuclear reactor is useable in this case, and the power 
level, therefore, is limited. 


7. Materials 


Materials’ will require extensive investigation because of the environment 
and long life required in space. The following subjects are of interest in space 
technology. (1) More radiation resistant solar cells. (2) Effect of solar energy 
(ultraviolet region) on plastics and glass. (3) Use of glass covers for solar cells 
(4) Development of plastics more resistant to ultraviolet radiation. (5) Strength 
of various materials in fatigue when in a high vacuum and bombarded by 
micrometeorites. (6) Bearings which can operate in the vacuum of space. (7) Seals 
which do not deteriorate or leak in space. (8) Gas-tight impervious materials for 
containing liquids or gases. (9) High temperature (up to 2000°C) nuclear fuel 
element cathode materials for thermionic diodes. (10) Thermodynamic, heat 
transfer and corrosion properties of boiling and non-boiling alkali metals, Na, K, 
Rb, Li and Cs. (11) Research on electrodes and membranes for galvanic and fuel 
cell batteries. (12) Bonding of thermoelectric materials for electric insulation o1 
thermal contact. (13) Thin film semiconductors for solar cells or thermoelectri 
elements. (14) High temperature materials in electric generators 


§. Re-Entry Problems 





a) Radioisotopes may, upon re-entry, burn up or come through the atmosphere 
and hit the earth at high speed. Should a system involving radioisotopes be 
designed so that burnup is complete while in the upper atmosphere? If this is 
the case, what kind of casing materials are there which can withstand accident 
at launch as well as burn up easily upon re-entry into the atmosphere? Studies 
have shown that burnup of a radioisotope capsule would be acceptable because 
the amounts involved are essentially undetectable after dispersion in the upper 
atmosphere. 

hb) Nuclear reactors cause the same kind of problems as radioisotopes after 
they have been running for some time, because of fission product build-up 
In order to have no dangerous isotope present that can spill after a launch failure, 
it is considered safest to start a nuclear fission reactor once it has reached a safe 
orbit. Here the space vehicle can orbit sufficiently long so that nuclear activity 
of the isotopes reduces to a negligible amount after the reactor has become 
subcritical. This may amount to several hundred to 1000 years. High tem- 
perature fuel element reactors can be designed for bleeding off fission gases, 
helping the fission build-up problem as well as the fuel element materials integrity 
problem. On the other hand, one could try to design the reactor for complete 
burn-up upon re-entry. The solution is not obvious because reactors are built 
in such a way as to withstand many stresses, with materials in the reflector 
which are probably ablative and fuel elements which are ceramic in characte1 
Having an explosive charge available is not plausible because these materials 
deteriorate rapidly under nuclear radiation. Having the reactor become super- 
critical at a given signal does not appear plausible because a start of melting will 
change the reactor configuration sufficiently or its inherent negative temperature 
coefficient (which one desires for stability) will shut down the reactor before 
much is accomplished in initially dispersing the reactor. There may be othe 
ideas but they will be hard pressed to show feasibility. Therefore, an orbital 
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start may be the only answer with a perigee of not less than 600 miles whenever 
nuclear fission reactors are used. 

c) In the case of all power systems, there are the problems of re-entry and 
recovery for evaluation and study. Much research and development is now in 
progress to develop techniques of recovering satellite packages. 


VI. Miscellaneous Advantages and Disadvantages 


a) There is a major penalty for operation with solar devices when substantial 
shadow periods occur — found in low orbits. The penalty is paid in the require- 
ment of extra solar collector surface or extra cells in providing storage of energy 
for use in the shadow portion of the satellite’s orbit. For the case of a 300-mile 
orbit, the shadow time is approximately 50°,, and, assuming that the efficiency 
of energy storage is 70°, and the efficiency of recovery of this stored energy is 
70°,, then the total number of solar cells, or the total surface of the solar energy 
collector, must be three times that which is needed during direct exposure to sun. 
For example, suppose we need 200 watts of electrical energy. This power is 
furnished by approximately 20,000 square cm. of solar cells oriented directly to 
the sun. With a storage system of the efficiency just described, a total of 
60,000 sq. cm. is required. Other inefficiencies in converting the electric power 
from the solar cell into more useful form have not been included and will not 
be introduced here for simplicity’s sake. If the solar system is not oriented then 
four times as many solar cells will be required. For the case of non-oriented and 
equatorial orbit, there will be, then, a grand total of 240,000 sq. cm. of solar cells. 
Solar cells at the present time come in about a 1 « 2 cm. flake; thus, we need 
120,000 solar cell flakes. Considering that all cost of materials and assembly 
of the system results in a price of $10 per solar cell flake, the total cost of the 
system just described would be approximately 1.2 million dollars. Assuming 
that a well-oriented system can be developed, only 30,000 solar cell flakes will 
be required at a total cost of approximately $300,000 or so. However, the orienta- 
tion system itself may be somewhat expensive with some degree of unreliability. 
Malfunction of the orientation device could easily pay for a non-oriented system 
because a new satellite would have to be put into orbit. It should be noted that 
at a high orbit with only 20°, shadow time, the non-oriented system cost reduces 
to $600,000 and the oriented system to $150,000. Solar power svsiems require 
greater orientation in low orbits as compared to the high orbit satellites. See 
Appendix I for further discussion. 

b) A penalty must be charged against certain radioactive systems because 
of the large amounts of gamma radiation which require shielding in flight where 
sensitive instruments or electronic equipment are involved, and special shielding 
techniques developed at launch. It should be stated further that radioisotopes 
are expensive. New isotopes that are being contemplated for the near future use 
are Cerium 144, Curium 242 and Plutonium 238. The AEC is supporting work 
to continually establish more scientific and engineering facts in the use of radio- 
isotopes. An advantage for radioisotopes is that a sufficient amount can be 
collected to provide a reliable source of heat for a substantial length of time. 
The half-life of Cerium 144 is 290 days, for Curium 242, 160 days, for 
Plutonium 238, 92 years. If sufficient amounts of Plutonium 238 can be man- 
ufactured, a long-term heat source can be developed. A factor effecting use of 
long half-life radioisotopes is the weight or volume of the material as well as the 
vapor pressure of the compound needed to provide a sufficient amount of power 
at a reasonably high temperature at the outer surface of a capsule. 
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c) Heat engines involving the turbine or reciprocating piston construction 
have the great advantage of providing a relatively high thermal efficiency. In 
the near future one can only see such engines in use where substantial amounts 
of power are required of the order of several kw. or higher. A disadvantage of 
these kinds of engines is the question of reliability of moving parts for long-life 
operation. In general, for all heat engines whether they be moving part or static, 
where mechanical or electrical energy is produced from the available amount 
of energy derivable between a source temperature and a sink temperature, a 
disadvantage occurs because of the large amount of heat which must be 
dissipated to space by radiation only. The amount of energy to be dissipated 
appears worse for the static devices which have not been thus far developed 
with high thermal efficiencies, and the situation appears best with the presently 
developing STIRLING engine which can produce thermal efficiencies in the range 
of 40°,, it has been claimed. In contrast, solar cells do not operate on this 
principle since they depend upon the utilization of photon energy directly, 
although the problem does exist there in preventing the system from over-heating 
when subjected to large solar energy densities. Approximately 90°, of the solar 
energy appears as heat in the cells. Therefore, glass slides cemented to the cells 
effectively increase the emissivity in the infrared regime and causes a considerable 
reducing in temperature of the cells (~ 40°C). Heat engines operate at high 
thermal efficiencies with high source temperatures. This adds considerably to 
the materials problem when trying to develop a system which must have long life. 
One must recognize that steam turbomachinery have been known to operate 
steadily for 7 years without shutdown and servicing. At the present time, more 
confidence rests on turbomachinery. Several turbomachinery liquid metal vapor 
systems are thus under development. 

d) A major advantage of solar energy systems over nuclear energy systems 
is that nuclear radiation does not exist. A disadvantage as compared with nuclear 
energy systems is that energy density for power available is low. A nuclear reactor 
can be operated to provide heat at a rate on one million Btu per hour per square 
foot while the sun only provides total energy at the rate of approximately 350 Btu 
per hour per square foot. This amounts to a ratio of nuclear energy density to 
solar energy density of approximately 3,000, a factor which means that only 
nuclear reactor appear feasible for power requirements greater than 10 to 30 kw. 

e) If solar cells or solar concentrator systems require an orientation device, 
one may find that the complexities involving a complete servo system increases 
the degree of unreliability particularly where a bearing is involved. One must 
take this into account in evaluating oriented solar power systems against other 
power systems. There have been no particular solutions for the problem of 
furnishing a long life, free running, bearing in the vacuum of space 


/) Solar cell systems are very expensive although nuclear reactor development 
will be equally expensive. 


_g) Nuclear isotopes have a time limitation. 

h) Use of nuclear radioisotopes requires that excess energy be dissipated at 
the beginning of operation. 

1) Nuclear fission reactors can be developed to operate for several years, 
this being a considerable advantage when reactor operation is maintained at 
high power levels. It will be possible to build nuclear reactors developing electric 
power as high as 30 to 60 kw. in five years and 300 to 1000 kw. in 8 to 10 years 
In case of launch failure, nuclear fission reactors are not dangerous, as compared 
to radioisotopes. 
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k) Nuclear reactors are compact and a nuclear reactor thermoelectric or 
thermionic conversion device properly developed promises an excellent weight- 
to-power ratio as well as a lower cost-per-unit power at high powers (50 to 
1000 kw.). The development of electric propulsion systems requires that low 
weight-to-power ratio power plants be developed. A chicken-and-egg type of 
problem exists in the electric propulsion field. The question might be asked: 
should one proceed to develop high-powered nuclear electric power plants before 
we know that electric propulsion systems are feasible? The immediate problem 
is to develop and learn whether electric propulsion can be made possible. But the 
long-range problem will be the development of high-powered electric power 
plant systems with nuclear energy as the only feasible source. Because of the 
long leadtime required to develop these special nuclear electric power systems, 
one cannot wait the two to three years to discover whether a practical electric 
propulsion system can be developed. Because large-powered nuclear electric 
power systems will be usable in other ways in space beside propulsion, we should 
proceed with great vigor in this direction. The field of nuclear energy is marked 
by an exceedingly well developed experience. I am very confident that in the 
next five years we shall see a great many amazing developments in this field. 
In cooperation with the Army, Navy, and Air Force, the AEC military reactors 
program involving portable reactors has contributed immensely during the 
last three to ten years. The progress that has been made has been a combination 
of research and development thrusts into new kinds of reactors by both the 
competent AEC-sponsored laboratories and the numerous industrial firms 
involved in research development and systems engineering. The Aircraft Reactors 
Branch of the AEC has spearheaded great strides for space application but this 
work is only a beginning of what should come. However, basic research in 
materials (coolants, fuel elements, etc.) has lagged and makes present reactor 
development difficult. 

/) Nuclear reactors do have a limited time of operation depending upon their 
temperature classification, fluids used, and the amount of fuel which is really 


art of the classification of reactors involved. 
I 

m) Nuclear reactors may furnish a sufficient amount of radiation to cause 
special problems in the various kinds of satellites involving communications, 


scientific instrumentation, operation of sensitive electronics devices, and men. 
Unless sufficient shielding is provided, a nuclear reactor may be difficult to use 
in special cases. 

n) Nuclear reactors are continuously in operation and no storage of electrical 
energy is needed as compared to that for the solar power systems. 


VII. Conelusions 


A conclusion usually enumerates several specific items of importance in a 
paper, but I shall merely make a concluding statement based upon a variety of 
items presented above. Although many advantages and disadvantages appear 
in the problem of providing a practical power plant system over a wide range of 
power and time of operation, it appears that we have a sufficient variety of 
possible power plant systems to fit the various categories of sources of energy 
coupled with methods of energy conversion. A great deal of enthusiasm has 
developed in this field over the past year and many competent scientists and 
engineers are becoming aware of the challenge that is involved. Entirely new 
ideas or new concepts either based upon what is already known in science, or 
what is yet to be discovered, will increase the number of possibilities of power 
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systems for space. A serious question can be raised regarding the spread of effort 
over several development programs involving different principles. Should not 
one choose a very few systems and use the best talent in a more concentrated 
form? One can always ask, which group has the best talent? The variety of 
concepts can be pursued in a wide research effort, with only a few development 
programs based on well proven research results, particularly in the field of 
materials. We need competent engineering to cope with this problem of optimum 
choice and many engineering designers and scientists must change their line of 
sight and provide the necessary aid in this program. Applied scientists in industry 
and in universities must help in developing new materials, new concepts, new 
theories, and interpret the voluminous, complex information that is flowing 
from the pens of fundamental scientists. A stronger fundamental science base 
must be developed to cope with the problems now before us. We are searching 
for methods to perform tasks, such as have been enumerated in this paper, that are 
far beyond our present experience. Research by well oriented, interdisciplinary 
groups of experienced scientists and engineers who are thorough, will overcome 
many of the perplexing problems facing us today 
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1960 Solar Cell Power Systems for Space Vehicles! 





/. Introduction 








On May 3 and 4, 1960 a symposium was held under the sponsorship of the 
Advanced Research Projects Agency by the Institute for Defense Analyses. 
Ten programs involving solar cell power systems for current U. S. space vehicles 







conducted under government sponsorship were discussed by the project engineers 
who directed these programs. This paper will highlight and summarize the results 
of that symposium for this session, where possible 









2. Discussion 








It is becoming more apparent that the electrical power supply for space 
vehicles is an important consideration in the design of that vehicle, particularly 
where requirements for power are above several hundred watts. Reliability and 
weight are of prime importance in considering the design of these power supplies 
For the short term mission of missiles and rockets, various forms of batteries 
have served as the electrical power supply. In this application, only a minor 
use of chemical turbo-machinery APUs have been made. Orbiting satellites and 
long time space probes require considerably increased levels of energy, and the 
weight of electro-chemical devices becomes excessive Solar energy and 
photovoltaic converters have been used successfully on several satellite designs 
and are the only power supplies being considered for the immediate future 





















Silicon solar cells have been the devices used for converting solar energy into 


electricity with the storage of energy being accomplished by the nickel-cadmium 





battery. This paper will be directed toward the general engineering considerations 






applied to the vehicles discussed in the symposium mentioned above. In some cases, 






the data is classified and, therefore, has not been included. Several of the key people, 





their laboratories and corresponding space vehicles who were involved in the above 






mentioned Symposium are 







1 By N. W. Snyper and R. W. Karcuer, General Electric, MSVD 
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CHARLES BURRELL, Lockheed, MSD, Sunnyvale, Calif. (Samos, Midas, Discoverer). 
RICHARD KARCHER, General Electric, MSVD, Philadelphia, Pa. (Advent). 
RAYMOND MILLER, Space Technology Laboratory, Los Angeles, Calif. (Pioneer). 
RoBERT HAMILTON, Jet Propulsion Laboratory, Pasadena, Calif. (Ranger). 
WALTER Scott, Applied Physics Laboratory, Silver Spring, Md. (Transit). 
SHERMAN WINKLER, Radio Corporation of America, Princeton, N.J. (Tiros). 
GEORGE HuNRATH, USASRDL, Fort Monmouth, N.J. (Vanguard, Courier, 
Pioneer, Tiros, Explorer). , 

The power level of the system affects two design factors, the stabilization 
method and the array design. Vehicles requiring less than one hundred watts 
have been spin-stabilized. This reduces the complexity of the stabilization sub- 
systems; however, the increased number of solar cells increases both the weight 
and cost of the array by approximately a factor of 4. Vehicles such as Pioneer, 
Explorer, Tiros, Transit and Courier were designed in this manner. Above 
100 watts, the vehicles are designed to be stabilized and employ sun oriented 
panels for the mounting of the solar cell. Samos, Midas, Ranger and Advent are 
examples of space vehicles in this category. 

Power at 100 watts is not an exact transition point from non-oriented to 
oriented solar cell systems. It is the approximate power where the increased 
weight of the 75°,, non-working solar cells becomes greater than the orientation 
sub-system. Also, the larger area covered by the solar cells on a spin-stabilized 
vehicle becomes excessive. This increased coverage also affects the ability of 
the vehicle to dissipate heat and provide proper antennae and also restricts 
location of censors. Quite obviously the specific mission must be analyzed to 
determine the most advantageous method of operation if the power level is 
approximately 100 watts. 

Each space vehicle has a prime mission other than that which requires an 
optimization of the power supply, in which case the designer must make a 
considerable effort to integrate his sub-system into the vehicle in such a manner 
as not to seriously affect that particular mission. For this reason, it is difficult 
to compare directly the many designs which are possible. Some general observa- 
tions may be made which will indicate appropriate design approaches for a wide 
range of vehicles and missions. An approximate relation between the power level 
(100 watts) required and the array configuration (non-oriented vs. oriented) has 
already been indicated. The mission altitude will influence the system design 
in several ways. The natural phenomena of charged particle radiation (electrons, 
protons) is a function of altitude, and its intensity affects the solar cells unfa- 
vorably in proportion to the radiation. The peak intensity of electrons in the 
200 to 800 kev energy range is 108 e/cm*sec. For protons in the 40 to 60 mev, 
the peak intensities are 2 x 104 p/cm*sec. and 10? p/cm?sec. for the inner and 
outer VAN ALLEN radiation belts respectively. It has been shown that protec- 
tion can be provided by glass slides of various thicknesses, depending upon the 
level of radiation to be expected. A ‘“‘non-browning”’ glass is needed in order to 
transmit solar radiation to the cells as well as provide a surface whose emissivity 
in the infra-red regime is high. At the present time, precise data on space radia- 
tion is not available and much investigation by various scientific probes is 
necessary before the engineer can be sure of his information for purposes of 
design. The glass slide further protects the cell from micro-meteorite erosion. 
Little information is available on this parameter. It is presumed that protection 
against high energy particle radiation is sufficient also for protection against 
micro-meteorite erosion. For altitudes up to 500 miles, a 6 mil slide with an 
ultraviolet rejection filter and anti-reflection coating appears standard. At higher 
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altitudes, the glass thickness increases rapidly to provide a shield from the more 
intense VAN ALLEN radiation to as much as 70 mils. Fig. 1 shows the relationship 
The glass thickness is a function of the mass required to absorb and reduce 
particle energy down to 145 kev, the value below which silicon cells are not 
adversely affected, i.e., lattice defects in the p-layer of the cell are minimized. 
The physical phenomena involving degradation of the solar cell current density 
is that the minority carrier lifetime in the p-layer is reduced as lattice disturban- 
ces are increased. In silicon, 10—-1% to 10-) defects will reduce cell efficiencies 
by approximately 25°,. The choice of the optical filter is determined by the 
solar cell optical and thermal response characteristics. 
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Fig. 1. Solar cell power system parameters based on design points for several space vel 


For a single surface array which is sun-oriented, the power density produced 
is between 6 and 9 watts per square foot, based upon a cell temperature of approx- 
imately 100°F under normal solar irradiation, with a packing factor or percent 
area utilization of 85—90°,. The utilized area for spin-stabilized systems is of 
the order of 25%. Consequently, a high penalty is paid for such a system where 
( A single surface array 
will weigh in the range of 1 to 3 pounds per square foot. The large variation 
is caused by the need for protection against charged particle radiation in the 
VAN ALLEN belts as well as variations in structural support of solar cell arrays. 
As has been mentioned before, each case is examined on its own merit. Component 
integration varies greatly with each different vehicle. 

It is now important to mention storage of electrical energy for the conditions 
where continuous power is required even though the satellite may spend a portion 
of its time in the shadow of the earth or where peak powers, far greater than that 
which can be provided by the solar cell system at a particular instant, are required 
for such tasks as telemetry from the space probes. Although the use of batteries 


99 


Astronaut. Acta, Vol. VI, Fasc. 6 22 


power requirements are high. (Greater than 100 watts.) 
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has been widespread in much of the technology that has existed over the past 
one hundred years, maintenance of such batteries has been provided by men. 
Furthermore, the electrodes have been heavily constructed for long cycle life 
and a hermetic sealing has generally not been required. One of the serious limita- 
tions of the present solar cell power systems is the short cycle life of the presently 
constructed nickel-cadmium battery. Because such batteries with cycle lives 
of from | to 5 years have only been recently required, an exceedingly small amount 
of research has been performed, unfortunately. Failures occur because 
of overheating, separator and electrode degradation, electrode corrosion, 
contamination, structural defects and leaks. In the range of several watts up 
to several hundred watts, other power sources will be seriously considered if 
the storage battery reliability is not properly solved. Important candidates are 
the long life radioisotope thermoelectric system (Snap III type) and the nuclear 
fission thermoelectric power source (Snap X type). However, our relatively new 
experience in the field of space technology has indicated that, for this particular 
problem, there was no particular indication a year or two ago that the reliability 
of the nickel-cadmium battery would be unsatisfactory; therefore, there was 
practically no research funded by either the Department of Defense or NASA 
for the improvement of this important component. Remedial steps now are 
taking place and, by the end of the year, a relatively large scale program will 
be instituted. Every effort will be made to take advantage of the simple solar 
cell array which utilizes the ever present solar energy available in space by 
providing a reliable means of storing electrical energy. In a solar cell power system, 
the battery is usually 50°, or more of the total weight and all of the performance 
data to date indicates that the battery is the least reliable part of the power 
system. One or two years of research and development should change the 
present situation markedly. Significant advances have already been made in 
research by ROBERT SHAIR of Gulton Industries. 

Batteries used in low altitude orbits are discharged approximately 10°, only 
for reliability purposes thus imposing a great weight penalty. In a low orbit 
(300 miles to 500 miles) a battery must be charged and discharged every 
90 minutes. Thus, for a long life power system, these batteries must cycle say 
between 5000 and 20,000 times depending on the lifetime required for the vehicle. 
Although reliability of other components in a space vehicle may not reach 
these standards of lifetime, at the present time, one must not relax on the devel- 
opment of the power supply support system, because improvements will occur 
in the wide variety of technologies involved in the space vehicles contemplated. 

For the case of a 24 hour orbit (22,000 miles altitude), the shadow period 
is only 75 minutes out of 24 hours for only two short periods in the year. 
Therefore, a deep discharge is possible with 60°, or 70°, being tested because 
of the slower charge rates possible (causing much less damage to the cells) of 
approximately 8 to 16 hours, rather than the 30 to 40 minutes, as found in the 
low orbits. The weight of cells required are also considerably less for the same 
energy storage with 1 to 2 watt-hours per pound possible for a 10°, discharge 
and 6 to 10 watt-hours per pound possible for a 60 to 70° discharge. Of one 
can do without the system functioning for the short time that the 24 hour 
orbit vehicle is in shadow, then the batteries can be eliminated. 


> 


3. Correlations 

As in all scientific and engineering technology, one attempts to correlate 
information judiciously even though it is scarce. Use of a graph might indicate 
a trend which then can become useful for predicting a physical phenomena or for 
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affecting component design. An attempt was made to correlate solar cell system 
parameters with the data available and previously appraised over the past year 
or two by space vehicle power plant designers. Fig. 1 represents the experience 
involving design of the vehicle: Vanguard, Courier, Pioneer, Tiros, Explorer, 
Transit, Ranger, Advent, Samos, Midas and Discoverer, as well as the experience 
in certain cases of speculative designs of vehicles not now under government 
funding. Fig. 1 specifically shows the effect of altitude on several important 
parameters involved in the design of solar cell power systems. These parameters 
are watts per square foot of the array (only includes the solar cells and its 
structural support), percent depth of discharge of the batteries (nickel-cadmium), 
glass cover thickness, pounds per kilowatt output of the whole system, pounds 
per kilowatt for the batteries, and pounds per square foot of the solar cell array. 
The curves were based on several spin-stabilized vehicles at the 400 mile altitude 
and in oriented array designs for the 24,000 mile altitude. The specific weight 
curves show a trend of decreasing values as the altitude increases. This, for the 
most part, can be attributed to the reduced battery weight. Note the relative 
position of curve of pounds per kilowatt for the batteries as compared to the 
system pounds per kilowatt curve. One interesting observation is that the 
relative percentage of the battery weight to the total system weight is approx- 
imately 50°, at the 22,000 mile altitude and approximately two-thirds of the 
system weight at the 300 mile altitude. Flight at higher altitudes permits a 
greater percent depth of discharge with a consequent increased utilization of the 
batteries for storing energy. As one would expect, the specific weight for the 
batteries in pounds per kilowatt when plotted versus altitude shows a marked 
decrease with altitude but eventually flattens somewhat because of the limita- 
tions on depth of discharge. Eventually this curve must drop to zero since no 
electrical storage is needed above a certain altitude because shadows are not 
encountered. If power peaks greater than the solar cell output are required, for 
instance, for telemetry, then storage batteries are always needed. 

There are two data points not in general agreement with the curves drawn 
The first point, dealing with the pounds per kilowatt for the total system and 
shown considerably above the curve at 300 miles altitude, is a plot based on 
information concerning the Transit vehicle. It appears as though the vehicle 
requirements forced a weight penalty on the design of the solar array. The 
second data point contradicting the plotted curves is that of percent depth of 
discharge for the batteries on the Courier vehicle. While the standard practice 
for vehicles at the 400 mile altitude has been to use 10°, depth of discharge, 
the designers of Courier have used 25°,. 

Meeting Notes of the May 3—4 Solar Cell Power System Symposium can be 
obtained by those with proper classified status from the Technical Information 
Officer, FRED A. KOETHER, of the Institute for Defense Analyses/Advanced 
Research Projects Agency, The Pentagon, Washington 25, D. C. Ask for the 
Solar Cell Power Systems for Space Vehicles Meeting Notes prepared under 
the direction of NATHAN W. SNYDER (173 pages). 
author in December 1960 is also available. 
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Appendix II 
Some Data Concerning Radioisotopes for Power Supplies* 


Cost Watt of Isotopes Used Jov Isotopic Power 








Isotope Half-Life Cost (Next Year) Cost (Future Years) 
Strontium-90 27.7 years $ 445.007 $ 23.00 
Cerium Ce-144 285 days $ 87.002 $ 14.10 
Promethium-147 2.6 years § 2.990.002 $ 1,630.00 
Curium-242 162. days $ 80.00 (Martin) $ 45.00 (Martin) 
Plutonium-238 86.4 years $ 1,600.00 (Lowest 


estimate cost) 


! Cost listed in present are ORNL fission product cost compared to the ultimate 
cost as projected for the HANFOoRD fission process plant as projected by the Atomic 
Energy Commission, Division of Production. These costs are based on the maximum 
capacity of each process plant 
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3 If not given, assumed same as mid-plane (also assumed for neutrons). 








Cost of a 100 Watt A.P.U. for Six Month Operational Mission 











Volume 


Isotope Present Cost Future Cost ® —- 
of Fuel Cm? 
















Strontium-90 $ 740,000 $ 38, 100 4,000 


Cerium-144 $ 272,000 $ 44,000 250 
Promethium-147 $ 6,750,000 $ 3,680,000 1,500 
Curium-242 $ 308,000 $ 173,000 30 
Plutonium-238 $ 2,660,000 180 







(Lowest estimated cost) 


The quantity of fuel is based on a 6 percent efficient direct conversion A.P.U. 


* Furnished by the Martin Co., Baltimore, Maryland, for the AEC. 
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Abstract Zusammenfassung Résumé 


Capabilities of Multistaged Chemical Rocket Systems. [n August of 1946 the 
Jet Propulsion Laboratory published a report titled ‘““The Problems of Escape from 
the Earth by Rocket.’ This report followed a series of related reports dating back 
to 1938. 

In the present paper the work of MALINA and SUMMERFIELD is reviewed. The 
calculations are brought up to date, using modern values of the important perform 
ance parameters. In addition, certain aspects of the theoretical development are 
generalized. 

From the calculations presented, it is concluded that at the present stage of 
development of propulsion systems, weight ratios required for the 300 mile satellite 
or an escape rocket are 1 in 50 or | in 150, respectively. The calculations also indicat 
that for trajectories utilizing a gravity turn, three stages are desirable for an earth 
satellite and four stages for an escape mission 

Leistungsfihigkeit mehrstufiger chemischer Raketensysteme. [mm August 1946 
erschien ein Forschungsbericht unter dem Titel ‘““The Problems of Escape from the 
Earth by Rocket’’. Dieser Bericht folgte auf eine ganze Reihe ahnlicher Arbeiten, 
die bis auf das Jahr 1938 zurtickgehen 

In der vorliegenden Arbeit werden die Ergebnisse der Arbeiten von MALINA und 
SUMMERFIELD kurz wiederholt. Die dort gegebenen Abschatzungen werden auf den 
heutigen Stand gebracht. 

Aus den Uberlegungen folgt, daB nach dem gegenwartigen Entwicklungsstand der 
Antriebssysteme die notigen Massenverhaltnisse fiir einen Satelliten in 500 km Hohe 
1 zu 50 und fiir eine Rakete, die die parabolische Geschwindigkeit erreichen soll, 
} zu 150 sein mitissen. Dafiir sind drei bzw. vier Stufen erforderlich 
Capacité des systémes de fusées chimiques a plusieurs étages. A la suite d'une 
série de rapports remontant jusqu’en 1938, le Jet Propulsion Laboratory a publié 
en aott 1946 une synthése intitulée ‘““The Problems of Escape from the Earth by 
Rocket”’. 

Dans le présent article le travail de MALINA et SUMMERFIELD est passe en revue 
Les calculs sont révisés sur la base des valeurs actuelles des paramétres de performance 


importants. De plus certains aspects théoriques sont généralisés 


1 B.S., M.S., Ph.D.; Vice President, Space Electronics Corporation, 930 Air 
Way, Glendale 1, California, U.S.A. 
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I] résulte des calculs que, dans l'état présent du développement des propulseurs, 
les rapports de poids requis pour la satellisation sur une orbite de 540 km d’altitude 


ou pour la libération sont respectivement de 1 a 50 et 1 a 150. On trouve également 
que respectivement trois et quatre étages sont désirables, si les traiectoires sont 
incurvées naturellement par le champ de gravitation. 


Nomenclature 


Average exhaust velocity AM," Mass of propellant in xth stage 

G Over-all mass ratio of multistage .V/,”" Initial mass of mth stage 
rocket N Number of steps in multistage 

A Mass of rocket at any given instant rocket 

M, Mass of empty rocket S Velocity ratio 

fp Mass of propellant contained in Vy Final velocity of multistage rocket 
rocket Myoss_ Velocity loss 

| Mass of payload Structural factor 


Initial gross mass ). Pavload ratio 
7." Empty mass of wth step of mul 


tistage rocket 


I. Introduction 


In August of 1946, the Jet Propulsion Laboratory published a report entitled 
‘The Problem of Escape from the Earth by Rocket.’’ This report, presented at 
the Sixth International Congress for Applied Mechanics and published in the 
Journal of the Aeronautical Sciences (August 1947), followed a series of related 
reports dating back to 1938. Later, a more comprehensive treatment of the 
subject was reported in a series of three articles in the American Journal of 
Physics (Vol. 15). 

The 1946 paper, by F. J. MALINA and M. SUMMERFIELD, not only is of 
historical interest but also retains much of its technical value. The historical 
interest stems from the considerable insight expressed with regard to the nature 
of the initial space flight experiments. In selecting a mission on which to base 
their analysis, the authors sought a reasonable scientific justification for a space 
flight experiment. It is fascinating to note that the experiment which they 
selected, the measurement of cosmic ray intensity, is precisely the one chosen 
for the first U.S. satellite experiment — Explorer I. The facts that the experiment 
was conducted almost exactly as they proposed and that the payload weight 
estimate was approximately correct are also interesting. 

The performance analysis presented is very simple; and, while no pretense 
is made as to the precision of the numerical results, the analysis adequately 
describes the capabilities of multistage rockets. The numerical values assigned 
by the authors to the performance parameters were of a vintage 14 to 16 years 
old. Modern values of these parameters will be used in interpreting this analysis 
for the present discussion. A comparison of the two sets of numerical values 
will provide us with a measure of the progress in rocket techniques over the 
past 15 years. This comparison will be made by examining performance values 
for satellite missions and for missions of escape from the earth. 

The analysis of MALINA and SUMMERFIELD will be generalized slightly t 
show the effect of varying the structural efficiency from stage to stage. |) 
addition, the effect of having a lower characteristic velocity for the first 
will be treated. These extensions merely establish the validity of the pr 
analysis and provide a basis for interpretation. 
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II. Analysis 


The following analysis of the performance of multistage rockets is that of 
MALINA and SUMMERFIELD. 

For a multistage rocket, a payload ratio can be defined for each stage as the 
quantity, 


, l 
, M,," (1) 
M," 
or, in the case of the last stage, 
: M, " 
AN = <) 
M, 


where M, is the mass of the payload. For these calculations, the same value 
of payload ratios will be used for each stage. Under certain conditions, the use 
of equal payload ratios minimizes the over-all payload ratio, which is defined as 
M,} , 
G ; (3) 
M, 
Furthermore, it is useful to note that the over-all payload ratio varies slowly 
as the individual ratio deviates from optimum. Consequently, this condition in 
no way restricts the application of the result, and simplifies the analysis. 
The above equations and conditions can be combined to give the following 
expression for the over-all payload ratio: 


Gog. (4) 

The next: quantity to describe in the performance analysis is the structural 
efficiency. This quantity may be defined as 

M." , 

En (2) 


; M*+M," 
or, in terms of the stage masses, 


M 3 


é 
En n Ea 
M,"— M, 


MALINA and SUMMERFIELD made the assumption that each stage could be 
designed with the same structural efficiency. This is a reasonable assumption 
if we talk about escape missions with reasonably large payloads. This is not to 
say that the stages of the multistage rockets will always have equal structural 
efficiencies. Many factors other than performance control the structural config- 
uration. The purpose here, however, is to describe the capabilities of multistage 
rockets, not to do preliminary design. 

With these definitions and conditions, the expression for the final velocity 
of a multistage rocket can be written 

l Val ta 
, ae M,* 


or, in terms of the structural efficiency and payload ratio, 


aa Ve ' 


Vs N aln [A+ e(1 — A) F ines (8) 


Here it is assumed that the characteristic velocity is the same for all stages. 
In the previous paper, drag, gravity, and back pressure losses were treated 
individually. Here, they have been combined in one velocity loss term. Recently, 
large number of detailed trajectory calculations have been made for escape and 
satellite missions. From these calculations, typical values of the velocity loss 
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are known. These values do not seem to vary much from configuration to config- 
uration, under one condition: that all trajectories approximate a gravity turn 
with the final velocity vector being nearly tangent to the earth. Under this 
condition, the gravity loss is not strongly dependent on burning time, and it is 
significantly smaller than the radial gravity loss term used by MALINA and 
SUMMERFIELD. Although those authors chose to neglect the drag loss term, 
a small correction for it will be made here. The back pressure loss will be 
discussed later. 
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Fig. | Multistage rocket performance, ¢ 0.1 


The equation for velocity gain can be simplified by introducing the parameter 


fed (9) 


The resulting equation becomes 
S N In (A + e(1 — A)]. (10) 


This equation is plotted in Figs. 1 and 2 for two values of ¢. (0.2 and 0.1 are 
used.) In the original paper, only values for e of 0.2 and 0.33 were considered. 
Justification for using the lower values will be given later. 

One important thing about these curves that should be noted is the existence 
of a strong knee. This means that for particular values of S and ¢ there exist a 
number of stages which, if exceeded, result in little improvement in the over-all 
payload ratio. Specifically, for ¢ = 0.2 and S = 3, corresponding, for example, 
to a satellite mission, an increase from two stages to three stages gives a tenfold 
decrease in payload ratio. Under the same conditions, an increase from three 
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stages to a large number of stages provides a decrease in this ratio of only a factor 
of 2. The corresponding point of diminishing return for S = 4, corresponding 
to an escape mission, occurs at four stages. 

As MALINA and SUMMERFIELD pointed out under the assumption made in 
this analysis, the minimum value of G is obtained when the payload ratios are 
the same for each stage. This fact is easily verified. In order to demonstrate 
that this condition is not essential to the conclusion, Fig. 3 presents the variation 
of G as the payload ratios differ from ideal, the parameters S and ¢ being held 












































































































































Fig. 2. Multistage rocket performance 


constant. This curve is calculated for S = 2, ¢ = 0.2, and N= 2. As can be 
seen, the results described here should be applicable, on this basis at least, to 
practical designs for which the payload ratios may vary somewhat from stage 
to stage. 


For the sake of completeness, more generalized equations are developed here 
These equations will lead to several interesting observations. If /,, ¢,, and a, 
are different for each stage, the following expression for final velocity is obtained: 

N 


Vx a, In [e, + A, (1 E,) Vr (11) 
se 


N=] 
Normalizing the characteristic velocities by 
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and defining the parameter S by 


eq. (11) becomes 


(16) 


Also, from our previous defini- 
tion 


) \ 
Fig. 3. Dependence of G on payload ratios G // As A (17) 
n 1 


If the quantity G is minimized under the constraint imposed by the velocity 
equation, the following set of independent equations result: 








eee (18) 
G 
where v is the LAGRANGIAN multiplier. These equations together with the velocity 
equation provide N + 1 independent equations for the N + 1 unknowns 4 
and vy. It is obvious that these equations represent a solution for G,,i, since the 
maximum solution for Gyax co is A; = 0. It is also clear that for the case in 
which ¢; and a; are the same for each stage, all A’s are equal. 
If the characteristic velocities are uniform (x, 1) but structural efficiencies 
vary from stage to stage, the following general equations apply: 
Substituting eqs. (18) into (16), 


\ 
: vy e NS // ' 
é GNo1 ( &;). 
n I 


E= [/(i-s«) 
nN l 


But, from eq. (18), 
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and 
s J1/A 
Ge 
é A; (1 &;) | . 13) 
Ge 1/N ~ 
| 
E 
Substituting eq. (23) into eq. (16), 
—— i 
E 
Pe n=] ») 
24) 
je 1/N \ 
| 
k 
Let 
\ 


then solving for G, 


G : (26) 

(e— SIN 1) 
It is interesting to compare this expression with that developed by MALINA and 
SUMMERFIELD. For the case of equal structural efficiencies, the expression for G 


becomes 


The two expressions are of the same form, the generalization introducing only 
one additional parameter in the calculation of payload ratio. Thus, averaging 
structural efficiencies is somewhat justified. 

Eq. (26) may be interpreted for this example as stating an equivalence between 
the N-stage rocket and some two-stage rocket. 

Consider the case in which structural efficiencies are the same for each rocket 
stage but the characteristic velocities vary. The most interesting case arises from 
practical considerations. It is an empirical fact that in most multistage rocket 
designs, the first stage has a lower characteristic velocity than the other stages. 

Assume, for example, the multistage rocket for which the structural efficiencies 
are uniform and the characteristic velocity of the first stage differs from that 
of all other stages. It is clear from eq. (18) that, for the stages for which the a, 
are equal, the /’s are also equal. The velocity equation then becomes 


S 


e E Ay (1 €)|% |e 4 Ay (1 e) |(N — Da (28) 

For this case, then, the problem again reduces to one of an equivalent two- 

stage rocket. Examine the effect of a low characteristic velocity on the first stage 
of a two-stage rocket. From eq. (18) is derived 


a (29) 


~~ 
bo 


‘s 
E Ay -T (a5 1) (1 r E) Ay 


From this equation it is clear that if a, < % then A,< /,. This means that first 
stage will be relatively smaller and the velocity gained by the first stage will be 
relatively less. For example, let ¢ = 0.1 and a, = 0.9. Then a = 1.1 and the 
characteristic velocities in the first and second stages correspond to J,,’s of 
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250 seconds and 300 seconds respectively. The relationship between 4, and A, 
is plotted in Fig. 6 for this example. If A, = 0.2 then A, = 0.123 and 
velocities gained in the first and second stages are S,; = 1.14 and S, = 1.7] 
respectively. 


Il. Caleulations 


MALINA and SUMMERFIELD interpreted their analysis on the basis of the 
technologies in 1946. These calculations are modernized here using engineering 
data which are valid today. 


Table 1. Properties of Several Propellant Combinations 





Calculated : ; 

— Mixture Combustion Average pou or rae 
: gree Ratio lem- Density ea a ant 
Combination ; perature 2 Loading 
T (°F sea level average Ratio 





Nitromethane 3950 6150} 7240" 0.9958 
Red fuming nitric 

acid — aniline 3. 5065 35. 6200 7300 0.995 
Hydrogen peroxide 

methyl alcohol ! 4156 5. 6300 7420 0.995 
Liquid oxygen 

ethyl alcohol c 5260 6870 8090 0.991 
Liquid oxygen 

liquid hydrogen 3.0 4390 .8 10 150 12 000 0.960 


! The sea-level exhaust velocities are calculated on the basis of a steady combustion 
pressure of 300 psia and an exit pressure of 14.7 psia. An optimum nozzle area ratio 
is assumed (about 4.0). The theoretical values have been reduced by 12.5°, to allow 
for imperfect combustion and imperfect flow. 

2 The average exhaust velocities are 18°, greater than the sea-level values. This 
is the approximate average increase due to reduced atmospheric pressure during 
vertical flight. 

3 The calculated propellant loading ratios listed in the last column are the minimum 
values required to enable a rocket to attain the escape velocity. A constant accelera- 
tion of 20 g, is assumed, and drag is neglected 


In the original paper, the authors included a table which presented properties 
of typical propellant combinations. A reproduction of that table is shown here 
as Table I. The propellants are representative of the interest as of 14 years ago 
and, with one exception, are of little interest today for larger vehicles. The 
obvious exception, of course, the oxygen-hydrogen combination, remains of 
considerable interest. In Table I, note that rocket motor efficiency was taken 
as 87.5%. The correction for back pressure was made by raising the sea level 
values by 18°,. These corrections have been accounted for in a different way 
in Table II, which represents a modern list of propellant combinations. A 95°, 
combustion efficiency has been assumed, with nozzle efficiencies of 97.5% for 
an 8 : 1 expansion ratio and of 96.5°, for a 25:1 ratio. A 2°%, turbopump loss 
and shifting equilibrium conditions have also been assumed. 

In general, all of the characteristic velocities are higher, due principally to 
the fact that more energetic propellant combinations are considered. In the 
present calculations, values representing vacuum conditions will be used. The 
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back pressure correction is included in the term V,,.,. It can be seen that 
9500 ft/sec is an easily attainable value and that 10,000 ft/sec can be obtained 
using conventional propellants. Velocities of 12,000 to 13,000 ft/sec are attainable 
from high-energy propellants. 


Table Il. Properties of Selected Propellant Combinatior 











Calculated ; Exhaust Velocity 
. . , Average 
= : Mixture Combustion ft/sec 
Propellant ea Density 
. DIOS Ratio [em- . 8 
Combination 0 Sou ay =] 
7 Wy/ Wf erature TEL 
0 } am lb ft? 
fi us xs sea level vacuum |) vacuum 
Liquid oxygen 
petroleum hydro- 
carbon mixture 2.25 5500 62.5 8 200 9 350 9 900 
Nitrogen tetroxide 
hydrazine 1.2 4920 75.4 8 050 9 160 9 650 
Fluorine — hydrazine 2.2 7220 81.4 10 130 11 500 12 100 
Liquid oxygen 
V liquid hydrogen 5.0 5420 20.0 10 800 12 300 12 980 
a ° Fluorine liquid 
hydrogen 10.0 6500 32.8 11 300 12 900 13 600 


Based on a chamber pressure of 600 psi; combustion efficiency of 0.95; nozzle 


efficiency of 0.975 for 8 : 1 expansion and of 0.965 for 25 : 1 expansion; turbopump 
iber tem- 





loss of 2%; expansion under shifting equilibrium conditions. The cha 


perature was taken to be (0.95)? or 0.9025 times equilibrium chamber combustion 
since combustion assumed to be 95 per cent complete. 










Injection trajectories for 


Space missions 
















In estimating the loss term, only typical values can be assumed. Two missions 
are considered: (1) a 300-mile satellite and (2) escape from the earth. In general, 
the trajectories will be gravity turns ending up parallel to the earth. Injection 
for the satellite mission will occur at 300 miles and, for the escape mission, at 
100 miles (see Fig. 4). The drag losses will generally be about the same; perhaps 
that for the satellite will be smaller because of the higher injection. These losses 
will be about 300 ft/sec for a satellite and 500 ft/sec for an escape vehicle. The 
back pressure losses will be about 400 ft/sec in both cases. Gravity losses will 
be considerably larger for the satellite mission than for the escape mission. 
Typical values are 8000 ft/sec and 4000 ft/sec, respectively. In this calculation, 


Astronaut. Acta, Vol. VI, Fasc. 6 23 
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advantage is taken of the 1500-ft/sec eastward velocity of the surface of the earth. 
Summing up these numbers, the following losses are obtained: 
7200 ft/sec satellite 
3400 ft/sec escape vehicle 
rhe orbital velocity of a 300-mile satellite is 25,000 ft/sec. Escape velocity 
at 100 miles is 36,400 ft/sec. Combining these values with those for the velocity 
losses provides the total velocity increments required. 
as 25,000 7200 32,200 ft/sec satellite 


aS = 36,400 + 3400 = 39,800 ft/sec escape vehicle 


Using the a values, 9500 for conventional propellants and 12,500 for high- 
energy propellants, the following values for S are required for the two missions: 


> S 

high-energy conventional 

propellants propellants Mission 
6 3.4 satellite 


») 
, Hes 4.2 escape vehicle 


The final parameter needed to estimate the gross payload factor is the struc- 
tural parameter, ¢. MALINA and SUMMERFIELD used 0.25 for the acid-aniline 
combination on the basis of the V2 and 0.33 for the oxygen-hydrogen combina- 
tion because the lower density of the higher-energy propellants requires a higher 
structural factor. The structural factor has a tendency to vary with gross weight. 
The nature of the variation is shown in Fig. 5. As the rocket becomes smaller, 
the guidance and control equipment which has a tendency to have a minimum 
attainable weight becomes an increasingly significant factor. Consequently, 
the structural factor which must provide for those weights increases. 
As the size increases, the structural factor approaches an asymptote. 








Wp 


Fig. 5. Plot of structural factor ¢ vs weight of propellant burned Wy 


Typical values to be expected for these asymptotes today are 0,09 for 
conventional propellants and 0.18 for high-energy propellants. For example, 
the value of e for the Viking rocket was 0.18. The corresponding value for the 
Vanguard second stage is 0.13. These rockets are relatively small. The last 
stage or two of a 50-ton rocket will be at least this size; hence, for gross weights 
of 50 tons or larger, structural factors of 0.1 for conventional propellants and 
0.2 for high-performance propellants are appropriate. As the gross weights 
increase these factors should be decreased. 
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Table III. Gross Payload Ratios G 











Vehicle Mission Propellants G 
3-stage satellite conventional 65.8 
3-stage satellite high-energy 47.7 
4-stage escape conventional 167 
4-stage escape high-energy 104 
Table III lists gross payload ] y 
ratios for satellite and escape 
missions. Examples of both ao ee ° 
conventional and _ high-energy | 
propellants are shown, and it 0.4 P—+—__+ __+___#__+___ 
can be seen that this_ ratio a, =| —. 
varies from 45 to 65 for three- aT. cee — 2 aoe 
stage satellite vehicles and from : | ets 


105 to 165 for four-stage escape 
vehicles. 

In other words, today a 
Vol. 60-ton vehicle will place one 
ms ton in orbit, and a_ 170-ton 

60 vehicle will propel one ton of O ~ 
payload to escape velocity. These 0 c 02 03 04 
numbers may be scaled, and, 
as long as the gross weights 
remain reasonably large, are Fig. 6. Comparison of Z, and 7, for equivalent 
valid. 
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IV. Conelusions 









It is interesting to compare these calculations with those of MALiIna and 
SUMMERFIELD. They estimated that for an escape mission an over-all payload 
ratio of 80,000 would be required. The current estimate is 170 

The improvement results from using lower structural factors as well as higher 
exhaust velocities, and more efficient trajectories. The values of the parameters 
used here were purposely chosen to be no larger than values already attained 
with present-day designs. Similarly, the numbers used by MALINA and 
SUMMERFIELD were typical of that era. 

The comparison of these results, then, provides a measure of the importanc« 
of improvements in structural design, propulsion systems, and trajectory choice 
that have occurred during the last 12 years. When considering vehicles with 
which to accomplish satellite or escape missions, these improvements have 
permitted a reduction in gross weights by a factor of over 400. 
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Abstract Zusammenfassung Résumé 


On the Dynamics of a Space Vehicle, Equipped with One Main Rocket Motor and 
Two Vernier Motors. The general theory of the rotary motion of a rocket vehicle 
as indicated is developed. The main rocket motor is mounted in such a way that a 

‘d pitch moment and yaw moment of the main thrust can be obtained. The 
function of the Vernier motors is only to provide a roll moment, if required. The 
general problem to be discussed is, how to determine numerically the motion of the 

hicle, if the two angles « and f, defining the relative direction of the main thrust 


nd the angle y, defining the adjustment of the pair of Vernier motors, as well as the 


magnitudes of the three thrusts are prescribed as functions of time. Thereby also 
the influences of the Coriolis accelerations of the fluid particles in the nozzles and the 
gyroscopic action of the rotating turbo pump assembly for supplying the fuel to the 


rocket motors, are taken into account, as well as the aerodynamic moments coming 
into play 


Uber die Dynamik eines Raumfahrzeuges, ausgestattet mit einem Hauptraketen- 
motor und zwei Verniermotoren. Die grundlegende Theorie der Rotationsbewegungen 
eines derart ausgestatteten Raumfahrzeuges wird entwickelt. Der Hauptraketen- 
motor wird im Fahrzeug so verstellbar gelagert, da8 man mit dem Schub dieses 
Hauptmotors die erforderlichen Steuermomente um die Quer- und die Wendeachse 
des Fahrzeuges erzeugen kann. Die Funktion der Verniermotoren ist es nur, ein 
Steuermoment um die Langsachse hervorzurufen, wenn dieses notig ist. Es wird an- 
cegeben, wie die Bewegung des Fahrzeuges numerisch berechnet werden kann, wenn 
die Winkel « und f, welche die Lage des Hauptmotors im Fahrzeug bestimmen, und 
der fiir beide Verniermotoren gleich groBe, aber entgegengesetzte Ausschlagwinkel y, 
sowie die GroBen der Schubkrafte der drei Raketenmotoren als Funktionen der Zeit 
gegeben sind Dabei werden die Kreiselwirkung der Schwungmassen des Turbo 


\ggregats (erforderlich zur Speisung der Raketenmotoren) sowie die Coriolis-Be- 
hleunigung der flieBenden Gasmassen in den Strahlrohren berticksichtigt 

Théorie dynamique d’un véhicule spatial, équipé d’un moteur de fusée principal 
et de deux moteurs de Vernier. La théorie générale des mouvements de rotation du 

d’espace comme indiquée dans le titre, a été prise en considération. Le 

moteur de fusée principal est monté dans le véhicule d’une telle maniére qu’il est 
possible en variant l’orientation du moteur par rapport a l’armature du véhicule 

1 Paper presented at the XIth International Astronautical Congress, Stockholm, 
Sweden, August 15— 20, 1960 

2N.V.R.; Lector of the Royal Military Academy; St. Ignatiusstraat 99a, Breda, 
lhe Netherlands. 
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d’obtenir les couples de force nécessaires poul le guidag autoul 
et du troisieme axe du véhicule, perpendiculaire a l’axe trans\ 
eitudinal. La fonction des deux moteurs de Vernier se restreint 
de force autour de l’axe longitudinal quand il est nécessaire 
examine dans ce travail est la détermination du mouvement 
tion numérique, quand les deux angles « et # déterminant 
principal et l’'angle y déterminant l’orientation opposée des d 
ainsi que les valeurs numériques des forces de réaction des t1 
comme fonctions du temps Dans la théorie analytiqu 
gyroscopique de laggrégat turbo-pompe nécessaire pout 

de fusée a été également prise en considération, ainsi qué 


Coriolis des masses de gaz dans les tuyeéres 


Introduction 

In this article the general dynamic theory is dev loped of 
equipped with one main rocket motor and two Vernier motors 

For steering the main rocket motor is mounted in such a way that the angk 
included by the central line of the main nozzle and the (coplanar) roll axis of the 
vehicle can be varied, whereas the plane containing these two axes can be varied 
as to the rocket frame. (Hence the position of the main rocket engine as 
rocket frame is determined by two angles x and The two Vernier motors art 
situated symmetrically on both sides of the main rocket motor and are both 
swivel mounted. In mid position the central lines of the nozzles of the three 
motors are parallel with the roll axis of the vehicle and in one plane whereas 
the axis of the main thrust tube then coincides with the roll axis. The function 


of the Vernier motors is only to provide a roll moment (about the roll 


if this will be required. Therefore any Vernier motor can turn wit] 
axis in a plane perpendicular to the plane of the three nozzle axes in mid position 
If then one Vernier motor has a deflection y, the other Vernier motor has a 
corresponding deflection y. The required steering moments about the pitch 
axis and the yaw axis of the vehicle are obtained by suitable adjustment and 
the yaw axis of the vehicle are obtained by suitable adjustment of the direction 
of the thrust of the main rocket motor with respect to the vehicle fram 

In world space the rocket vehicle may be supposed to move in a resultant 
field of force (being in general a combined gravitational and inertial field) due to 
different celestial bodies. In case of the ascending powered flight through the 
terrestrial atmosphere, also aerodynamic forces and corresponding moments 
about pitch axis and yaw axis come into play. As to these aerodynamic forces 
and corresponding moments, the simplifying supposition is made tl] 
external form of the vehicle has rotational symmetry as to the roll axis 

The general problem considered in this article is, how to determine numeri 
the motion of the vehicle, if the two angles « and £, defining the relativ: 
tion of the main thrust and the angle y, defining the adjustment of tf] 
Vernier motors, as well as the magnitudes of the three thrusts are prescribed as 
functions of time. Thereby also the influence of the Coriolis accelerations of thi 
fluid particles in the thrust tubes and the gyroscopic action of the rotating turbo 
feeding pump assembly for supplying the fuel to the rocket motors is take 


1¢ 


into account. 


1. Coordinate Systems Used 
The following coordinate systems and corresponding relations are used 
v yz — rectangular geocentric system of reference which does not rotate wit] 


1 


respect to the celestial sky. The origin v = 0, \ 0, z = 0 coincides with the 
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centre of the earth. The unit vectors in x+, y+ and z+ direction will be denoted 
by 7,7, R. 

X Y Z -- vehicle rigid system of reference with origin at centre of gravity 
of vehicle — still included fuel and Z-axis coinciding with roll axis of vehicle. 

i,,7, and k, are unit vectors in ¥+, Y+ and Z+ direction. &, is pointing 
to vehicle nose. 

vy Z-—other vehicle rigid system of reference, with corresponding unit 
vectors i,7 and &. 

¥ y z coordinate system, parallel with x yz, with origin at centre of 
gravity of vehicle 4 still included fuel. 

The transference from x y z to X Y Z can be carried out by three consecutive 
rotations, about angles gy, # and y: 

SY 2 =A Ts 
_—_" 
g about z Gabout Y’ p about Z 


The rotations y, # and y are in right handed relation to z+, y’+ and Z+. 
Hence X’ Y’ z and X” Y’ Z are intermediate systems of reference. 
In Fig. 1, the axis X’ is the projection of the axis X” on the plane x y. 














2. Z-axis perpendicular Fig. 3. Y’-axis perpendic- 


‘ig. 1. Z-axis perpendicular Fig 
ular to drawing plane, 


to drawing plane, pointing to drawing plane, pointing to 


to observer observer pointing from observer 


From Fig. 1 we read: 


cos 4 cos@ 


cos 9 sin q¢ | 


sin 
sin q 
COS g 
he 4 
sin # cosq | 
sin § sin ¢ 
cos 9) 
Hence: 
X"" = x cos#cosp + y cos @ sing z sin 6 | 
: x sing + y cosg 


Z x sin Ocosg + ysin Osing + z cos | 
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~ 


Further we read from Fig. 2: 
we X"’ cos y 4 Y’ sin py | 
, ee ) (2) 
} X”’ sin yp + Y’ cos y | 


Substituting (4) in (5) we obtain: 


X x (cos 9 cos cos y — sing sin y) | 
y (cos 9 sing cos p + cosy sin yp) + z(— sin cosy) | 

y v (— cos # cos@ sin y — sing cos ») | (6 
y (— cos 9 sing sin yp + cosp cos y) + z sin # sin y 

Z v sin cosm + yvsin@ sing + z cos 4 


Further if #,, w, and u, be the components of the angular speed of the vehicle 
as to the vehicle rigid system XYZ, we read from the Figs. 1, 2 and 3: 


Uy g sin 9 cos yp + #sin y | 
ty =@sinOsiny + 4cos yp 7 
uz y + cos f | 





2. Pitch Moment and Yaw Moment Due to Main Rocket Motor 
Vol. in Arbitrary Position 
For convenience let us introduce a vehicle rigid system of reference 4% 
of which: 
Xx Ae y ye, z vx as indicated in Fig. 4. 


: 


1960 
















Fig. 4. X directed from observer if. b 










Let P be the point of intersection of the central line of the main nozzle and 


the roll axis, and let us write: OP = 7,’ (0 = centre of gravity of rocket vehicle 
still included fuel). The direction of the main thrust as to the system ¥ V Z Is 
defined by the angles « and # (see Fig. 5). Then ~ is the angle included by 
and the central line of the main thrust tube and # the angle included by the 
projection of this central line on the plane ¥ V7 and ¥+. Then denoting the 
main thrust by S(”), we obtain as moment of the main thrust as to 0 


l ] 











yu 


MM) = A 0) 0 a 
S() sin « cos B S™) sin a sin 2 S 
in which 7 1 J =Tp PR k, and 7 a 

Hence the components of the main thrust as to the system XYZ becom 


M) , : ae: (M) : : VM 
My S™) asin « sin B, AM S™) asin a cos 6 M 0) Ss 
X ) Z 
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3. Roll Moment Due to the Equal Thrusts of the Vernier Motors 

Let us assume that the swivel mounted Vernier motors are arranged with 
their common swivel axis parallel to the * axis at distance a from the % axis in 
the % y plane. The points of intersection of the swivel axis and the nozzle axes be 
P= a,. 2 Y, and 7 = 4, < = X». If Sy be the thrust of any Vernier motor 
and +-y the deflection, we obtain as roll moment due to the Vernier motors: 


Mz 2 Sy X% sin y. (9) 


!. The Gas Flow in the Nozzles 
In order to account for the influence of the Coriolis accelerations of the fluid 
particles in the nozzles, when the vehicle rotates about an axis passing through 
the instantaneous centre of gravity of vehicle still included fuel, we have to 
consider the gas flow in the thrust tubes. For simplicity let us assume one 
dimensional adiabatic flow. We then have (1 


ae | 20 k =| 2 ak (10) 
k+lu\e+l 


is k tol (P): (2) (11) 
i 1 v | \Po Po . 
= 


(12) 


in which: 
weight quantum expelled per second 
gorge cross section 
any cross section 
pressure in combustion chamber 
specific volume of gas at entrance of nozzle 
pressure in any cross section F 
Cpy/¢,, In Which cy, = specific heat of gas flow at constant pressure 
and ¢ specific heat of gas flow at constant volume 
acceleration due to gravity 
flow speed in section F. 
Let us further assume that the graph: 
Gene = tree Bra) (13) 
be determined by experience. Then we can find the thrust S as function of f, 
in the following way. Assume for G,. some value. Then by (13), #, is known 
and f»/v) follows from (10), so that also vy becomes known. Further from (11) 
we find p/f,) and consequently c from (12). Then: 


in which c, = flow speed in mouth section (exhaust speed). 
Hence in this way we find the graph: 
S = 5 (Ga) = Sq) (14) 


5. The Coriolis Moment of a Rocket Motor with Nozzle Axis Parallel to the 
> Axis, but for the Rest Arbitrary Position 

The Coriolis moment is the steering moment required, in order to give the 

fluid particles the corresponding Coriolis accelerations. Let # be the angular 
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speed of the vehicle about the instantaneous axis of rotation passing through 


the instantaneous centre of gravity of vehicle + still included fuel. Further 
let 7 be the radius vector of the fluid particle 9 dV, as to the system Z 7 2, o being 


the local fluid density and dV the volume of the particle. Then if ¢ denotes the 
local speed of the fluid, we obtain as Coriolis moment 


ye 2 ae. aan 6” C) od (15 


in which the space integral must be extended throughout the fluid in the nozzle 
Now if % = radius vector of centre of entrance section of nozzle, and 7 = 7, + 7’, 
we obtain from (15): 

: oe Vo 2 (ax C)odV 2| 7’ (11 a) od 16 


Now assuming one dimensional flow, we have 


i j k 
uXxec u~ u~ it~ tu~ c(z }U~ c(z 
0 0) c(Z) 
Then, for convenience introducing a reference system %’ j’ 2’ parallel with 





ty Z, and with the centre of the entrance as origin, we obtain 


A (a > C)odV 









in which F(2’) denotes the cross section corresponding with 27’ and / denotes the 
length of the nozzle, taken along the central line 






Now: 





Sor cunat: 






Hence: 







27%) (a > C)oadV 






Further: 
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Hence: 


2 i u- 2’ c(2’) o(2’) F(z’) dz’ + 2ju- 2’ c(3’) 0(2’) F(z’) di’ 


. 


2 | u~ v’ c(2’) o(2') dx’ dv’ dz’ — u- V’ c(2’) 0(2') dx’ dv’ dz’ 





in which: 


l . " kh : p(2’) ) 1 (? ~ ee 2 
= | | “hk Patol | Po | Po ; BG) a 


() 


Further we may write: 


¥’ c(2’) o(2') dx’ dy’ dz’ c(2’) o(2’) dz’ | ay’ BAX 





The integration limits with respect to *’ correspond with arbitrary values 
of y’ and 2’. We shall assume that the nozzle has circular cross sections. Let us 
indicate the radius of cross section /*(2’) by R(2’). Then we obtain as equation 
of the circumference of this section: 

R24. H'2 R(z’) |?. 
The integration limits with respect to *’ then become: 


x,’ /(R@))2-— 92, = ) (R(z’)]? — 92 


then obtain: 
x’ dx’ 


Hence from (23) it follows that: 


We 








X' c(2’) o(2') dx’ dy’ dz’ = 0, V’ c(z’) o(2’) dx’ dy’ dz’ = 0 (24) 





Then from (16), (17), (19), (21) and (24) it follows: 


= Sennen 2 ig U~ c(2’) o(2’) F(z’) dz’ + 2 u~ | 2’ c(2’) o(2’ 
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Further it follows from (7) and Fig. 4 that: 






u~ ux =@sin# cosy — Osin y, 
u~ uy =@gsin#sin yp + Ocos y, (4’) 
u~ uz yy —@cos 4. 








6. Coriolis Moment of Main Rocket Motor in Arbitrary Position x, / 
In that case we have to put in the equations (25), % = 0, Vo = 0, % = Rk'%, 
so that we then obtain: 


Assume firstly x = 0, 6 = 0, so that the main rocket motor is in mid position. 






AM cor) 2 29 U~ c(z’) o(2’) F(z’) dz’ + 2u- 2" ¢(2’) o(2') F(z’) dz’ 







) 0(2’) F’(2’) dz’ | 2 u~ 2’ ¢(2’) o(2’) F(2’) dz 


















Now assume a new vehicle rigid system of reference % y 2, which is obtained 


from * 9 Z by a rotation 6 about 7 and a subsequent rotation « about y. Then 





from Fig. 6 and Fig. 7 we read: 







cos (¥ *) = cosacos # cos (¥y x) sin 6 | cos (Zz %) = sin acos 6 | 
cos (x 7) = cosasin # cos (v ¥) = cos # cos (7 ¥) = sina sin # 
cos (Xx 2) sin % | cos (v2) = 0 cos (Zz 2) = cosa | 





so that: 







X = Xcosacos#+ ycosasin # — Zsin« | 
y X sin # + ycos B (26) 
Xsinacos $+ fsinasin f + Zcos% | 





Now if a denotes the distance of the rotation point P of the main rocket 
motor (situated on the 7 axis) to the origin of the system * yZ (= centre of 
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gravity of vehicle — still included fuel) and # denotes the distance from P to 
the centre of the entrance section of the main nozzle, we obtain as radius vector 
of this section centre: 
‘9 i x rj y I k ay 
j and & being unit vectors in ¢ +, 7 + and Z + direction, whereas according 
to Fig. 6 and Fig. 7: 


tp asin &, y=") 79 = P + acos«. 
Now in the positions x, 6 the central axis of the main nozzle is parallel with 
the = axis, so that this position is analogeous to the position as to the system 7% ¥ Z, 


as generally assumed in the equations (25). 


a COS %) U~ c(2’) o(2’) F'(2') dz’ 





Further we have in (27), in connection with (26) and (4’): 
(¢ sin 9 cos y 4 sin y) cos%cos £ + (@ sin A sin p cos y) cos x sin f 
(y + @ cos 9) sine 
g sin 4 cos y 4 sin y) sin 6 + (@sin O sin wy 4 cos y) cos B 


(@sinf cosy — #sin y) sing cos 6 + (¢ sin # sin y — 6 cos wy) sin x sin # 





(y J cos 9) cos x 


(28) 
Further by (26) we have: 


VW 


i) 325) M) oo: , 
AM cor ~ COSa COS B — .#.,~ 81Nn B + Moor ~ Sin a cos f 


1 as Vl ) M oo; 
_ cose sin / AM oor ~ COS BP + Meo ~ Sina sin 6 





Ws ul 

AM cor 5 SINR + AG ~ GOS K 
By substitution of (27) in combination with (28) in (29), we then obtain 
VU VW VW : rf ° ° 

M oor ~,M oo and -&,.,. as functions of 6,¢, %, 6, py, and £. 
Further by Fig. 4: 


M \ 
rele ao... Aa 


VW V 


AM cor ~» 
Hence in connection with (30) we ultimately find: 
M) ho A an 
M cor. (1,0, 9, y, o) 
(M ee 
M cory, (6, YY, , y, t) 


VW 


: M cox (6,¢, y, 4), y, t) 


Z 
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The time coordinate ¢ enters in the expressions (31), because by the fuel 
consumption a = a(t), whereas also ~ and # are considered as prescribed fun 
tions of time as well as the integrals in (27) which again depend on S as function 
of time. Because the magnitudes of the thrusts are assumed to be prescribed as 
functions of ¢, also in connection with (14) the fuel consumption is prescribed as 
function of ¢, from which also a as function of time follows 


7. Coriolis Moment of the Vernier Motors 
Introduce a vehicle rigid system of reference ¥ ¥ Z, which is obtained from 


e 


system x yZ by rotation y about * in a sense as indicated in Fig. 8. (Hence 
then the rotation y is in righthanded relation with X+.) We then have the 


transformation formula’s: 


y ?siny ycosy 
‘ / 
2 cosy + ysiny 
‘ ‘ 
and reversed: 
sin y y Cos y | 
‘ é 


Z cosy ysin y | 
‘ ‘ 





Let us indicate the Vernier motor corresponding 
with + X%) (= %»)) by & and with — %) by F (compare 
Fig. 4). (Hence if y is positive, the sense of the roll 
moment exerted by both Vernier motors 1s in right 
handed relation with Z-+-. 
Then the Vernier motor £, in a position y, has its nozzle axis parallel with 
, so that we have again a similar position as supposed in the equations (25) 
as to the system * 9 7. Hence in connection with (25) we obtain as components 
of the required Coriolis moment corresponding with the Vernier motor EF: 


2 Xp u~ c(z’) 0(2’) F(z’) dz’ — 2 Jgu~ c(2’) o(2’) F(2’) dz’ 





; O(E) O(F 
in which /, denotes the length of the nozzle of any Vernier moto! 
In (34) the integrals must now be extended along the central axis of the 
In order to indicate this, a lower suffix (E) is placed on the right of 


nozzle E. 
refer to the radiusvecto1 


the integral signs. Further in (34), %, Yg and 2) now 


7") of the entrance section of the nozzle E. Hence by Fig. 8: 
Aa ix» +7 Vy t+ k Z %) + 7(—asiny) + k(acosy + 4 (35 


in which 7 and & denote unit vectors in the directions f+ and 2 
the distance from the centre of the entrance section of the nozzle of a Vernie1 


and q denotes 


motor to the swivel axis. 
Further by (32): 


u ~ u~siny + u~ Cosy, u~ cosy “u~ sin y 
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Or in connection with (4’): 

u~ =@sin ff cos yp - sin y 

u~ = (y+ @cosO)siny + (sin sin y + § cos y) cos y 

u > (y) + @ cos 9) cosy + (@sin § sin y + fi cos y) siny 
Hence substituting (36) in combination with (35) in (34) we obtain: 


r~ 


ME 2 (g sin 9 cos p 4 sin y) \{ cos y + q) c( 


x 


+ ¢ cos 9) siny + (¢sin Asin yp + 6 cos y) cos y} 


2 x9 (G sin 9 cos p § sin y) c(2’) o(2 


OE 
( + @cos 4) siny + (@sin Asin yp + 6 cos py) cosy 


asin y c(2 


OVE 
Further by (33) and Fig. 4: 
MO, MO. = ME). siny + M2). cosy 
( E ie). E 
Al M cor ~ COSY — Meo: ~ SIN'Y m Liee 


3y (37) and (38) we then obtain: 


= 2(—qsin§ cosy 4 4 sin y) {4 cos y 


Xo (~sin 6 cos p — Gsin yp) 

() + @cos 8) siny + (@sin Asin y + 6 cos p) cosy| asin y} > 
i, 

sin y c(z’) o(2’) F(z’) dz’ 4 


O(E) 
-~ 2{( + g¢cos §)siny + (@sin Asin p + Ocos y) cosy} cosy » 
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fy 
> 


\ cos y q) c(2’) o(2’) F’(2’) dz’ 
OVE 


Me) 


corg = 2 {Xq (¢ Sin 6 cos y § sin y) 
(y { ¢¥ cos ff) sin ya (¢ sin # sin y fj COS y) COSY | a sin V; 
cosy c(2’) o(2 
OE 


2 {(y + gos 9) siny -- (@ sin Asin y + 4 cos py) cos y} sin y 


i cos y + q) c(2’) 0(2’) F’(2’) dz’ 
OF 
, 5 ; E I 
We obtain the corresponding expressions for ory, Meor, 
replacing in (39) x) by X%» and y by — y. If we then write: 
EF 
cory? 


M Be awe 


we obtain by adding: 


4(—q@gsin#cosyp- 4 sin vl cos y + q) c(2’) o(2’) F(2’) dz’ 


4{— x9 (psin 8 cos y — Osin p) 


» +g cos #) siny + (@sin Asin y + 4 cos w) cosy) a, sin y! 
y } / ¢ t t / 0 3 


] 
fy 


sin y c(z’) 0(2’) F(z") az’ 


OF 


4 (¢ sin § sin y 4 ficos y) cos? y (a cos y + q) c(2’) 0(2’) F(z’) dz’ 
OF 


ty 


2’ ¢(2’) o(2’) F(z’) ie 


= 4 (p+ Gcos 4) sin? y ie cos y + q) c(2’) o(2’) F(z’) dz’ 
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8. Differential Equations of Rotary Motion of the Vehicle, in Terms of 9, ~ and y 


Let us firstly assume that at any moment the vehicle rigid system XY YZ 
coincides with the principle system of inertia of the vehicle + still included fuel. 
Then with respect to this system the vector differential equation of rotary motion 
becomes: 

- dB : ee 
yo 1 (1% > st xX 1) + Man, (41) 
at 

In this equation .@ denotes the resulting moment of the thrusts of the three 
rocketmotors with respect to O (= centre of gravity of vehicle + still included 
fuel); further B is the moment of momentum as to 0 of the vehicle with still 
included fuel as a whole, conceived as rigid body, with the mass of the flowing 
fluid in the nozzles and the mass of the rotor of the turbo pump assembly 
included, whereas denotes the angular speed of this rotor as to the system 
XYZ and J its moment of inertia as to the axis of revolution. Let us assume that 
the direction of @ coincides with the direction X 

Remark: If 3, denotes the tow speed of an arbitrary particle of the vehicle 
due to the rotation of the vehicle as a whole, and 3d’ the relative speed of this 
particle as to the vehicle rigid system X YZ, we may write for the total moment 
of momentum: 


\ 


Y - 
MY X V) 


m (7 


Y 
a \ 
cial 
in which m denotes the mass and 7 the radius vector of any particle and the 
summation be extended throughout all particles of the vehicle. Then: 


\’ 


m (Vv 
Further: 


\ 


Y _ 
M (Vo m (7 
eel 


’ ’ 

\ m (7 \ 

in which 7) denotes the radius vector of the centre of gravity of the turbo pump 

rotor, whereas now the summation ought only to be extended throughout 

all particles of the rotor of the turbo pump assembly, because only for these 
particles @’ #0. Then 

\’ 


M (Vo 


Hence 


so that: 


(ii B)+ (a x ol), 


on dB 
at 


M' | 


in which (dB,,,/dt) denotes the rate of change of the moment of momentum of 
the vehicle + still included fuel as to the system x y z which does not rotate 


as to the celestial background and .#@’ = .@ , 7 denotes the total moment 
as to x y z exerted by the flowing gas on the vehicle + still included fuel. 
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Now in equation (41) we have: 
2) y 
Ux uy Uz and EXO Uy Uy Uz 
uy ly Uy Ty uz lz ol 0 () 
in which Jy, /y and Jz denote the moments of inertia of vehicle + still included 
fuel as to X, Y and Z axis. 
Hence the component equations of (41) become: 
M x Ix Ux Uy uz (Iz Ty) M ry 
My Ty Uy ux uz (Ix I7) - Uz ol 
M 7 Tz uz tr Ux Uy (Ty Ty) uy ol yA rz | 
Further we find by differentiation of the equations (7): 
lix - p sin # cos yp — @ cos 9 cos p+ 6 


) sin 4 s1 yea fs ) fy Swap 
g~sinO sin p+y f sin y cos pry | " 
(4.9) 


iy = psinOsiny + @cos#sinp: 6+ q@sinAcosp-y + Pcosy — Osiny + | 


liz =p + Goosd—@sinb-O 
Further by the equations (8) and (9) we obtain: 


M x S™) asin asin f, My S(™) asin « cos f, Mz 


Further we obtain in (42): 


Ml Me: 


Mocory + Wear ys ; 
(45) 
Then substituting the equations (31) and the equations (40) in the right 
members of the equations (45) we obtain: 
M cory = Meory (p, 9,9, 9, y, t) | 
M cory (p, 6,9, 9, y, £) 


(46) 
M cor, (Pp, 6. y, f), y, t) | 


in which also y is considered as prescribed function of time as well as the integrals 
in (40). Further also in (44) S™), Sy, « and @ are to be considered as prescribed 
functions of time, as well as Jy, /y and /; in (42) which also vary with the fuel 
consumption. (Thereby we assume that by the fuel consumption the system X YZ 
displaces parallel to itself as to the frame of the vehicle, whereas the Z axis still 
coincides with itself.) 

Then substituting (7), (48), (44) and (46) in (42), we obtain three equations in 

0, y, bg. , Q, py, and f, 

which are linear in the second derivatives 9, g and y, and which can be solved 
as to those quantities. In this way we obtain the system: 

0 A (8, y, 6,0, t), =f. (9, y, b,q, y, t) = fs (9, y,6.¢,y, t) (47) 


By writing 6 = &, @ = 7 and j = € the system (47) is equivalent with the 


system of 6 simultaneous differential equations of first order: 
i = lo (4, yp, &, 


P=, 
Astronaut. Acta, Vol 
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[he numerical integration can be carried out according to the method of 
Runge and Kutta, or by the method of successive approximations. Applying 
the last one and starting from the initial state: 


Ao, Po» Wo» So "or So at time 0), 


we may write as solution in zero approximation: 
t= O)t 
0) ¢ 


QO) ¢ 


ae, £ ; ve a 
so! So » Vor So “or So 


0 Mor So é 


Str Sre Ire 


No! No Ss » Yo 


t sn oT 74 Yor Sor Nor Sor é 


I (& &, t) dt + — fy, 0? 


No t) dt 


t) at 


Y(l)o Po \ ~ So 





in which f;, = fi (0, Yo. £9. No» So» # 1, 2, 3. 
Substituting this zero approximation (48) in the equations (47’) and in- 


tegrating, we obtain as solution in first approximation: 


E(t), I i, (A(t)o, w(t)o, E(to, 7 (to, C (Bo, t) dt = & + x1 (0) 


fo (Wt)o, POo Elo, W(t). S(t)o, t) at 


1s (9Mo YPOo Fo no oo, t) at 


Sa | 7, (t) dt 


« 
0 


not 4 [ zat ar 


Wo + Co + He (t) | at Yo + Cott Y5(t) dt 


* 
0 0 





All integrals must be computed by quadratures. Then the first approxima- 
tion (49) can again be substituted in the right members of the equations (47’), etc. 
In order to obtain a sufficient convergence, the time interval 0 +? may not be 
taken too large. Then for the time ¢ the initial conditions can be found with any 
required degree of accuracy, after which for a sufficiently small interval the same 
procedure of successive approximations can be applied, etc. 























| 99> 
oo 
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In case the principle system of inertia, which we have assumed to be identical 
with XYZ does not displace parallel to itself as to the vehicle frame with the 
Z-axis still coinciding with itself, we have to choose as system X YZ a system of 
reference, which displaces in that way. Thereby we still assume that the centre 
of gravity of rocket +- still included fuel still remains on the roll axis, which is 
chosen as Z-axis. 

In that more general case we have to write in vector equation (41 


1 ty le 
ux B Ux Uy Uz 
By By Bb, 
in which: 
By uy ly — ty Dxy uz Dyz 
By uy Ty uy Dy Y uz Dyz 
Bz = uz Iz — uy Dzx uy Dy 


in which the symbols ®,, denote the corresponding centrifugal moments. We 
then obtain instead of the equations (42): 










My = 1x ty + uy (uzIz — uy ®zy — Uy Bry) 
uz (uy Ty ux Dy uz Pyz) + Moor, 
— ° My = Ty tty + uz (uy ly — ty Oxy — uz Pyz) ‘aia 
uy (uzglz — ux 7x — uy Dey) + uzmI + am — 
Mz, — 17 iz + Uy (uy Ty uy Dy y — uz Pyz) 
uy (ux ly — uy Bx uzPxz) — Uy wl +- Moor, 









If the fuel consumption as function of time is prescribed, we may consider 
in (42’) also the centrifugal moments ®,, as known functions of time. Then by 


i 


again substituting (7), (43), (44) and (46) in (42’), we again obtain a system (47). 







9. The Differential Equations of Orbital Motion of the Centre of Gravity 
of the Vehiele 

The motion of the vehicle is considered with respect to the geocentric system 
of reference xyz, which does not rotate with respect to the celestial sky. M be 
the mass of the vehicle + still included fuel at time ¢ 0. Then denoting the 
components of resulting thrust of the three rocket motors by S,, S, and S, and 
the gravitational inertial field of force acting on the unit of mass of the vehicle 
by F,, fF, and F,, we obtain as differential equations of orbital motion: 












F 


rean(t) at 
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(In the general case, /’,, /, and F, are also functions of ¢ when the field of force 
also depends on the motions of celestial bodies as the Sun and the Moon, which 
may be considered as given functions of time.) Now we have by the previous: 


(M (M ; (M 
Sy) = S™) sin « cos B, Sy S™) sin x sin £, SZ S|) cos 
, 7 ‘i 
\ Ss; (0) \ Sy 0) \ Sp 2 Sy cosy 
oe \ pe ) hd Z , 
so that: 
Sy = S™) sina cos 6, Sy; SM) sinasin 6, Sz = S™) cosa + 2Sycosy. (51) 


Further it follows from the equations (6), because the system xvz is parallel 

with the system x v z, that: 

> Sx (COS ) cOsg cos y sing sin y) Sy | cos f cosq sin y sing COS py) 
Sz (sin 6 cos @) 

S Sy (cos # sing cos y + cos sin y) + Sy (— cos 4 sing sin yp + cos@cos y) + 


Sz (sin 4 sin@) 





>) Sy (— sin 9 cos y) — Sy (sin # sin y) + Sz (cos 9) 


(52) 


In (51) and (52), S, Sy, x, # and y are to be considered as prescribed func- "2 
tions of time. Further, after integration of the system (47), 9, g@ and y 19 





are also known functions of time. Then substituting (52) in combination 
with (51) in (50) we ultimately obtain: 







v EF, (x, 9,2, 2), y = & (x, 9, 2,4), eo £te: 9,39) (53) 






rhen starting from an initial state %», Vg, 2%, %, Vo, 29 at time ¢ = O, the system 
(50) can again be integrated by steps, either by the method of Runge and Kutta, 
or by the method of successive approximations. 











10. Flight through an Atmosphere 


In the foregoing, we have only considered the flight in worldspace. In case 
of flight through an atmosphere, the vector equation (41) becomes: 
- aB aed ‘. i 
M 7 (ax B)+ (4 x @1) + Hort Maer (54) 









in which .@,., denotes the aerodynamic moment required, about the centre of 
gravity of vehicle still included fuel, in order to cancel the corresponding 






moment of the aerodynamic forces acting on 
the vehicle. 
In Fig. 9 the curved arrow then indicates 


the positive sense of rotation of the aer- 








odynamic moment .@,.,, whereas @,.; denotes 
the relative speed of the vehicle as to the 
surrounding atmosphere. S“ denotes the unit 
vector along the roll axis. 

Fig. 9 Then 








(S™, Dre) ) 





is the angle of incidence. 
Let us assume that the shape of the vehicle is axially symmetric about 
the roll axis (= Z axis). In that case we may write: 
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SM) 
(1) 
in which 


S(1) Tite 
* rel 
fa) arc COS 


| 
rel 


in which @ 


system of reference xyz, c,,(6) a function of 6, / a certain length, /(v, 


and 


of Vehicle 


 mpace 


Cm(O) 1 0 (xyz) f(Up 


| 
| 
V) | 
| 


denotes the speed of the vehicle as to the geocentric non rotating 


a function 


Of vye1, 9 the local air density and # the angular speed vector of terrestrial rotation, 


Whereas 7 be the radius vector of the vehicle. 
refers to the vehicle rigid system of reference X YZ. 


Cm(O) 


aer 


If we take the geocentric non rotat 


The vector equation (54) again 


From (55) it follows that: 


Lo (xyz) f(Uret 56) 


ing system xvz in such a that the 


z axis coincides with the terrestrial axis of rottaion, we obtain: 


Then we read from (57): 


and 


Further: 
SO) isin 4 cosq 


so that: 


i 
ie?) sin Ocosq 
x Vu 
¢sin § sin ¢ cos 6+ (y — xw)} 


k {sin O cos (vy — xu 


jsin 4 sing 


cos 4 


sin 4 sing 


Vu 


74(% yw) cos @ sin 9 cos@ + 2} 


) — sin # sing (x yw) (59 


Hence in connection with (56) and (59) we obtain as component equations of (55 


Min. 


sin § sing: 2 — (y 


sin 4 sin O° 2 (\) x w) cos 4/2 (x 


sin 9 COS | y 
ee 


(x yw) cos@ 


sin 9 sing: 2 — (Vv vw) cos 0) (x 


sin # cos (¥ 
i 


sin § cosy (1 sin # sing (4 


sin # sing: 2 — (¥ ‘os 4)? (x 


sin 4 cos@ (y 
in which: 
Vw) 


sin f cos¢ (x 
S rN 


arc COS 
(x 


x w) cos @|c, 


sin 9 cos@: 2 


sin 9 sin (¥ 


| 
Aw 


(0) lo (xyz) 


vw)cos 4 sin 9 cos q 2 


sin 9 sing (x 
Cm(0) Lo 


}cos@ sin 9 cosg 





vw) sin # sin p (% 


YW) | Cm(0) lo (xyz) f(t 
yw) cos§ — sinO cos: z 


vw) sin # sing (% 


cos ff: "4 





(y vw)? 
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Then further by the transformation equations (6) we obtain: 
( ery AM aer (COS f cosg COS y sin ¢ sin y) 
AM xr (COS sing cos y + cos@ sin y) + Maer, (— sin 6 cos y) 
cos 4 COS | sin y sing COS y) 
cos 9 sing sin y = COS@ COS y) AM ser SIN f) sin y) 


Mees 


That AM vcr 0 follows directly from the fact that .@,., has the direction of 





(S@ » Dre), SO that Maer 1S perpendicular to S®) that is perpendicular to the 
direction Z-+-.| By substituting (60) in (61) we then obtain: 
M ser y = Macry (%, V, 2, %, 9, 2, 4,7, y) 


Zz, X, V, 2,6,9, py) 


Further we obtain as component equations of (54): 


M x Ty ux uy uz (Iz Ty) AM cory AM aery 


AM y I, Uy uy uz (ly Iz) t uz ol A cor a 4 (63) 


cary 
Mz Tz tz + Ux uy (Ly Ty) uyotl+. cory | 


in which again Jy, 7, and J7 may be considered as known functions of time, 
in connection with the fuel consumption. 

Then again substituting (7), (43), (44), (46) and (62) in (63), we obtain three 
equations in 6,9, y, 6,¢,¥%, 9, 7, Y, x, ¥, 2, %, ¥, 4, 4, which are linear as to 
4, ¢, and yw. Then solving the so obtained equations with respect to 9, @, and y, 

po 7 ; | i / 
we ultimately obtain: 

1, (9,9, y, 9,9, , x, ¥, 2, %, ¥, 2, t) | 
h, (9,9 »Y, 6,9, %, Ki, Vp 2, %,.95 2,0) | (64) 
fs (9,¢, yp, 9,9, y, X,Y, 2, %, ¥, 4, b) 

From (64) it follows that, as soon as aerodynamic moments come into play, 
the orbital motion of the centre of gravity of rocket -+ still included fuel becomes 
interdependent with the rotary motion about the instantaneous centre of gravity 
of vehicle + still included fuel. Now in this case of flight through the at- 
mosphere the vector differential equation of the orbital motion becomes: 


: $+L+W 


7 


+ 
M Gee (t) dt 


6 

in which F(x, y,z,¢) again indicates the grav 
itational inertial field of force referring to the 
unit of mass by which the vehicle is acted 
upon, whereas [L denotes the lift and W the 
drag. The direction of W then coincides with 

Jj, Whereas the direction of [ coincides with 
Trey X (S x G1), in which by the previous: 


S() isin § cosp + jsin@sing + kcos 8, 


t(x + YQ) 1 (4 x) 
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Then: 

rel 
C(O) 0 (xyz) F(v, 
Ure C 
and 
(S@ 


(SM 


rel 
Cy(0) 0 | 


Vrel 
in which again 6 = arc cos S{ @,)/v,. Then in 


l 


(SQ) x Drei) dre) X | Sin f cosg sin f sing cos 4 


X 


¢sin 6 sing (x yw) cos 6 sin § cos @ (¥ vu 
t vw) sin # sing 


(y vw) cos 9 2 sin f cosq 
Hence by (66), (67) and (68), the components IV,, W,, W., L,, L,, and L 
are defined as functions of x, y, z, x, ¥, 2,q@ and 9 
Let us write for simplicity: 
W = W, (%, y, 2, 2,9, 3,9, 9) 
W, Wy td, 9,3, 4, 9; 40:9) 
W, W(x, ¥, 2, 2.9, 29,8) : Le ee ae ee ee 
Then by the equations (51) (in which S“, S;, a and / are prescribed functions 
of ¢), (52) and (69) the component equations of (65) are defined, which then 
contain the quantities x, y, z, %, ¥, 2,9,q, y and ¢. Let us shortly denote these 
component equations of (65) by writing: 


Hence when aerodynamic forces and moments come into play, the equa- 
tions (64) of the rotary motion about the centre of gravity of vehicle still 
included fuel and the equations (70) of the orbital motion of this centre of gravity 
are interdependent, and can then only be solved in combination, starting from 
an Initial state: 

l O — Xo, Vor 2) Yo» Vor o> Do, Po Yo, Yo, Por Yo: 
For the solution of this combined system (64), (70) the method of Runge and 
Kutta is most suitable. 
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Abstract Zusammenfassung Résumé 


Thermal Stresses and Strains in’ Elastic Cylindrieal and Case-Bonded Grains. 
Having established the equations which give the maximum stresses and strains at 
the inner and outer radii of cylindrical case-bonded grains of infinite length subjected 
to thermal cycling, the paper discusses the influence of web fraction, case thickness, 
moduli of elasticity of the case and propellant and of grain Porsson’s ratio. It is 
shown that for modern designs the chamber elasticity can relieve appreciably the 
thermal stresses and strains. The analysis assumes an ideally elastic behaviour of 
the propellant and has been developped in the critical case of uniform grain tem- 
perature 


Thermische Spannungen und Verzerrungen in elastischen zylinderférmigen, an 
der Hiilse haftenden Treibsitzen. Es werden Gleichungen aufgestellt, mit deren Hilfe 
die wahrend der Aufheizperiode am Innen- und AuBenradius des Treibsatzes auf- 
tretenden maximalen Spannungen und Verzerrungen angegeben werden k6nnen. 
Der EinfluB des Gefiiges des als heterogen angenommenen Treibsatzes, ferner der 
EinfluB der Wandstarke der Hiilse, der Elastizitatsmoduli von Hiilse und Treibsatz 
und der Querdehnung auf die Spannungen werden diskutiert. Es wird gezeigt, daB 
bei heutigen Ausfiihrungen von Feststofftriebwerken die Elastizitat der Kammer die 
Warmespannungen betrachtlich herabsetzen kann. Die Untersuchungen wurden 
unter der Annahme eines ideal elastischen Verhaltens des Treibsatzes gemacht 
weiters wurde einheitliche Temperatur des Treibsatzes angenommen. 


Tensions et déformations thermiques dans un pain de propergol solide de forme 
élastique et cylindrique collé aux parois de la chambre. La présente étude commence 
par é€tablir les équations permettant de calculer les tensions et les déformations 
maxima dues aux cycles thermiques, aux rayons intérieurs et extérieurs d’un pain de 
propergol solide de forme cylindrique et de longueur infinie collé aux parois de la 
chambre. L’influence de |’épaisseur relative de la poudre, de l’épaisseur et du module 
d’élasticité de la chambre et des rapports de Poisson respectifs y est discutée. On 
montre que pour les chambres trés légéres réalisées a l’heure actuelle, l’élasticité 
de la paroi est susceptible de réduire de maniére appréciable les tensions et les déforma 
tions thermiques. La présente analyse présuppose le comportement parfaitement 


élastique du propergol solide ainsi que l’uniformité de la température dans le pain. 





1 Presented at the 12th Annual Meeting of the Deutsche Gesellschaft fiir Raketen- 
technik und Raumfahrt, Heidelberg, Germany, 23— 25th May, 1960. 

2 Ingénieur A.I.Br., M.S.Cal.Tech., Lecturer at the Institute of Aeronautics, 
University of Brussels; Consultant to Poudreries Réunies de Belgique and_ to 


Manufacture Belge de Lampes Electriques; Brussels, Belgium. 






































\. VANDENKERCKHOVI Thermal Stresses and Strains in Grains 


I. Introduction 


The purpose of this paper is to analyse the thermal stresses and strains in a 
case-bonded solid propellant grain during temperature cycling. 

The pressure stresses, which have been studied in (1), (2), 3° and 5), will 
not be considered hereunder. For the sake of simplicity, the grain is assumed 
to be cylindrical, with its outer surface rigidly bonded to the chamber wall as 
schematized on Fig. 1 where ’ refers to the wall. It is assumed that the grain is 
sufficiently long so that the end effects can be neglected and any cross-section 
perpendicular to the chamber axis remains plane under stress (the longitudinal 
stress is thus independent of 
the radius). The stress and 
strain analysis is fairly straight- 
forward if it is assumed that 
the chamber and the grain 
both behave in an ideally elastic 
manner, to a first approxima- 
tion. The coefficient of thermal 
expansion of the propellant z, 
is much larger than the coeffi 
cient of the case x, and during 
the cooling cycle all stresses 
thus become tensile stresses as 
the grain tries to pull away 
from the case. In this case, 
it has been shown by Zwick 
7| that the stresses are a max- 
imum when the thermal equilib- 
rium is reached, after a suffi- Figo i) Cross-section of the case-bouded eviind 
ciently long time. 


Il. General Equations 


The differential expansion between the grain and the case, at the outer radius 
R;’, is equal to the difference between the strains in the propellant and in 
the wall (these strains have opposite signs). 

By expressing this condition in both the tangential and the longitudinal o1 


axial direction, we get: 


wit) 


[y) Oo V (OR On) |, = Oe vy’ (OR 


E i: 


where F is the modulus of elasticity and » the PoIssoNn’s ratio, x, and «, being 
the linear coefficients of thermal expansion of the case and of the propellant 

7, is the temperature corresponding to stress-free conditions (temperature 
at which the bond has been formed) and 7, is the actual equilibrium temperature 


in the grain. 
Moreover, the equality of the two right hand terms yields: 


On 
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For hollow circular cylinders, the stresses can be expressed by means of the 
LAME’s equations in which the inner pressure #,; = 0, and the pressure p, acting 
on the outer surface of the grain is the contact pressure resulting from the dif- 
ferential expansion between the case and the grain: 


R,’ 

Rk,’ 
The longitudinal stresses depend on the type of constraints applied to the 
ends of the chamber and of the grain. 


and m 


In most cases, however, the final results 
are not very much influenced by the actual relationship between the longitudinal 


stresses, and the condition for axial equilibrium provides a fairly good approxima- 
tion. 


This condition can be written: 


a.2(R.* R;?) 


Iq. (3) thus gives, after elimination of 6», a4’ 


| m? E ] y 1+ mm’ 
1 — m? 
(0) 


») 


Finally eq. (2), after elimination of all stresses, provides an expression for 


the contact pressure p,: 


19 
m “ 


[he critical stresses, expressed by the LAME’s equations, are: 


A. the tangential stress at the inner radius 


2 p, 


| m? 


(O94) 


which represents the danger of fissuring the grain, 
B. the radial stress at the outer radius 


(Cr), P. (")) 


which represents the danger of rupturing the bond between the chamber and the 
erain. 
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It is seen from the preceding equations that tensile stresses result from cooling 
the grain below the stress-free temperature, when the grain tries to pull away 
from the chamber and the contact pressure becomes negative 

The computation of the critical tangential strain at the inner radius (é» 
is also often needed for determining the danger of failure, depending upon the 
failure criterium used. We get: 


l+ m? (sal vy 1l+ m’? 
p. 2 l — m? gE’ I yl—wm’” ; 
\€o) ; - 10 
I 1 — m? E I y’ 1 — m? ; 
l ; eT 
gE y | m'* 


Numerical computation shows that the strain (&% ilwavys has the same 
sign than (oy); by opposition with the case of pressure stressing where large 
positive elongations can be encountered in the presence of only compressive 
stresses. Threedimensional effects are thus of less importance in the present 
problem than during the combustion, in the presence on an inner pressure p 

Let us now discuss the influence of the various parameters 





Hil. Ideally Rigid Chamber 


Vol. 
6 


If the chamber can be assumed to be ideally rigid, by comparison with the 
grain (E/E’ = 0), the preceding equations reduce, in dimensionless form, to 





roa Oe ly Ty) (1 Ly l m*—2y 

Figs. 2, 38 and 4 represent these relations as functions of the ratio of the 

coefficients of thermal expansion «,/x, for several values of parameter m which 
is representative of the web fraction (m ranges from 0.2 to 0.8) 

The computation has been carried out using two extreme values of the 

POISSON’S ratio, i.e. 0.35 which corresponds to a hard propellant and » 0.5 














for a resilient incompressible composition. 

It is seen that: 

1. the stresses and strains increase together with the difference between the 
coefficients of thermal expansion and for the current value «./%, » 0.1, they 
have almost reached their maximum asymptotic values, 

2. the stresses and strains are much more severe for large web fractions which 
correspond to small values of m = R;/R, than for thin webs, 

3. the stresses and strains appreciably increase when the POIssON’s ratio 
increases towards its upper value 0.5 which characterizes the resilient rubbery 
propellants mostly used for case-bonding. 
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4. the radial stress at the outer radius of the grain is approximately twice 
smaller that the most critical tangential stress at the inner radius. The radial 
stress at the outer radius is representative of the required bond strength. 


(1 - A/c.) 
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Fig. 2. Tangential stress at the inner radius as a function of the ratio of the coefficients 


of linear thermal expansion and of m, for an ideally rigid case (dimensionless form) 


IV. Influence of the Chamber Elasticity 
Numerical computation using eq. (7) shows that the influence of chamber 
elasticity results in alleviating the stresses and strains in the grain. 
Indeed it can be readily shown that: 


(4); (OR) 


¢ 


(6)i,E/E’ — 0 (OR)e,E/F’ 
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Fig. 5 represents these ratios as functions of parameter m’ which is rep 
resentative of chamber wall thickness (m’ ranges from 0.95 which corresponds 
to a very thick wall to 0.995 for a very thin case) for several values of param 
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Fig. 3. Radial stress at the outer radius as a function of the ratio of the coefficients of linea 


thermal expansion and of m, for an ideally rigid case (dimensionless form 











eter m ranging from 0.2 to 0.8 and two values of the PoIsson’s ratio; » = 0.35 
and 0.50. 
This figure has been computed for the value 
E 
E’ 


which corresponds for instance to a steel wall and a rather hard propellant. 


10 3 
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Fig. 6 represents also these ratios as functions of the ratio of moduli of 
elasticity E/E’, for several values of parameter m’ and the two extreme values 
of the Poisson’s ratio, in the case 

m= V.0 


which corresponds to a moderately thick web. 
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Fig. 4. Tangential strain at the inner radius as a function of the ratio of the coefficients 


of linear thermal expansion and of m, for an ideally rigid case (dimensionless form 















Finally Fig. 7 represents, in a dimensionless form, the critical tangential strain 
at the inner radius as a function of the ratio of the moduli elasticity E/E’, for the 
usual values of m’ and vy, and in the case 





m = 0.6 
These three figures have been computed by assuming 
yp’ 0.30 
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Numerical computation shows that in eq. (10) the term between brackets is 
almost independent of the values of E/E’ and m’. Indeed, for » — 0.5, it varies 
only from 2.062 for E/E’ = 0 to 1.882 for the extreme case E/E’ = 10-2 and 
m’ = 0.995. 








Fig. 5. Ratios ot actual tangential stress at inner radius, radial stress a 
contact pressure to the corresponding values computed by neg 


as functions of m and 


Therefore, we also have, to a first approximation: 


(€9) P. 
(€o)i,e/E’=0 (Pe)E/E’ =0 
and Fig. 6 can also be used for calculating the influence of chamber elasticity 
on strain, at least approximately. 

It is seen that: 

1. the chamber elasticity tends to decrease the stresses and the strains in the 
grain. The higher the ratio of the moduli of elasticity E/E’ and the value of 
parameter m’ (the lower the chamber wall thickness), the larger the decrease. 

2. the factors which increase the stresses and the strains in the case of ideally 
rigid chambers, i.e. large values of the web fraction (low values of m) and larg 


(12 
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PoIsson’s ratios, also increase appreciably the favourable influence of chamber 


elasticity. 
These last conclusions are somewhat in contradiction with the generally 
accepted requirement for soft propellants (high elongation and low value of E) 








Fig. 6. Ratios of actual tangential stress at the inner radius, radial stress at the outer 
radius and contact pressure to the corresponding values computed by neglecting chamber 


elasticity, as functions of E/E’ and m’, for m 0.6 


in case-bonded motors for the purpose of sustaining the differential expansion 
between the case and the grain during temperature cycling. 

This requirement is obvious for thick walled chambers made of steel (low m’ 
and high e’). However for thin-walled chambers (very high m’) and for motors 
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made of light materials (low £’) such as fiberglass-reinforced plastics, one may 
consider taking advantage of chamber elasticity by using a more resilient propel- 
lant (larger £). 
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Tangential strain at the inner radius as a function of E// 


dimensionless form 


Fig. 7 shows that an important decrease in thermal strain can be obtained, 
unfortunately at the price of a sizeable increase in the strains due to pressure 
during the combustion. 

Indeed, Fig. 8 taken from [2)} shows how the critical tangential strain increases 
together with the ratio E/E’ and the wall relative thinness m’. 

It has been computed for v = 0.495, and #; is the effective combustion 
pressure. 

For normal combustion pressures of the order of 70 kg/cm?, and soft propel- 
lants, the pressure strain contributes roughly to 50°, of the total strain and 
the use of a harder propellant is probably not feasible since a decrease of the 
thermal strain will result in an increase in pressure and total strains. 


Astronaut. Acta, Vol. VI, Fasc. 6 
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However for solid propellant engines designed for vacuum operation, much 
lower combustion pressures can be selected and the thermal strains can become 
much larger than the pressure strains. In such case, the use of a hard propellant 
may possibly become advantageous. 








m =06 
\) =0495 
\'=0.30 














Fig. 8. Tangential strain at the inner radius as a function of the ratio k/k’ and m’ (n 0.6 


and p 0.495), in the case of pressure stresses 


The preceding results can only be used with great caution for determining 
the thermal stresses and strains, due to the following factors: 

|. The temperature and rate of strain dependence of the modulus of elasticity 
and of the Polsson’s ratio must be known accurately. 

2. The preceding discussion is valid only for temperature equilibrium. The 
equations for computing the stresses and strains when the temperature is not 
uniform in the grain have been given in {5! and {7'. Zwick has shown, however, 
that the stresses are a maximum when thermal equilibrium is reached, but that 
sizeable stresses can also occur at the beginning of the thermal cycle (see also [4)). 

3. The stresses calculated for cylindrical grains can be used for determining 
the stresses in more complicated internal burning grains such as star-perforated 
charges, through stress concentration factors which have been studied extensively 
by WILLIAMS in [8] and [9). 

4. The preceding theory assumes the ideally elastic behaviour of the propellant 
which actually is a strongly viscoelastic material. Moreover the relaxation time 
of the propellant is probably much shorter than the time required to reach a 
uniform temperature in the grain. The complexity of taking the viscoelastic 
behaviour into account during the transient is such, however, that it has precluded 
a systematic investigation as discussed in [4). Nevertheless WILLIAMS concludes 
that a purely elastic analysis can provide useful results and at least indicate the 
influence of the parameters involved. 
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Fluides relativistes de conductibilité infinie 
Pat 
Yvonne Bruhat! 
Ave 


1960 


Résumé — Zusammenfassung Abstract 


Fluides relativistes de conductibilité infinie. Nous étudions, pour un fluide rela- 
tiviste parfait, chargé et de conductibilité infinie, d’une part les caractéristiques et 
» propagation des ondes, d’autre part les équations reliant les discontinuités 

des diverses grandeurs physiques a la traversée d’une onde de choc. 

Nous nous placgons, pour faire cette étude, dans le cadre de la Relativité générale 
donne directement aussi les équations des fluides en relativité restreinte dans 
un repere quelconque Les expressions que nous obtenons pour les vitesses de 
propagation, ou les équations des chocs, ne font d’ailleurs par intervenir le champ 
le gravitation et sont directement valables en relativité restreinte. 

Nous trouvons, dans chaque direction, trois vitesses de propagation des ondes 
orrespondant a la vitesse d’ALFVEN et aux deux vitesses hydrodynamiques 
apparaissant dans les fluides compressibles) de la mécanique classique. Les vitesses 
obtenues coincident avec les vitesses classiques si la pression p et le carré |h|? du 


champ magnétique sont négligeables devant oc? (o densité, c vitesse de la lumiére 


lans le cas de tres fortes pressions ou d’un champ magnétique intense, on voit 
ipparaitre des termes correctifs aux expressions classiques 

Nous é€crivons ensuite les équations satisfaites a la traversée d’une onde de choc, 
qui prennent des formes différentes selon que le cosinus de l’angle du champ mag 
nétique avec la normale a l’onde de choc est inférieur ou supérieur au rapport de la 
vitesse de propagation de cette onde a la vitesse de la lumiere. 

Zur Dynamik einer relativistischen Fliissigkeit mit verschwindendem spezilischem 
Widerstand. Die mit Hilfe der allgemeinen Relativitatstheorie erhaltenen Ergebnisse 
dieser Arbeit stimmen zum Teil mit denjenigen tiberein, die mit Hilfe der speziellen 
Relativitatstheorie (MiINKowskI-Metrik) erhalten wurden, und weiters mit bekannten 
Ergebnissen der nichtrelativistischen Magnetohydrodynamik, wenn p/o und |h?!/o 
ils kleine GroBen betrachtet werden kénnen (pf Druck, o Dichte, h magnetische 


Feldstarke 


Determination of Wave Fronts, Speeds of Propagation and Equations of Shocks 
in a Compressible, Electrically Charged Perfect Fluid with Infinite Conductivity. 
lhe study is done in the framework of general relativity, it gives in particular the 
corresponding results for fluids in special relativity (by taking a MInkowsktan 
metric), and results already known for classical fluids (by considering p/o and |h?)/o, 
p pressure, o density, # magnetic field, as small quantities 


1 Professeur a la Faculté des Sciences de Paris, Institut Henri Poincaré, 11, rue 
Pierre Curie, Paris 5°, France. 
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I. Equations générales 


Les equations des fluides chargés en relativité générale se composent 
1°) des équations d’ EINSTEIN 
Dey i ’ 2 y Kk. | 
ou R,, est le tenseur de Ricci de la métrique d’espace-temps vg, et le tenseul 
d’impulsion-énergie du schema fluide chargé considér« 
2°) des conditions de conservation 


Kaa 


3°) des équations de MAXWELI 


c’est-a-dire 
(H*« 


VG ] | 


ou H,, et G,, sont respectivement les tenseurs champ magnétique-induction 
electrique et champ électrique-induction magnétique. /’ est le vecteur courant 
électrique. Dans un fluide électrique et magnétique parfait, de permittivit 
électrique ¢ et de perméabilité magnétique mw, les tenseurs G,, et H,, sont liés 
par l’intermédiaire de la vitesse unitaire u*. Definissons les vecteurs quadri- 


dimensionnels champ électrique et champ magnétique par les relations (cf. |6 
Hy, u®, Ie 7 


les vecteurs induction électrique et induction magnétique ¢tant 


d, == Gp, uv’, b, = Hg, u 


les vecteurs e, h,d,h sont orthogonaux (au sens de la métrique 
vitesse 1%: 
6, U* = hy, Us = dy U* 

leurs composantes dans un repére propre (7 

é Ho;, 

h 0 G 
et coincident alors avec les composantes des tenseurs électromagnetiques 
usuellement désignés par champs et inductions électrique et magnétique 

Dans la théorie de MAXWELL, les vecteurs champ et induction sont propol 


| 
tionnels; nous poserons 


On déduit de ces relations (cf. 


He. Le Grn 10 
Remarque. Les conditions de conservation (2), jointes aux equations di 
MAXWELL donnent les équations des fluides chargés en relativité restreint 
quand on prend pour métrique g,,;, la métrique de MINKOWSKI 
1 Yapys Aésigne le tenseur completement antisymetrique définissant 


élément de volume associée a la métrique gy 
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Il. Le tenseur d’impulsion-énergie d’un fluide chargé 
C’est la somme du tenseur d’impulsion énergie ¢,, du schéma fluide considéré 
en l’absence de champ électromagnétique, du tenseur de MAXWELL T,, et 
éventuellement Gun terme d’interaction dont la forme est discutée. 
Pour un flvide parfait de densité 9, pression f, et vitesse unitaire u,, on a: 
t, (o + p) Uy Ug — P gap. (11) 
Le tenseur de MAXWELL, dans un milieu ot champs et inductions sont 
confondus (e = «4 = 1) a pour expression en fonction du tenseur antisymétrique 
champ électromagnétique F,, (on a alors: G, H,, F 4): 
Te 1 Cay (F4# F,,) FF; : (12) 
Dans un milieu ou la permittivité électrique e et la perméabilité magnétique uu 
ne sont pas égales 4 1, nous appellerons tenseur de MAXWELL le tenseur non 
symetrique: 

Tx 4 gap (G*" Hay) — Gy App; (13) 
la divergence de ce tenseur, compte-tenu des équations de MAXWELL, est en 
effet: 

V, Ca A nal 4 (1% Vi Goa Gos 


J, H® est le quadrivecteur force de LORENTZ classique: les trois composantes 


[7 H) (14) 


— 


d’espace sont de la forme 6£; + (7 A B); ot 0 est la charge apparente, 7 le 


courant et B le vecteur induction, donné par les composantes d’espace du tenseur 


H*’; la composante /* Hj, —7:-E représente le travail des forces électro- 
magnétiques. Le terme supplémentaire! H”’ V,G,, — Gyo V,H° est nul (avec 
eu 1) si les lignes de courant sont des géodésiques de l’espace-temps ortho- 
gonales a une famille d’hypersurfaces entre lesquelles elles définissent une corre- 
spondance isométrique (c’est-a-dire si le mouvement est statique au sens de la 
relativité générale). 

Pour pouvoir écrire les équations des fluides chargés dans le cadre de la 
relativité générale, le tenseur T,, doit étre symétrique: il faut ajouter au tenseur 
T un tenseur “d’interaction” 1,, tel que Tx, 4 Tx Soit symétrique; ceci peut 
étre fait de diverses facons. Une autre solution serait de prendre pour le premier 
membre des équations d’EINSTEIN une quantité non symétrique. On pourrait 
penser rejoindre ainsi une interpretation des théories “‘unitaires’’, proposée par 
CoOsTA DE BEAUREGARD et ScIAMA. Toutefois, les identités de conservation de 
ces théories portant essentiellement sur les quantités symétriques, 11 ne semble 
pas possible de les utiliser directement. 

Dans le cas dont nous allons nous occuper (fluides de conductivité infinie) 
le tenseur T,, luicméme sera symétrique et nous pourrons nous placer dans le 
cadre de la relativité générale sans terme d’interaction. 


Ill. Expression du tenseur de Maxwell en fonction des champs 


> > > <> 
Etant données les définitions des vecteurs e,h,d,b le tenseur 
(G"" Hy, — G2 Hyp) (15) 
1 Ce*terme apparait déja en physique classique; cf. E. DuRAND, Electrostatique 


et magnétostatique, Paris: Masson, 1953, et C. LATREMOLIERE, DiplOme d'études 
supérieures, 1960 
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s’exprime en fonction de ces vecteurs et de w, par 
Fo (Uy 1 on) (€, a? > 0°) — e,d h,l 
ou 
== Hig Oe 4 
r { ‘/ 
| Neuvp Uh” uw. 
Ce tenseur n'est en général pas symétrique, méme avec des inductions propot 
tionnelles aux champs. 


IV. Fluides de conduetivité infinie 
Le vecteur courant J’ est en général la somme d’un courant de convection y 
(y la charge apparente propre) et d’un courant de conduction o e” (6 conductiviteé) : 
VG J yu’ + oer; (18 
dans un fluide de conductivité infinie le champ électrique e est nul et |’équation 
de MAXWELL (4) est a remplacer par: 
e Uy, LH (). (19 


Les tenseurs H,, et G,, sont alors proportionnels 


On a d’ailleurs (en prenant d 0, uh) 


‘up) Ut \A\* — why he, 


ol on a pose: 
h*h; h\? >0 
~e a * @ P . 
Si e est nul, H,, s’exprime en fonction du champ / par 
* ; , 
Ba u (ho u* — h* u 
le premier groupe des equations de MAXWELL (3) s’écrit don 
V,, (nF ux — h* u*) = 0 
La force de LORENTZ V,,T,, est 
Fate (u% u i XB) uy 0, |h\? 4-  |h\? V,,(u% u*) 
C’est un vecteur orthogonal a la vitesse “* et au champ magnetique h*: compte 
tenu de (23) on a: 


V. Kquation de continuité, équations du mouvement 
Les conditions de conservation V,, 7% 0 donnent, pour un fluide 
chargé, l’équation de continuité par la combinaison 
rea" up V,\(o+ p) u*u p g tT 0 
qui donne’ la méme équation de continuité que pour les fluides non charge 
Ve \\o-+ Pp) UX u* 0,p 0 
Compte-tenu de cette équation, les équations du mouvement Il, 
(o+ p) u*V,u (1% u o%6) 0p + V, T 0 
Les équations de la mécanique des fluides chargés de conductivite infinie st 
composent des équations (27), (28) et (23), et des équations d’EINSTEIN (1) 
Si l’on néglige les phénomeénes de gravitation, on n’a a tenir compte que des 
équations (27), (28), (23) ot la métrique ds? est celle de la relativite restreinte 
(mais n’a pas forcément, dans un repére quelconque, la forme de MINKOWSKI 
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VI. Probléme de Cauchy 


Supposons connues a un instant donné (c’est-a-dire sur une variéteé initiale S$ 
orientée dans l’espace) les quantités u*, h*,p ainsi que les potentiels g,, et leurs 
dérivées premiéres. Le fluide est supposé admettre une équation d'état 9 = o(f). 
Un raisonnement classique pour les équations d’EINSTEIN montre que les 
dérivées secondes de g,, sont alors déterminées, a un changement de coordonnées 
pres. Pour étudier la détermination des dérivées des u*, h*, $, nous prendrons, 

g00 l, 2; Oi, 2 Q) par- 


2; » 410 ) 


en un point de S, un repére LORENTzien ( 


ticulier dont nous définirons ainsi les axes e,: 
‘st orthogonal a S, 
‘st orthogonal au 3-plan éo, u, h, 
orthogonal A e, et dans le 2-plan w, h, 


est orthogonal 


étant orthogonal a uw et h, on a: 
f= fF =O. (29) 


> 


Le vecteur é, est d’autre part une combinaison linéaire de u et A: e,=Au 


les vecteurs u et A se projettent donc sur le 3-plan (é@,, e,, @5) suivant des vecteurs 
0 1 y 4 

colinéaires; on a: 
u ku}, hA®°= kh, (30) 
Dans le repére mobile envisagé, les dérivées! @; d’une quantité quelconque 
ne dépendent que des valeurs sur S de cette quantité. Cherchons a déterminer 
les dérivées dé) des composantes de / et uw sur S au point M: les équations (23), 
(27) et (28) s’écrivent, en désignant par /(d.C.) une fonction des données de 

CAUCHY: 

h® wu?) = f(d.C.) (31) 
(32) 


VII. Ondes d’Alfvén 


Les équations (31) et (33) s’écrivent pour / 2 (compte-tenu de u* h* 
en M): 
u° 0, h? — h® a, u? = f(d.C.) 
(ot ptm ih?) uw d,u? —wh® dh? = f(d.C.). 
On tire donc de ces équations @ u? et d) h?, sauf dans le cas exceptionnel: 
(u°)? (o + p+ 4 \h\?) —p (h®)? = 0. (35) 
Si la variété initiale S a pour équation / = Cte. en coordonnées curvilignes 
quelconques, l’équation (35) devient (on pose 9 + p = 7): 
u ih\?) — w (h* a, f)? = 0. (36) 


1 Dérivées pfaffiennes: cf. E. Cartan, Lecgons sur la géométrie des espaces de 


RIEMANN, Paris: Gauthier-Villars, 1928. 
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Nous appellerons, par analogie avec la mécanique classique, les surfaces 
solution de cette équation, surfaces caractéristiques pour le systéme des équa 
tions des fluides chargés, ondes d’ALFVEN. Elles sont en un quelconque de leurs 
points tangentes au cone dual du cone Cy, d’équation 


(u* X,)? (ry + u |h\?) — w (ht X,)? = 0, 2a) 


qui se decompose en deux plans orientés dans l’espace. Le cone dual est don 
deux droites orientées dans le temps: les ondes d’ALFVEN sont les surfaces dont 
le plan tangent en un point passe par une des droites précédentes 


VIII. Vitesse de propagation 


La vitesse de propagation d’une onde en un point, par rapport a un repére 
LORENTzien, est la pente spatio-temporelle dans ce repére de son plan tangent 
en ce point; c’est donc l’inverse de la pente spatio-temporelle de la génératrice 
du cone dual du céne d’ondes normale au plan d’onde envisagé. Remarquons 
que cette génératrice a méme projection sur l’espace (le 3-plan ej, 5, é3) que la 
ligne de plus grande pente du plan d’onde: cette direction spatiale est appelée 
direction de propagation. 

Dans un repére propre, l’equation du plan C, est 


(Xq)? (7 uih®*) u(h' X;)2 = 0 38 
Cherchons la vitesse de propagation dans la direction e,: c’est l’inverse de la 


vente de la génératrice du cOne Cy se projetant sur l’espace en e,, c’est-a-dire 
] ' f I l 


telle que X, = X,= 0. Cette pente est, d’aprés (38) 
Xo" , ie h - 
: : 39) 
Aa ul (h,)* 


h, est la projection de h sur ej, c’est-a-dire sur la direction de propagation. On 
en déduit la vitesse de propagation des ondes d’ALFVEN dans une direction 
quelconque 

u (h,,)? 

(v4)* = (40 

y u h ar 

ou h, est la projection de / sur la direction de propagation. Cette vitesse est 

toujours inférieure a 1 (vitesse de la lumiére): elle est équivalente, pour p et h 

d’ordre 1/C? devant o a la vitesse d’ALFVEN de la mécanique non relativiste 
tt (Ay)? 
ae 


IX. Ondes hydrodynamiques 


Posons, au voisinage du point M, 


w= eee, h* = k' h® 1] 
dans le repére choisi on a, en M, k = R’. 
L’équation (31) avec 6 1 donne: 
h® u® a, (k — k’) = f(d.C.) (42 


d’ot l’on tire @ (k — k’) en fonction des données de CAucuy si u° h® + 0 
Les quantités u3, h? peuvent étre calculées en fonction des autres com 
posantes de w et hf a l’aide des relations: 


UU; I, hu; 0. 45 
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Les dérivées @) restant a calculer sont alors celles des quantités u°, h®, k et p. 
On peut les tirer de l’équation avec # = 3 qui s’écrit, si l’on désigne par f (d. C. c.) 
une fonction des données de CAucHY et des quantités précédemment calculées: 


/ h® 
a, ( | /(d.C.c.) (44) 
Th 
et des équations (27) avec f= 0, 6 = 1 et B On peut remplacer cette 
derniére par: 
p) u® e° a.) = fid.C.c.). (45) 

















valeur 


Fig. 1. Pour og ih? j uh les droites C4 et Cp sont échangées. Pour 9 l 
(1 


minimum physiquement admissible, correspondant a un fluide incompressible) Cy est 


confondu avec C et Cy'*) avec Cy 
Les equations (27) avec / 0 et B | s’écrivent: 
: | 
(1 +- Rk?) ay" HaG.) (46) 


h® 


u? 


we f(d.C.c.), (47) 


7 ! 0)2 bh (740) 2 he\" 2 
Ao ke p) k (u®)* — k (u°)* 3 (1+ k*) —k 


d’ou on tire, par résolution d’un systéme d’équations linéaires, @ #°, a) k et d% p 
si le déterminant des coefficients de ces quantités est différent de zéro. L’annula- 
tion de ce déterminant donne le cas exceptionnel ot S est tangente en M au 
cone caractéristique hydrodynamique: si S a pour équation / = Cte., l’annula- 
tion du déterminant précédent (ou l’on remplace u° par u*% d,/, h® par h* d, / 
et g® par g*4 6,7 8,/) donne |’équation aux dérivées partielles satisfaite par les 


ondes hydrodynamiques : 


do Ps ‘ , 
2 l}(o + p) (u*0,f4'+lo+p+uwh 
dp 

uu (h* 0, f)? g% 0, f 0, f = 90. (48) 
Ces ondes sont, en chacun de leurs points, tangentes a un cone du quatriéme 
ordre dual du cone obtenu en remplacant dans |’équation précédente 0, f par X,. 
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Pour étudier ce cone, il est commode de le rapporter au repére propre dont 
O 


son sommet est l’origine: on a, dans ce repére, ¢, = u, g?= 1, g 


prenons, de plus, pour support de e, le vecteur h. L’équation du cone est alors, 
en posant r= o0-+ p, 0’ = do/dp, 


(r+uih?)o' Xt—|(r+uih 20’) » Xj? + lhl? X71 X52 + ww |h|? X{? > Kaa @ 


(49) 
L’étude de l’intersection de ce cOne avec une droite montre qu'il se compose 
de deux nappes distinctes Cy") et Cy). La nappe intérieure Cy'!) est convexe, 
H H H 
et toute droite issue d’un point intérieur a cette nappe coupe le cone en quatre 
points réels distincts, sauf dans le cas exceptionnel uh? 0’ =r +uh?*, ot ll 
admet une génératrice double dans le 2-plan (é, é}). 
Les plans des ondes d’ALFVEN C4 cont toujours tangents a Cy suivant des 
A H 
génératrices du 2-plan (é», €,). Pour o’ > 1 le cone lumineux C est intérieur 
a Cy. Fig. 1 représente une section par le plan X I 
H 0 


X. Propagation des ondes 


Calculons la vitesse de propagation des ondes hydrodynamiques par la 
méthode indiquée au paragraphe VII pour les ondes d’ALFVEN. On trouve, 
dans chaque direction, deux vitesses de propagation: 
y+u\hio’ u hy |” + (r+u ho’ +u h,,|*)? 4u h,,\2.0' (r uh) 1/2 
(v)* | Same ES eR =o 7 . 

20' (r+ \h!?) 
(50) 

Ces vitesses coincident avec les vitesses calculées par H. CABANNES (1) en 
mécanique non relativiste quand on néglige p et A devant o par rapport auquel 
ils sont d’ordre 1/C?. 

On vérifie, d’autre part, qu’elles sont inférieures a 1 (vitesse de la lumiére 
pour 9’ > | et encadrent la vitesse d’ ALFVEN. Pour 0’ = | (fluide incompressible), 
une de ces vitesses est égale a 1, l’autre a la vitesse d’ ALFVEN 


XI. Mouvement permanent 


Nous dirons, avec LICHNEROWICZ, qu’un mouvement fluide est permanent 
si la métrique riemannienne associée admet un groupe d’isométries qui laisse 


invariant wu et fp, et ici h, a trajectoires orientées dans le temps. LICHNEROWICZ 
a montré qu'il existait alors des coordonnées dites “‘adaptées’’ au caractére 
stationnaire, ou, les trajectoires du groupe étant prises pour lignes de temps, 
les quantités g,,, uz, p et h, sont indépendantes de la variable temporelle x’. 
Dans l’espace a 3 dimensions V3, quotient de l’espace-temps par le groupe 
d’isométries, les caractéristiques du systéme différentiel d’équations des mouve- 
ments permanents des fluides chargés sont donc, en chaque point, tangentes au 
cone dual des sections des cénes C, C4, Cy par le plan orthogonal au vecteur v 
générateur du groupe d’isométries. Ces caractéristiques sont toutes réelles si 
la vitesse du fluide dans le repére adapté est supérieure a vy"), sinon certaines 
sont réelles, d’autres imaginaires: on rencontre ainsi un exemple physique de 
systémes différentiels qui ne sont ni totalement hyperboliques, ni elliptiques 
Il serait intéressant de trouver les problémes aux limites qui sont bien poses 
pour ces systémes. 
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XII. Equations de choc 


La forme lV, H** oe Y,7* 0 sous laquelle se présentent les equations 
des fluides chargés permet d’écrire immédiatement les équations vérifiées par 
les discontinuités de 1%, h*, p a la traversée d’une onde de choc (hypersurface 
orientée dans le temps). On montre en effet que les potentiels de gravitation g, 
et leurs dérivées premiéres ne peuvent pas admettre de discontinuités a la 
traversée d’une hypersurface non caractéristique. Si les quantités u*, h*, p sont 
continues dans un domaine D, sauf a la traversée d’une hypersurface S orientée 
dans le temps, les équations des fluides chargés s’¢crivent dans des coordonnées 


locales: 


(h* u bP ut) = 7, — [% (51) 


ou /’ et g’ sont des fonctions continues par morceaux dans D. La verification au 
sens des distributions de ces équations par des quantités h%, u*, p discontinues 
A la traversée de S entraine la nullité des mesures singuli¢res, portées par S, 
introduites par les dérivations figurant au premier membre, c’est-a-dire les 
equations : 


~ 6 


(ed) 


ou 2, est la normale a S et ou on a désigneé par A A la différence 
les valeurs d’une méme quantité A de part et d’autre de S. 


XII. Choix dun repére orthonormé 


Pour étudier les équations (51)— (53), il est commode de prendre, en un 
point M de S (orientée dans le temps) un repére orthonormeé deéfini de la facon 
suivante: 


e, est la normale unitaire 7 a S$ (spatial) 


> 
> 


€y est normal a l’hyperplan e,,_, u— (spatial) 

€,, normal a e, dans le 2-plan (h_, w_) est spatial ou temporel, selon que ce 
2-plan coupe le plan tangent a S en M suivant une direction spatiale ou tem- 
porelle ; 


e, est normal a ¢,, @9, €3 (temporel si e, est spatial, spatial si e, est temporel). 


Le vecteur e, du 2-plan (#,f) est tel que: 


uh 


> 
> > 


O=A(U,n)+u(h, n); 
uw €tant unitaire et h orthogonal a u 


ue h 2 


> 7 


> 


(A étant spatial on a (h)?< 0: on pose (A)? h*). e, est donc spatial (de 


longueur Q) si 


temporel dans le cas contraire. 
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Pour interpréter linégalité, plagons-nous dans un repére propre 
quantités ,/n; = v; sont, dans ce repére, les composantes de la vitesse de 
pagation de l’onde de choc par rapport a ce repére ot l’on a: 


> > 


(u,n No 


Vinégalité s’écrit don 


Sain ) cos? (h, n) Pa 


dou 
cos? (h, 1) v-. (62) 
On en déduit que eg, est spatial si le cosinus de l’angle du champ magnétique 
avec la normale a l’onde de choc est inférieur a la vitesse de propagation de cette 
onde par rapport au repére propre (la vitesse de la lumiére étant prise pour unité) 
Dans le cas contraire, e, est temporel: ce dernier cas est celui traité, pour 
les chocs, en relativité restreinte, par HOFFMANN et TELLER 4 en prenant un 
repére ot! l’onde de choc apparait comme stationnaire, et tel que le champ 
magnétique et le vecteur courant soient paralléles. 
I] apparait enfin un cas singulier: c'est celui ot le vecteur e, est isotrope, 
cas ou: 
cos? (h, 2) rie (63) 
Les ondes de choc correspondantes sont les hypersurfaces / = Cte. satisfaisant 
a l’équation aux dérivées partielles 


h|? (u* d,, f)? — (h* a, f)? = 0 


ce sont les hypersurfaces dont le plan tangent passe par la droite isotrope u 


XIV. Equations des choes 
Les équations satisfaites par les discontinuités a la traversée d’une onde de 
choc s’écrivent de facon simple dans le repére choisi, différemment selon qu 
linégalité (57) est vérifiée ou non. 
On a, dans les deux cas non singuliers 


hu 


’ 


(a p) ub u peg! 


Les equations (65), (66) avec £ 


» 
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On en déduit 


h- 
E l \9 
(jot+pt+yu h\?). (u.)? - 
Les équations (65) avec @ = 0 donnent d’autre part 


1 
hu Q. 


Les vecteurs “ , et h. se projettent donc sur le 2-plan ( Cos é,) suivant des vecteurs 
colinéaires, comme w_, h. ; ona 
biuy, By Sha. (74) 
On déduit de (71) et (78) que le 2-plan (w,, h. ) passe par le vecteur e; comme 
le 2-plan (1. h ): Vinégalité (57) (respectivement l’inégalité contraire) est donc 
encore vérifiée aprés le choc si elle l’est avant le choc. 
Placons nous dans le cas de |'inégalité (57): le vecteur e, est alors spatial 


et @, est temporel; donc, uw étant unitaire et orthogonal a h 


(76) 


d’ou on déduit, compte tenu de (67), (68), (71), (74), que, de chaque cété de S, 


(43)? 


et aussi 


(u1)2 |hl2 — (h})2’ 
Les équations (65) avec 6 = 3 et (66) avec £ , 0 ou 3 déterminent les dis- 
continuités (hk), [u'), [A], (pj, s’écrivant 


h? uy) — hi us | . (80) 
re 


Dans l’hypothése de J inégalité (u, ny? < (h, n)2 hi, le vecteur 
temporel et ¢, spatial, et les égalités (78) sont 4 remplacer par 
(u3)2 — (k2 + 1) (v1)? + 1, 
(k2 + 1) hu} 


h3 
u 3 
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d’ot 
h? 
2 | h > ; ($6) 
1)2 1)2\p\2° 3 
(h1)2 (u*)* ih\2 u* 
Les équations des chocs se déduisent des équz — (82) en remplacant dans 
la deuxiéme k? + 1 par k? — 1 et dans la troisiéme le signe par un signe 


Leur interprétation physique sera différente puisque les trois composantes de 
la vitesse usuelle du fluide par rapport au repére choisi sont, dans le premier 
cas u!/u®, 0, u3/u® et dans le deuxiéme cas u1/u3, 0, 09/13. 

Chocs infiniment faibles: quand les discontinuités (w*), (h*), | sont in- 
finiment petites, les équations des chocs sont équivalentes a des équations 
linéaires homogénes. Les chocs correspondants sont donc identiquement nuls, 
sauf si le déterminant des équations est nul. La condition trouvée exprime que 
l’hypersurface est singuliére au point de vue du probléme de Caucny, c’est-a-dire 
caractéristique. 

On retrouve ainsi les ondes d’ALFVEN et les ondes hydrodynamiques 
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Uber Energieprobleme der interstellaren) Raumfahrt! 


Von 
G. Marx? 


3/1. Oktober 1960 


Zusammenfassung Abstract Résumé 


Uber Energieprobleme der interstellaren Raumfahrt. Die prinzipiellen Energie- 
verhaltnisse der interstellaren Raumfahrt werden vom physikalischen Standpunkt 
aus diskutiert. Der Erhaltungssatz fiir Baryonenladung verhindert die Verwirk- 
lichung von relativistischen Raketenprogrammen mit chemischen oder nuklearen 
lreibstoffen. Die Antimaterie scheint die einzige Mdglichkeit zu bieten, andere 
Sternsysteme im Rahmen eines Menschenlebens zu erreichen. 


On Energy Problems of Interstellar Space Flight. The principal energy conditions 
of interstellar space flight are discussed from the viewpoint of physics. The law of 
conservation for barionic charge prevents the realization of relativistic rocket pro- 
grammes by means of chemical or nuclear propulsion. The antimatter seems to offer 
the only possibility of reaching other stellar systems within a human life-time. 


Problémes énergétiques du vol interstellaire. Les principaux rapports énergétiques 
impliqués dans le vol interstellaire sont discutés du point de vue physique. Le principe 
de conservation de la charge barionique n’autorise pas la réalisation d’un programme 
relativiste de propulsion basé sur l’emploi de réactions chimiques ou nucléaires. La 
seule possibilité d’atteindre d’autres étoiles dans l’espace d’une vie humaine semble 
continée a l'utilisation d’antimatiére 


In den letzten Jahren tauchte wiederholt die Frage auf: Gibt es irgendeine 
entfernte Méglichkeit fiir die Erreichung der Umgebung der nachsten Sterne, 
um in erster Linie die dort angenommenen erdeartigen Planeten zu besuchen ? 
Diese Frage wurde vom kinematischen und dynamischen Gesichtspunkt aus 
mehrmals behandelt (1), (2), [3|, [4), (5), (8). Hier wollen wir einige Be- 
merkungen vom energetischen Standpunkt aus hinzufiigen. Unsere Bemerkungen 
enthalten wesentlich bekannte Elemente, sind aber vielleicht dennoch geeignet, 
den diesbeziiglichen Gedankengangen und Spekulationen einige neue Stiitz- 
punkte zu liefern. 

Ein Besuch bei den nachsten Fixsternen beansprucht mit Riickfahrt 
die Uberwindung von etwa 10 Lichtjahren (3). Wenn man im Rahmen eines 
Menschenlebens bleiben will, mu& man den iiberwiegenden Teil des Weges fast 
mit Lichtgeschwindigkeit fliegen. Es sei x die Entfernung des Zielsternes, f)/2 die 


1! Der Verfasser ist Herrn Dr. ERNO NaGy fiir einige wertvolle Diskussionen zu 
Dank verpflichtet. 

> Institut fiir Theoretische Physik der Roland-Eétv6s-Universitat, Budapest, 
Ungarn. 
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fiir die Hinfahrt geplante Zeit, so wird die benétigte Fahrtgeschwindigkeit (g 
maf} der Formel der relativistischen Zeitdilatation) 


hierbei ist c die Lichtgeschwindigkeit. 

Im Anhang I wurde die relativistische Raketenfahrt vom energetischen Stand 
punkt aus hergeleitet. Im Falle einer unveranderten AusstoBgeschwindigkeit 
1) gelangt man zu folgendem Kesultat: 


oder fiir v~c (das heiBt cf, 


Wenn man die Rakete am Ziel abbremsen will, benétigt man das Quadrat, wenn 
man auch riickstarten und an der Erde wiederholt abbremsen will, die vierte 
Potenz dessen. So gelangt man im Idealfall zu 


/ 1 ) | , 10) 9 
2 m Zt l (Ct,ja x)" l 4 ( 4 x 
O og | ‘ 10]o¢ : 10]og (4) 
m 


“ l (C lo Ap 2 | " ly 


Tab. 1 gibt den Logarithmus der minimal bendtigten Massenverhaltnisse (Q) fiir 
verschiedene Zielentfernungen x und Auswurfgeschwindigkeiten w an, ange- 
nommen f, = 10 Jahre als Gesamtreisedauer. Man sieht, daf realisierbare Massen- 
verhaltnisse sogar fiir die nachsten stellaren Ziele sich nur ergeben, wenn w sich 
der Lichtgeschwindigkeit c nahert. (Ahnliche Beispiele wurden in [3) angegeben.) 


Tabelle 1 Loganithmus des Massenverhadltnisses, 
10 Jahres 








1 Lichtjahr ; 34 500 : 0,345 
10 Lichtjahre 250 000 Zi 2,0 


100 Lichtjahre 640 000 64 6.4 
1000 Lichtjahre 1 040 000 10: 10.4 


fett gedruckte Werte: realisierbar 
Startmasse 

(@) 10]og - : ° 

: Zurtickkehrmasse 


Die Frage ist nun, welche AusstoBgeschwindigkeiten prinzipiell realisierbat 
sind. Heute existierende Triebwerke mit chemischen Treibstoffen k6nnen 


chemischen Treibstoffen realisierbar ist. Wenn man als Nutzfaktor e das Ve1 


é 


haltnis Brennwarme zu Ruheenergie einfiihrt, kann man daraus die entsprechende 


w ~3km/sec geben. Das ist gréBenordnungsmaBig das Optimum, das mit 
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ideale maximale AusstoBgeschwindigkeit fiir eine optimale Umwandlung von 
Reaktionsenergie in geordnete kinetische Energie gemaB Gl. (15) bilden (vgl. [2)): 


Ze fiir e 1): 


charakteristisch 





3 km 
30 000 km 
300 000 km 


Man erkennt aus Tab. 2, daBg mit chemischen Treibstoffen eine Ausstob- 
geschwindigkeit von héchstens 10~° c, mit Spaltungs- oder Fusionsstoffen 10~! ¢ 
erreichbar ist. Das ist aber viel zu wenig fiir eine interstellare Raumfahrt im 
Rahmen eines Menschenlebens. Hier ist nun zu betonen, daB der Erhaltungssatz 
der Baryonenladung 10° bei Kernreaktionen unitiberschreitbare Grenzen fiir die 
vollkommene Umwandlung der Ruheenergie in kinetische Energie setzt. Die 
besten Moéglichkeiten sind durch die Kernreaktionen 


[J 235 n —» Spaltprodukte, 0,001 
H2 H2 —- He. F 0.006 
H! —. Fe6 ‘ O.O15 


gegeben. Infolge des erwahnten Erhaltungssatzes ist ein Nutzfaktor « O.OLS 


nur mit Antimaterie zuganglich. 

Man k6nnte denken, daB, wenn die frei gewordene Energie auf eine kleine 
Masse konzentriert werden kann, diese Masse aus der Rakete mit einer Ge- 
schwindigkeit beliebig nahe der Lichtgeschwindigkeit ausgestoBen werden kann!. 
Dieser Gedanke taucht bei den Planen fiir lonenraketen mit chemischen Brenn- 
stoffen als Energietrager, bzw. bei den mit nuklearen Treibstoffen arbeitenden 
Photonenraketen oft auf. In diesen Fallen ist die Menge des verbrauchten Treib- 
stoffes die ,, Asche‘ unbedinet viel gr6Ber als die von der Rakete mit groBer 
Geschwindigkeit ausgestoBene Materiemenge. Die iibrigbleibende nutzlose 
Masse soll also mit Relativgeschwindigkeit Null von dem Triebwerk abgegeben 
werden. Auf diese Weise gelangt man aber gemadf dem Satz, der im Anhang II 
hewiesen wird, ber gegebenem Start-Ziel-Massenverhdltnis unbedingt zu einer 
kleineren Endgeschwindighkeit als beim Ausstofen der gesamten verbrauchten Tyretb- 
stoffmenge mit eimer gleichverteilten Geschwindigkeit w. Der Beweis des Satzes 
wird fiir den idealen Grenzfall gegeben. Wenn man den reellen, weit unter 
100°,, liegenden Wirkungsgrad der Energieumwandlung in Betracht zieht, ge- 
langt man zu einem ahnlichen Resultat. Der Wirkungsgrad fiir die gleichmaBige 
Energieverteilung auf groBe Massen ist ja immer besser als der fiir die Aufheizung 
eines kleinen Bruchteils der Gesamtmaterie mit hoher Energiekonzentration. 
Mit dieser Methode kann man also der Lésung des gestellten Problems nicht 
naher kommen (13). Unser Endresultat lautet daher folgendermaBen: 

Zu jedem Trethstofityp gehort eine optimale AusstoBgeschwindigkeit, die gleich- 
ceitig den zu diesem Stoff passenden Typ des Raketenantriebes bestimmt, und zwar 

bet chemischen Treibstoffen die thermische Rakete, 

het nuklearen Tretbstoffen die Ionenrakete, 

he. Antimaterie die Photonenrakete. 


Das Richten der Photonen wird in 7! und 9° behandelt. 
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Bei chemischen Treibstoffen kann also die Ionen- und Photonenrakete, bei 
nuklearen Treibstoffen die Photonenrakete keine ernsten Vorteile haben. Diese 
Folgerung ist bei weiteren Untersuchungen auf diesem Gebiet zu beriicksichtigen 

Das Vorhergesagte, das heiBt der Vergleich der Tab. | und 2, bedeutet, daB 
Menschen mit Atomraketen nur die duferen Grenzgebi ; 
reichen kinnen. Fiir eine Raumfahrt mit Menschen ins interstellare Gebiet bis 
zu den nachsten Planetensystemen ist die einzige Mdéglichk 
getriebene Rakete. Infolge der Erhaltung der Baryonenladung kennt man keinen 
anderen Stoff, der mindestens im Prinzip stabil verpackbar ist und d 

mit Hilfe gewohnlicher Materie die Umwandlung des grdBten Teiles seine 
Ruheenergie in kinetische Energie erlaubt. Die Produktion von Antimaterie 
in groBen Mengen benotigt eine riesige Energiekonzentration, ihre Lagerung be 
notigt ein recht kompliziertes elektromagnetisches Feldsystem. Diese Probleme 
sind aber prinzipiell lésbar. In diesen Raketen wird dagegen keine Tara vor 
kommen, alle verbrauchten Raketenstufen und leergewordenen Behialter sind nam- 
lich bei Zerstrahlung der Antimaterie in der nachsten Stufe als Treibstoff brauch 
bar. Die Zerstrahlung von Protonen und Antiprotonen fiihrt zur Entstehung 
von geladenen Teilchen und von sehr harten Gamma-Quanten. Das hat zu 





keit die mit Antimaterte 





rT 
it 


Folge, daB der Motor der Photonenrakete wahrscheinlich kein einfaches heiBes 
Plasma kleiner Ausdehnung sein wird, sondern daB man das gesamte Problem 
als Einheit behandeln und lésen muB. 

Mit nuklearen Ionenraketen ist es natiirlich m6glich, automatische Registrie1 
apparate in die Nahe von weiten Sternen zu bringen, wenn man auf die Ab- 
bremsung, auf die Wiedergewinnung und auf eine kurze Reisedauer verzichtet 
Zum Beispiel fiir ein Reiseprogramm mit « 0,0lc, 4 10 Lichtjahre, 
ty/2 200 Jahre geniigt ein Massenverhdltnis 100, wenn alle ausgeniitzten Massen, 
Behalter, Spaltungsprodukte usw. zum Unterhalt des Ionenstrahles_beniitzt 
werden [3], [12]}. 











1 Die Photonenrakete, getrieben durch einen Antimaterie-Motor, ist nattirlich 
eine prinzipielle Méglichkeit in sehr ferner Zukunft Wenn man die riesigen be 
notigten Massenverhdaltnisse betrachtet, die sich fiir chemische und nukleare Trei 


stoffe in Tab. 1 ergeben, taucht natiirlicherweise die Frage auf: ware es nicht még 
lich, den nuklearen Treibstoff am Ziel, vielleicht sogar wahrend der Fahrt zu 
ganzen? Auf dem Ziel-Himmelsk6rper ware fiir die Gewinnung passender Isotopen 
z. B. H?, U2, eine entwickelte Industrie n6étig. Dues ist aber nicht unbedingt 
moglich. 

Wahrend der Fahrt fliegt die Rakete durch sehr dtinnes Wasserstoffgas, welches 
st [10 Das Aufnehmen des Wasserstoffes in die 


prinzipiell reich an Fusionsenergie 
Rakete st6Bt aber auf prinzipielle Schwierigkeiten. Erstens sollte das Wasserstoffgas 
auf die Geschwindigkeit des Raketenkérpers beschleunigt werden. Das bringt abet 
einen ebenso groBen Energiebedarf mit sich, als ob der Wasserstoff vom Start an mit 


gebracht und mit dem Raketenkorper beschleunigt wtirde. Die einzige Moglichkeit 
fiir das Umgehen dieser Schwierigkeit ist ein Triebwerk gemai der Idee vol 
Dr. F. KAROLYHAZY, wo das Wasserstoffgas durchstrO6men k6nnte Der Gewinn vol 
Fusionsenergie wtirde dann ohne Abbremsung oder Beschleunigung auf die Raketen- 
geschwindigkeit geschehen. Hier kommt aber die zweite Schwierigkeit lie inter- 
stellare Materie besteht praktisch aus dem leichten Wasserstoffisotop H'!, welches 
fiir eine Fusion ungeeignet ist. Die Reaktion H! H! — H? y geht 


wegen des geringen Wirkungsquerschnittes sehr langsam vor sich. Es bleibt noch die 
Moelichkeit der Fusion durch Kohlenstoff und Stickstoff, wobei h6here Temperature! 
und Kohlenstoffkatalysatoren nétig sind. Ein Energienachschub von der Erde mit 
Hilfe eines Strahlenbiindels ist infolge des DoppLer-Effektes nicht nur praktisch, 
sondern auch prinzipiell ein nicht zu verwirklichendes Phantastikum 
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Anhang | 

Der Treibstoff eines idealisierten Raketentriebwerkes formt den Anteil ¢ 
seiner Ruheenergie ohne Verlust in die kinetische Energie der ausgeniitzten und 
ausgeworfenen Materie um. Wie ist nun der Zusammenhang zwischen End- 
geschwindigkeit und Start-Ziel-Massenverhaltnis ? 

In einem Augenblick sei m die Restmasse der Rakete, v ihre Geschwindigkeit 
in einem Inertialsystem. Der Raketenkérper wirft Materie mit Geschwindig- 
keit «# (in demselben Inertialsystem gemessen) aus, seine Masse vermindert sich 
auf m dm (dm 0). Der Bruchteil ¢ der Ruheenergie c?2 dm des Treibstoffes 
wandelt sich in kinetische Energie um, die Rakete wird infolgedessen auf eine 
Geschwindigkeit 7 dv beschleunigt. Schreiben wir (c 1 gesetzt) die Energie- 
und Impulsgleichungen der relativistischen Dynamik auf: 

(m + dm) (v + dv) (l—e)dmu 
| | (v + dv)? | 1 — 4? 
dm (1 e) dm 
lv)? | | “7 
Anstelle der Differentiale fiihren wir Differentialquotienten ein, 


a mi 
(‘)) 
am | l 
a m 
dm | l v" | | ne 


oder anstelle der Restmasse m des Raketenkérpers als unabhangige Variable 


(10) 


log mM, 


a 

ax 1 

d 

ax 1 ae 


Eliminieren wir aus den zwei Gleichungen die Geschwindigkeit « und fiihren wir 


(11) 


(12) 


als abhangige Variable 
(13) 
| | v2 


so gelangt man zur folgenden Differentialgleichung: 


st |v (14 
ax ae 2s 


Hier wurde die neue Bezeichnung 

w*—1 —(] )? (15) 

eingefiihrt. Die anschauliche Bedeutung von w ist leicht zu finden. Schreiben 

wir die Gl. (8) in dem Inertialsystem auf, in welchem der Raketenkérper momentan 

ruht. In diesem Falle geht w in die auf den Raketenkérper bezogene Ausstob- 
geschwindigkeit iiber, 

d m . 

(16) 


2 


dm | 1 v* mn 


Nach Austfiihrung der Differentiation, geschrieben m = mp, fiir v = 0 mit Be- 
riicksichtigung, daB dv/dm < oo, erhalt man auf der linken Seite den Wert 1. 
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Auf der rechten Seite fiihren wir statt « gemaB Gl. (15) w ein. So bekommt mat 
folgende Gleichung: 
| w 
- 17 
| ua 0 


w ist also die auf den Raketenkérper bezogene AusstoBgeschwindigkeit 
Die Differentialgleichung (14) ist leicht l6sba1 


” 


| i 
w ax arch log LS 


* 
log m 


dahet 


1!) 











Das ist die Endgeschwindigkeit der Rakete, wenn sie in unserem Inertialsystem 





aus der Ruhe gestartet ist und wenn sich ihre Ruhemasse von m, auf m vermindert 
hat. Die Endgeschwindigkeit ist von dem zeitlichen Ablauf des Massenaus 
stoBes vollkommen unabhangig. Der Nutzfaktor « und somit die Auswurfg 
schwindigkeit w kann sich natiirlich wahrend des Betriebes 4andern, z. B. beim 
Ubergang auf einen anderen Treibstofftyp. Man kann auch die Abspaltung de: 
entleerten Raketenstufen als eine solche Abanderung betrachten 

Wenn der Nutzfaktor ¢ wahrend der ganzen Fahrt unverandert bleibt, ergibt 
sich aus (19) 











| (m/m,)= 
, 0 >) 
I (m/m,))* 
Diese fiir den Spezialfall « const. giiltige Gleichung wurde erstmals durcl 





ACKERET abgeleitet | 1 








Anhang Il 





Der Raketenk6érper wirft den Bruchteil x des verbrannten Treibstotfes mit 
einer Relativgeschwindigkeit w, den verbliebenen Anteil # mit einer Relatiy 
geschwindigkeit w’ aus. Wie sind die Auswurfgeschwindigkeiten w, w’ bei g 
gebenen «, £ zu wahlen, um mit gegebenem Treibstoffverbrauch dm > eine mani 
male Geschwindigkeitszunahme zu erreichen ? 

Schreiben wir die der Gl. (10) analoge Energiegleichung im momentanen 
Ruhesystem aut: 









a m o. } 
| 2] 
dm | | w 0 | | w? | | ge 
Hierbei ist A = 1/1 —w?, B=1///1—w’, und es gilt aA +6 B=1 
Auf diese Weise erméglicht die Kenntnis der Massenanteile «, 6 und des Wertes 
von A die Bestimmung und Eliminierung von Bb: 


a= 
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Welches A hat man nun bei gegebenen x und / zu wahlen, um die gr6Bte Be- 
schleunigung zu erreichen ? Wir betrachten dazu den der Gl. (9) analogen Impuls- 
satz in demselben Ruhesystem. 


ad mi x ui bw’ : 
» ) l 49 (2. ) 
aim | | = 0 | ] uy” | ] a 
daraus folgt 
ai : ' 9 2 ) ) ) 2 
: aVvA*—I B| B? I | x2 A? a (l —aA)?+ £? 
d log m 0 


Dies hat ein Extrem, wenn 


d 17 a A l a A vd vd " 
x| 0, (2d) 

1A | dlog m 0 | x2 A? a? yd x~A)24+ £2 u w’ 
das heiBt « ve’ ist. Das bedeutet, daB die Beschleunigung am gr6Bten ist, wenn 


fre1 gewordene kinetische Energie auf den ganzen verbrannten Treibstoff 


gleichmabig verteilt ist und dessen ganze Masse mit gleicher Geschwindigkeit 
ausgestoBen wird. 
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Variable Conditions of the Terrestrial Exosphere' 
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HW. K. Paetzold and H. Zsehorner? 


With 7 Figures 


PR ved September 20, 1960 
Abstract Zusammentassung Résumé 
Variable Conditions of the Terrestrial Exosphere. Three effects seem to b 
more influence than seasonal and latitudinal variations, at least up to 60° latitude 


logether they may vary the air density by a factor of 1000 and the temperature fro1 
1000° to 2000° K at an altitude of 100 km. Further, the earth atmosphere follow 





Vol. 
6 
1960 structure of the exosphere and the escape of the lightet1 gases He and H mus 


any influence with a very small delay due to its low contents of energy \t least the 


considerably with the solar cycle, magnet iCctiV1t\ da ind night ind with the 







position of the earth in its orbit 





Variationen der irdischen Exosphare. Drei Effekte scheinen oberhalb 60° Bre 


on grd0Berem EjinfluB zu sein als die jahreszeitlich 1d breitenmaBig bedinete1 






Schwankungen Zusammen kOnnen diese in 100 km Hohe die Luftdichte um 








Faktor 1000 und die Temperatur von 1000 bis 2000° K andert Weiters tolgt di 
i rdatmosphare wegen ihres geringen Energiegehaltes jedem EinfluB 1 | 

lotzeit Ferner mtissen sich die Struktur der Exosphare und das Entweichen det 
leichten Gase He und H betrachtlich mit der Sonnentatigkeit, der magnetische1 






\ktivitat, mit Tag und Nacht, und auch mit der jeweiligen Position der | 












Sur la variabilité des conditions dans V’exosphére de la Terre. 
étre plus importants que les variations de latitude et les variations saisoni¢res 







moins jusqu’a 60° de latitude Ils peuvent faire varier la densité par un facteut 
de 1000 et la temperature de 1000 a 2000° K a l’altitude de 100 kn Le pl iS tm«< 
sphere suit chaque influence avec un faible retard di a son faible contenu O 
I.a structure de l’exosphére et la libération des gaz légers comme He et H doive 
varier considérablement suivant le cycle de l’activité solaire, l’activité magnét 






le jour et la nuit et la position de la Terre sur son orbite 










lhe variable acceleration of artificial earth satellites offers the opportunity 
to get some information about the physical conditions of the outer terrestria 
atmosphere and its variability. But it must be pointed out that satellite observ: 
tions give only an average over space and time. That means that only 

of the several influences can be derived. On the other hand a comparison wit 


1 1 +1 1 


rocket measurements seems to be rather dubious because this method gives 


Introduction 


















| Paper presented at the XIth International Astronautical Congress, St 
Sweden, August 15— 20, 1960 
2 Technische Hochschule, Miinchen, Bundesrepublik Deutscl 







374 H. K. PArETzoLp and H. ZSCHORNER: 


information for a single moment and a single date and its data are extremely 
inhomogeneous to those of satellite observations. 


ON 20dSuNS 
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The analysis of satellite accelerations is based on the simple formula ignoring 
the effect of electrical forces, which can be assumed certainly as valid below a 
height of about 800 km: 
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dP : Ke oe 
dn 2M D Q\h) as 


dP/dn the decrease of the revolution time P during one revolution, 

M the satellite’s mass, 

Ff the cross section of the satellite perpendicular to the tangent of its orbit, 

Cp the drag coefficient, 

o(h) the air density at the height / 
In general, this formula can be simplified 


dP 
dn 


[: 
2 P Vl 2nr(R NP pe) O hp ( e, Hth 


with Cy 2, hp. the height of the perigee and F the mean effective cross se 
tion {[1'. The factor c varies only slowly with the orbit excentricity e and the 
height function H(h) of the scale height. 

Due to the effective factors mentioned below this factor c was not approx 
imated by a simple approximation as other authors have done, but it was 
numerically calculated from formula (1). This is important, if the satellite’s 
orbit crosses geographical regions with a different function of o(h) (day-night 
effect), or if the function H(h) shows one or several ‘‘kinks’’ with altitude 

Fig. | demonstrates the acceleration of Sputnik III during one year and a 
half. Several influences are shown, which can only be distinguished if several 
satellites with different orbits (perigee height and inclination of orbit)  aré 
simultaneously observed. For the numerical evaluation the function o(h) can be 
determined starting with a first approximation in formula (1) for the calcula 
tions of c in formula (2). In general the third approximation is sufficient. It is 
important that the acceleration of satellites be normalized for the different in- 
fluences to get the density distribution for the different conditions (day-night 
without systematic errors 

The several influences on the air density are linked together and can only\ 
be distinguished step by step. It must be pointed out that it is quite impossible 
to explain the very complicated fluctuations of the satellite’s acceleration only 
by one or two influences, as has been tried by other authors (2). Three effects 
seem to be predominant: 

(1) A solar wave-effect (WW), and correlated to it a day-night effect 

(2) A corpuscular-stream effect (P) (magnetic storms 

(3) An annual effect. 

In the following sections an analysis of these three effects is attempted 


Il. The W-Effeet and the Day-Night Effect 


The comparison of the acceleration of Sputnik III (1958 0,) with its rocket 
gave the first sure evidence that the variations of the acceleration of satellites ar 
mostly caused by the fluctuations of the air density itself and not by variations 


of the effective cross-section of F of the satellites in formula (2) (3 On the 


other hand a strong correlation could be established between the sunspot numbet 
and major fluctuations of the accelerations. Regarding the old result of BARTELS 
that the solar short-wave influence on the ionosphere shows the same strong 
correlation to the sunspot number, it is evident that this kind of effect on the 
air drag must be caused by the short ultra-violet radiation of the sun. It is also 
evident that a further strong correlation must be related to the solar radio 
emission in the decimeter region [4], [5|, (6), which is emitted in the condensa 
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tions of the inner corona. In any case, such an influence of the short UV emission 
of the sun on the air density could be expected from the long known influence on 
the ionosphere, and it is not surprising at all. The amplitude of the W-effect 
increases strongly between 170 and 230 km altitude, that means that the heated 
laver is situated in the /’,-laver 





variation for Explorer | 

‘rom the dependence on the UV emission a strong day-night effect in the 
upper atmosphere is also evident. The linear increase of the relative amplitude 
of the air density from day to night with height means that the main heat loss 
of the upper air is mainly caused by heat conductivity and not by spectral 
emissions 

In Fig. | the day and night time of the perigee of Sputnik III is plotted. 
It can be seen that during the day the air drag is somewhat higher than during 
the night. This day-night variation strongly increases with altitude according 
to Table I. As the local time of the perigee 
of several satellites changes but slowly with 
time the day-night effect is mixed with the 
annual effect below, and a careful analysis is 
necessary to distinguish these two effects to 
avoid great errors (7. The dependence of the 
day-night variations upon the local time is 
demonstrated in Fig. 2 for Explorer I. The shape 
of this curve seems to be equal for altitudes 
above 300 km, only the amplitude strongly 
varies with altitude according to Table I. 

lig. 3 shows the amplitude of the air density for day and night (curve /a, /)) 
and the solar cycle (/a, 2). The temperature has been approximately calculated 
assuming an atomic weight of 15 above 300 km height. A temperature variation 
of nearly a factor 2 from day to night is well consistent with recent ionospheri 
observations in the F,-layer. From this variation follows a pronounced bulge 
of the high atmosphere towards the sun, whose amplitude is greatest during the 
sunspot maximum (Fig. 4). The time of its maximum occurs two hours after 
local noon. This bulge involves some dynamical problems of the upper atmosphere, 
since the latter will rotate with the earth. E.g., for a given point ,strong diurnal 
winds follow with a period of one day as has already been observed by ionospheric 
drift measurements in the /’-layer. Further, there will be an influence of hor- 
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izontal heat conduction, which will moderate the diurnal variation resulting from 
vertical heat transport. 
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At least the composition of the high atmosphere and the exosphere must 
vary considerably from day to night, and with solar activity, since the gravita 
tion-diffusion equilibrium is established within 1000 sec above an altitude ot 
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200 km. E.g., the day-time values give a density of the N,-molecules of 10? to 


103 per cm? which is in good accordance with the emission of the N,*-bands in 
the spectrum of sunshine auroras. 


if 


J 
fo-" 


g/em3 





thi — 


\ir density in th Single points according the descent of the perigee of 


1958 Os 


Hil. Density and Temperature Distribution in the F-Layer 


The decay of Sputnik III in the spring of 1960, and the homogeneous correc- 
tion of all the different influences for other satellites give the opportunity to 
determine the function o0(f) with some detail in the /’-laver (Fig. 5). The errors 
of the different points can be estimated to + 10°, according to the scattering. 

According to Fig. 5 the slope of o(4) markedly decreases at an altitude above 
170 km, indicating a heated layer above this altitude. This agrees well with the 
absorption measurements of the solar He II-line (804 A) of American rocket 
ascents 8S. From this it can be suggested that the ionisation and the heating 
in the /-layer is mainly caused by this line, whose intensity will considerably 
vary with the temperature at the inner boundary of the solar corona. Hence 
the close correlation between the fluctuation of air drag and the solar short wave 
radio emission is directly understandable. 

Another interesting feature is shown by Fig. 5: A slight “Kink” in the slope 
of o(h) which has already been noticed by other authors (9), [10). From this a 
maximum of the scale height H and the temperature 7 would follow at 190 km 
and a secondary minimum at 240 km height. The explanation of such a more 
complicated pattern in the /-layer is not simple, and involves the assumption 
of a second heat source above 250 km and a heat sink at 240 km altitude. In 
any case, this temperature maximum can be very slight only due to general 
atmospheric dynamics 


IV. Influence of Larger Corpuseular Streams 


Beside these effects the influence of larger corpuscular streams (P-effect) 
can also be seen during stronger magnetic storms when the acceleration is 
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considerably enhanced 11. Fig. 6 gives as an example our own observations 
of Sputnik III during the great storm from 31 March to 2 April 1960. The ai 
density increases by 20°, at the height of 170 km and 30° N latitude. This effect 
is not easy to explain. For it is wellknown that during magnetic storms thi 
F-layer is lifted upwards by electro-dynamic forces, and draws the neutral 
atmospheric components somewhat within. On the other hand a real heating 
effect will probably exist due to the absorption of hydromagnetic wayes above 
lOO km 12. 


Date 
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Fig. 6. Influence of magnetic storms 


As shown by the given example, the influence of incoming corpuscular clouds 
can be distinguished clearly from the other fluctuations only for a greate1 
magnetic activity (planetary indices Ap > 5). But though the influence ot 
magnetic activity is generally small compared with the IV’-effect it follows clearly 
from a detailed analysis of the monthly fluctuations of the accelerations of 
satellites (e.g. Fig. 1). In general the air density increases by 5°, above 200 km 
if the planetary magnetic activity A p increases from 10 to 20 etc. This value refers 
to low and mean magnetic latitudes. Since the P-effect will increase towards 
higher latitudes, it may explain the fact that the seasonal and latitudinal depend 
ence of the temperature of the upper atmosphere seems to be very small 
contrary to the observed strong W-effect and the day-night fluctuations 


VY. Annual Effeets 


Finally a third, stronger effect seems to remain for all satellites above 200 km 
From the end of August 1958 till November 1959 the acceleration of 
Vanguard I increased by the factor 4 while the day-night variation was small, 
because the local time was about noon. In May 1959 this effect decrease again 
In August 1959 it was not sure whether there would be again an increase of the 
acceleration in September 1959. But this actually occured It is extremely 
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interesting to note that for Explorer I, e.g., the observed day-night variation is 
not constant in phase and amplitude, so that a further effect must be superposed 
with a time constant of several months [13). From an accurate analysis it is 
found that the pronounced minimum in July 1958 is repeated again in July 1959 
and in July 1960 (14). This annual variation of the maximum from September 
till April and of the minimum from May till August is now shown by at least 
ten satellites. Further, the existence of such an annual effect has had now a 
further independent proof from recent whistler observations [15'. They show 
the same annual variation of the electronic density in the outer exosphere during 
three years of observations. This fact gives a clear evidence that the electrons 
in the region of the whistler propagation originate from the terrestrial iono- 
sphere and do not belong to the interplanetary 
plasma. 

Fable Il. Annual Effect Also the form of the curves with the broad 
maximum and the narrow minimum and the 
slight secondary minimum at the beginning of 
the vear is extremely similar. 

The dependence of the amplitude of this 
annual effect on the altitude is quite different 
from the W-effect and the day-night variations 
as Table II demonstrates, and as has already 
been assumed by the author [16 

According to the continuous increase with altitude the air must be consid- 
erably heated also at altitudes greater than 300 km. 
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Annual effect and solar activity 


It seems quite impossible to explain this effect by the solar activity. In 
Fig. 7 the annual effect of Explorer I is compared with the sun spot number and 
the solar radio emission in the decimeter region. No correlation can be found. 
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From November 1957 to November 1958 a correlation seems to exist with the 
20 cm emission measured in Berlin. But afterwards it has totally disappeared 
So all results that have been derived under the invalid assumption that the 
variation of the solar radio emission shows a quite different behaviour in the 
20 cm region, and that the latter is the best and only extraterrestrial indicator 
for the satellites air drag, must be affected by crude errors [17], [18 

The explanation of the annual effect must probably be sought in the inter- 
action of the outer terrestrial atmosphere with the interplanetary material. The 
relatively slow increase of the amplitude with altitude may suggest an energy 
influx either from dissipated hydromagnetic waves originating from the boundary 
between the terrestrial and the interplanetary plasma or from heat conducted 
from the interplanetary material [19 

If this explanation is valid, the annual effect could be explained by the 
existence of an interplanetary wind which shifts the interplanetary plasma 
somewhat excentrically to the sun. In this case the earth would pass during the 
vear through regions in which the density of the interplanetary material would 
vary with an annual period. This explanation is strengthened by the fact that, 
during the minimum of the annual effect, the earth is on the foreside of the sun 


relative to its peculiar motion in the local stellar system. 
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